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CONSISTING OF 
CHAPTERS 12—15 


FOREWORD 


The Surface-To-Air Missile Series is part 
of a group of handbooks covering the engineer- 
ing principles and fundamental data needed in 
the development of ordnance equipment, which 
(as a group) constitutes the Ordnance Engi- 
neering Design Handbook Series. 

The Surface-To-Air Missile Series is initially 
comprised of seven numbered Parts, each of 
which is published as a separate volume and 
assigned an Ordnance Pamphlet (ORDP) num- 
ber. These designations, together with arrange- 
ment into Chapters and Chapter titles, are as 
follows: 


ORDP 20-291 PART ONE — System 
Integration 
Chapter 1 — Introduction 
Chapter 2 — Operations Research 
Chapter 3 — Systems Engineering 
Chapter 4 — Systems Test and 
Evaluation 
Chapter 5 — Logistics and Support 


ORDP 20-292 PART TWO — Weapon Control 
Chapter 6 — Fire Direction and 
Coordination 
Chapter 7 — Guidance and Control 


ORDP 20-293 PART THREE — Computers 
Chapter 8 — Computers 


ORDP 20-294(S) PART FOUR — Missile 
Armament (U) 
Chapter 9 — Warheads 
Chapter 10 — Fuzes 


ORDP 20-295(S) PART FIVE — 
Countermeasures (U) 
Chapter 11 — Electronic Countermeasures 


ORDP 20-296 PART SIX — Structures and 
Power Sources 
Chapter 12 — Power Sources 
Chapter 13 — Launchers 
Chapter 14 — Airframes 
Chapter 15 — Propulsion 


ORDP 20-297(S-RD) PARTSEVEN — 
Sample Problem (U) 
Chapter 16 — Sample Problem 


The seven parts comprising the Surface-To- 
Air Missile Series codify the interacting ele- 
ments which must be considered in defining 
an air defense problem and proceeding to a 
preliminary SAM system design concept. 
Because of the breadth involved and the phase 
of development covered, this series of hand- 
books does not contain the data required to 
design any component of the weapon system. 
Rather, the subjects are covered in a manner 
intended primarily to assist the systems 
engineer in recognizing and integrating the 
design parameters of a total SAM system. 
Additionally, it is hoped that the handbooks 
will: aid Ordnance engineers in drafting missile 
system requirements and evaluating resultant 
proposals, assist an expert in one field desirous 
of knowing the relation of his work to other 
component fields in the total missile system 
concept, and acquaint the new engineer with 
missile system development and associated 
problems. Extensive reference lists augment 
the text for those who wish to investigate 
derivations, proofs and design detail. 

Arrangement for publication of the hand- 
books comprising the Surface-To-Air Missile 
Series was made under the direction of the 
Ordnance Engineering Handbook Office, Duke 
University, under contract to the Ordnance 
Corps, U.S. Army. The copy was prepared by 
the General Electric Company,* Light Military 
Electronics. Department, Utica, New York, 
under subcontract to the Ordnance Engineer- 
ing Handbook Office. 

Comments on, and requests for copies of this 
handbook should be addressed to: Ordnance 
Engineering Handbook Office, Ordnance Liaison 
Group, Box CM, Duke Station, Durham, N.C. 


*H. P. Frankenfield — Project Manager; 
H. Edward Niebuhr — Editor 











PREFACE 


Part Six of the Surface-To-Air Missile Series contains Chapters 12 through 15. The subjects 
covered deal with the structural aspects of the missile system and the provision of power required 
by the missile and its ground support equipment. 

Chapter 12, “Power Sources”, presents information on both airborne and ground power sources 
(other than the missile propulsion unit). The data is presented to provide the systems engineer with 
the factors and design criteria to be considered in the selection of appropriate power sources for 
SAM application. 

Chapter 13, “Launchers”, discusses the physical and operating characteristics of various 
launcher types and the selection of appropriate launchers in terms of overall system requirements. 
Topics covered include launcher trainability, boost dispersion, rate of fire, launcher dynamics and 
auxiliary equipment. 

Chapter 14, “Airframes”, discusses both the aerodynamic principles of flight and the struc- 
tural design of the vehicle itself. The information is geared primarily to preliminary configuration 
selection studies and evaluation of proposed designs. The major areas of discussion are wing and 
body aerodynamics, composite aerodynamic design, structural weight estimation and aerodynamic 
heating. 

Chapter 15, “Propulsion’’, is concerned with the selection and evaluation of the missile power 
plant. The basic components and characteristics of rocket motors and engines are discussed in the 
framework of generalized rocket equations which will enable the systems engineer to include a 
reasonable power plant configuration in preliminary system studies. Liquid and solid systems are 
compared in terms of performance, cost, complexity, handling, and reliability. Also included is a 
section on air breathing engines and an appendix containing nomographs and typical design curves 
pertinent to solid and liquid rockets as well as nuclear propulsion systems. 
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CHAPTER 12 
POWER SOURCES 


12-1 INTRODUCTION 


This chapter presents information on power 
sources (other than the missile propulsion unit) 
applicable to surface-to-air missile systems. The 
data is presented to provide the systems 
engineer with the factors and design criteria 
to be considered in the selection or determina- 
tion of a power source or device for surface- 
to-air missile application. 


Power devices can be classified as ground- 
based and airborne. The power of the ground- 
based devices traverses the range from a short- 
duty-cycle unit portable by one man, to the vast 
facilities of a proving ground. Within the mis- 
sile the power requirements are dictated by 
guidance and control, arming and fuzing, fire 
direction, etc. 


An excellent survey of present and estimated 
future (5-20 years hence) power sources is pre- 
sented in reference 1. Table 12-1 taken from 
reference 1 presents a summary comparison of 
significant characteristics of present and fu- 
ture power sources capabilities. 


12-1.1 GENERAL REQUIREMENTS 


With the advancement of missile technology 
and correspondingly increased demands for elec- 
trical and fluid power, power sources must be 
considered an integral part of a weapon system 
from the initial stages of system development if 
advantages in weight, space, and performance 
are to be obtained.? Various measures of equip- 
ment acceptability are applicable to both the 
ground and airborne power sources. The most 
significant of these are reliability, storage life, 
safety, cost, and the ability to operate under ex- 
treme ambient conditions or physical orienta- 
tion. 


12-1.1.1 Ground Based 


Ground support electrical power requirements 
for surface-to-air missile systems may be sepa- 





rated into two categories: housekeeping power 
and critical power. 


Housekeeping power encompasses require- 
ments for air conditioning, lighting, and other 
general use. This power is usually needed for 
extended periods of time and is usually referred 
to as standby power. The critical power is that 
power free from all transients, fluctuations, and 
oscillations which affects firing, guidance and 
control components, and circuits of the missile 
system. 


Missile systems require reliable, precise, elec- 
trical prime power. The nature of some fixed 
site surface-to-air missile system tasks has dic- 
tated the need for site electrical power genera- 
tion of both the standby and ready types. In 
some instances a rotating type reserve forms 
part of the requirement to assure the availabil- 
ity of reliable precise power. 


The requirements placed on ground support 
electrical power systems are many and varied. 
In general these include high mobility, trans- 
portability, light weight, small size, high capac- 
ity, and the capability of supplying precise elec- 
trical power sufficiently and economically with 
minimum logistic support. The power supply for 
tactical missile systems must possess the rug- 
gedness associated with military equipment to 
assure reliability under field conditions. For 
most mobile systems the electrical power must 
be readily available and usable and this alone 
has limited some sources, such as nuclear en- 
ergy, from currently receiving serious consider- 
ation for a practical supply. 


In the initial phase of the mobile SAM system 
synthesis, due consideration must be given to 
electrical power plant size and weight limita- 
tions. Such limitations are governed by the 
Berne International Tunnel; American and Eu- 
ropean highways; air and sea transportability ; 
and other specific mobility and transportability 
restrictions peculiar to the particular SAM sys- 
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TABLE 12-1. SUMMARY COMPARISON OF SIGNIFICANT CHARACTERISTICS 
OF PRESENT AND FUTURE ELECTRICAL POWER SYSTEMS 



















Fuel Cell 1-50* 






Thermoelectric 0. 005-50* 


Generator 
Thermionic 0. 001-50* 
Converter 









MHD 
Génergtor 


(Note 2) 





Solar Cell 0. 001-1* 


(Note 1) Maximum 
Power Range, KW Size, ft 3) KW Weight, lb/KW Thermal Efficiency 
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Gasoline 
Engine 
2-cycle 


0. 1-860 





Gasoline 
Engine 
4-cycle 





Diesel 40-500 








Gas Turbine 
(Regenerative) 


50-500 









Free- Piston 





180-500 





Rotary Engine 30-500 











Hot Air 
(Stirling Eng. ) 


15-30 0.03 












Vapor Engine 





50-500 0.15 


(Note 3) 













Chemical 'Ex- 
plosive' Eng. 





0, 1-150 





0.01 






1. Limited to 500 KW. 


tem under consideration. The load limitations of 
tracked and wheeled vehicles and trailers for 
carrying power plants should also be given 
proper consideration in the early stages of the 
system development. 


Overall efficiency of Army missile systems 
ground support electrical generating equipment, 
which is ultimately translated into pounds of 
fuel per brake horsepower per hour, is of prime 
importance. Fuel logistics comprise a major por- 
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Notes: *Estimated future capabilities -- 5-20 years hence 
2. Not expected to be competitive in power rating less than 1000 KW. 
3. Including boiler, condenser, and auxiliaries 


**From "Electrical Power Systems - Present and Future", Brown 
Engineering Co., Inc., Huntsville, Alabama, dated 29 September 1961. 
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tion of the Army’s supply effort. Low space and 
weight requirements of the electrical plant is 
also highly important. The electrical portion of 
the missile system must be capable of operation 
and have a life expectancy under the same en- 
vironmental conditions (altitude, humidity, ra- 
diological, chemical, temperature, etc.) as any 
other subsystem of the missile system. 


Safety, noise, crew comfort, infrared and 
spurious electrical radiations (signature) and 





similar undesirables should also receive due con- 
sideration. Precise power is essential particu- 
larly in the areas of voltage and frequency de- 
viation with their accompanying response and 
recovery times during fluctuating load condi- 
tions. Harmonics and generator reactances, such 
as transient and subtransient, are also highly 
important considerations including voltage drop 
due to the inductive reactance component of 
the 400 cycle impedance. Attenuation of certain 
harmonics can be accomplished through inter- 
positioning and shielding. 

The maze of cabling that is required to inter- 
connect the major subsystems of a mobile guided 
missile system drastically limits the minimum 
time required to place a system in operation and 
to take it out of operation. A considerable 
amount of training and practice is required to 
place a system in operation under adverse bat- 
tlefield conditions and minimize the chance of 
misconnections and malfunctions which would 
render the system inoperative and useless. To 
provide flexibility and simplicity in the mobile 
SAM emplacement, cabling must be avoided or 
held to a minimum. Where the use of power 
cables is unavoidable, they should be of a par- 
ticular type to distinguish them from. other 
cables. 


12-1.1.2 Airborne 

The power level of an airborne power source 
will generally be less than 50 horsepower with 
an operating time under 20 minutes. In addition 
to a-c and d-c electrical power, control power 
(hydraulic or pneumatic) must be furnished 
with a typical ratio of 60 percent control power 
to 40 percent electrical power. 

An airborne source should be of minimum 
size and weight and packaged to withstand 
severe environmental conditions. The ground 
environmental problems are readily realized 
when one considers that a missile may be stored 
for long periods at temperatures varying from 
—65°F to +150°F, subjected to rough handling 
in field transportation, and yet expected to 
provide its own power instantaneously, when 
coupled with extreme in-flight environmental 
conditions (sustained accelerations up to 50 g’s, 
ambient temperature from —65°F to +300°F 
or more, random high g vibration throughout a 
broad frequency range, etc.); the problem of 
maintaining power with desirable character- 


istics also becomes significant. Frequency regu- 
lations is essential for proper operation of 
gyros, oscillators, phase references and other 
such devices, while voltage regulation may be 
very critical for circuitry and reference voltages 
used in missile electronics. 

The above characteristics as well as hydraulic 
flow and pressure regulation must be main- 
tained throughout the environment. outlined 
previously. 


12-2 GROUND BASED SOURCES 
12-2.1 INTRODUCTION 


For the ground based application it is first 
necessary to establish the approximate maxi- 
mum load and then provide for a growth factor 
above this. It is recommended that this factor 
be at least 33 percent. When the total kilowatt 
power requirements are known, one must then 
consider the two basic types of requirements, 
housekeeping power, and critical power. 

The critical power includes portions of the 
power requirements for radar, prelaunch main- 
tenance, test and checkout, prelaunch missile 
warmup, and probably launcher and radar 
tracking drives, for which close regulation and 
control must be maintained. 

In the majority of missile systems the ex- 
ternal power frequency required for warmup 
and test is 400 cps or higher. In the area of 
prime power requirements for Army missiles, 
particularly mobile field Army missile systems, 
industry has generally standardized on 400 
cycle 120/208 grounded wye, although some 60 
cycle power finds limited application at fixed 
installations. 

Several approaches are available for provid- 
ing this ground based power including com- 
mercial utility power (for housekeeping), diesel, 
gasoline engine or gas turbine motor generator 
sets, batteries or fuel cells (primarily for emer- 
gency or standby purposes) or other direct con- 
version devices. Requirements range from a 
portable one-kilowatt, for one-hour unit to sys- 
tems providing power in excess of 5,000 kilo- 
watts for fixed installation area defense sites. 
Ground support electrical power supplies for 
surface-to-air missile systems currently in use 
consist primarily of diesel power generator 
units. Some Army vehicles utilizing an electri- 
fied drive are undergoing test. A standard prime 
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power supply (usually a diesel) drives an elec- 
trical generator which, in turn, supplies power 
to individual wheel motors. When such a vehicle 
is at rest it could function as a source of electri- 
cal power. The obvious advantage is the elimina- 
tion of a motor-generator set from the mobile 
missile system. 


The HF45D (Corps of Engineers) is a 400 
cycle 45kw diesel driven unit that finds wide 
usage in field army missile systems. Gasoline 
driven generators are rarely considered for this 
application. Although the turbine is seriously 
challenging the diesel, it appears that it and 
other types of prime power sources will not re- 
place the diesel in the immediate or near future. 
Practical optimized fuel cells, when they become 
available, will in many instances challenge con- 
ventional methods of missile ground support 
electrical generation and find varied application 
for field army mobile missile systems. However, 
the fuel cell, for example, as a descendent of the 
gas cell was demonstrated more than a hundred 
years ago and in spite of substantial research 
effort the system still ranks behind most sys- 
tems from a standpoint of output power-to- 
weight ratio. Fuel cells can be generally classed 
as primary batteries with the active materials 


stored outside. In their existing state they re- 
quire a major improvement to merit serious 
consideration for mobile field army application. 
In addition, the fuel cell and all of the more 
promising thermionic generators are direct cur- 
rent generating devices that require additional 
equipment for conversion to alternating current 
in order to meet the heavier ground support 
demands. Some of the thermoelectric devices 
present the same problems. For future develop- 
ments, comparative data on possible 200kw and 
500kw power systems are shown in Tables 12-2 
and 12-3, respectively. 


One approach for fixed sites is to utilize com- 
mercial power under normal conditions for 
housekeeping with engine-generator or motor 
generators for critical power. For emergency 
conditions, provisions should be made to supply 
all power from facilities at the missile base. 
This approach normally requires control regula- 
tion and switching functions in a central distri- 
bution station. Where very small critical power 
loads exist (one or two kilowatts), substations 
with stepdown transformers and small rotary 
converters are located at the use point. This pro- 
cedure lowers transmission losses of high volt- 
age power over most of the distance. A block 


TABLE 12-2. COMPARATIVE DATA ON POSSIBLE 200 KW POWER SYSTEMS 


Sai Component Weights Total Weight Fuel Consumption 
pi (pounds) (tons) (tons /day) 


(A) Diesel.Turbogenerator 2,130 engine 


1,100 generator 
200 miscellaneous 


(B) Gas Turbine Generator 260 engine 


250 heat exchanger 
1,100 generator 
100 miscellaneous 


(C) Nuclear Gas Turbine 


(F) Nuclear Thermionic- 
Thermoelectric 


(H) Hydrogen Fuel Cell 


(K) Fused Carbonate Cell 
(without separate gasifier) 


(M) Hypothetical Fuel Cell 


12-4 








- TABLE 12-3. COMPARATIVE DATA ON POSSIBLE 500 KW POWER SYSTEMS 


Component Weights Total Weight 
(pounds) (tons) 


Diesel Turbogenerator 


Gas Turbine-Generator 


Nuclear Gas Turbine 


Nuclear Thermoelectric 
Nuclear Ther mionic 


Nuclear Thermionic- 
Thermoelectric 


ML~-1Reactor 
Hydrogen Fuel Cell 


Fused Carbonate Fuel Cell 
(with separate gasifier) 


Fuel 
Consumption 
(tons/day) 


4,100 engine 3.18 - 3.36 
2,500 generator 


500 miscellaneous 


500 engine 

450 heat exchanger 
2,500 generator 

200 miscellaneous 


50, 000-60, 000 core 
and shielding 


6, 000-12, 000 turbine 
and generator 


16, 000 heat exchanger 


variable 


30, 000 cells 
40, 000 gasifier 


Fused Carbonate Fuel Cell variable 


(without separate gasifier) 


Regenerative Fuel Cell 


60, 000 heat source 


90, 000 cells, etc. 


variable 


Hypothetical Fuel Cell 


diagram of a typical system is shown in Figure 
12-1. 


12-2.2 PRIMARY GROUND SOURCES — ROTARY 


Power supplies currently in use are predom- 
inantly of the rotary type, the greatest portion 
being diesel power generator units. At lower 
levels (under 100-150 kw) gasoline engines are 
competitive, and over the entire power range, 
gas turbines are suitable for short time power 
usage. 

Turbines have also been suggested as auxil- 
iary prime movers for electrical generation as a 
supplement to a diesel source. In such applica- 





tions the diesel supplies the base load and the 
turbine the peak loads. MHD (magnetohydro- 
dynamics) generators have been suggested for 
a somewhat similar application except that they 
would be called upon to supply a much larger 
amount of peak power for a much shorter period 
of time. 


In addition to the prime mover, the generator, 
exciter and control components must be con- 
sidered. Two basic types of generators defined 
by constructural factors are in use: the light- 
weight aircraft type, and the relatively heavy, 
longer life, semi-industrial type. For a fixed or 
semi-permanent installation, the latter is gen- 
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Figure 12-1. Elements of a Permanent Ground Power Installation 





erally a better choice. A comparison of two 30- 
kilowatt 400-cycle machines with associated 
equipment and similar regulation and control 
characteristics is presented in Table 12-4. 


Although the use of the aircraft type results 
in considerable weight reductions, other factors 
must be considered. The maintenance time on 
the aircraft type will normally be higher due to 
more stringent design requirements. Reliability 
of the aircraft unit is low in comparison to the 
industrial unit. 
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There are many environmental factors which 
must be considered in the design and selection 
of a rotary power source. These factors are de- 
tailed in MIL specifications, the more pertinent 
of which are reflected in Table 12-5. 


Weight, size and specific fuel consumption are 
interrelated and the best approach is to compare 
specific weight (pounds of power plant per shaft 
horsepower-hour) and specific fuel consumption 
(pounds of fuel per horsepower-hour) at vari- 
ous power levels for different types of units. 








TABLE 12-4. COMPARISON OF POWER GENERATOR UNITS 


Semi-Industrial Type Aircraft Type 


Generator and Exciter 


Weight 450 pounds 76 pounds 


Speed 3460 rpm 6000 rpm 
Size 18" diameter 11'' diameter 
36" length 13" length 
Design Life 5000 hours 1000 hours 
Regulator 
Weight 25 pounds 13 pounds 





Total System Weight 475 pounds 89 pounds 


TABLE 12-5. MILITARY SPECIFICATIONS APPLICABLE TO GROUND SUPPORT 


Basic Specification Number 


MIL-M-4803 General requirements for precise 
400 cps motor generators, electric 
drive 


MIL-E-4970 Environmental testing, ground 
support equipment 


MIL-E-5272 Environmental testing under simu- 
lated and accelerated environmental 
conditions 


MIL-G-6099 Requirements for a-c generators 
and regulators 


MIL-E~6 449 General gas engine requirements 

MIL-M-8090 Mobility of towed or self-propelled 
equipment used for ground support 
of aircraft and missiles 


MIL-E-11275 Industrial gasoline engine require- 
ments 


MIL-E-11276 Industrial diesel engine require- 
ments 


MIL-G~-26727 General requirements for diesel 
engine drive 60 cycle M-G sets 
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(See Figure 12-2.) This figure also reflects a 
good design center curve for various engines 
and turbines and Figure 12-3 shows specific 
fuel consumptions for these engines. Overall 
generator-exciter conversion efficiencies nor- 
mally range from 80 to 85 percent. As electrical 
component weights may vary widely, depending 
on specific requirements, a particular unit must 
be studied in conjunction with a given prime 
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mover. Knowing the weight and efficiency of 
electrical components, the overall system weight 
and specific fuel consumption may be obtained 
for initial selection purposes. A comparison of 
characteristics of three rotary power sources 
is shown in Table 12-6. A more detailed qualita- 
tive comparison of the general characteristics 
of diesel and gas turbine engines is shown in 
Table 12-7. 
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Figure 12-2. Specific Weight of Rotary Power Sources 


GAS TURBINES AND ENGINES FOR DATA PLOTTED ON FIGURE 12-2 


1. diesel 

2. automotive — diesel 

3. locomotive — diesel 

4. diesel 

5. radial — diesel 

6. diesel 

7. gasoline 

8. compound — diesel 

9. compound — diesel 
10. turbo-compound — gasoline 
11. compound — diesel 


12. diesel 





13. gas turbine 

14, gas turbine 

15. outboard motors: 2% and 35 hp — gasoline 
16. gas turbine 

17. automotive — gas turbine 
18. gas turbine 

19. gas turbine 

20. gas turbine 

21. gas turbine 

22. gas turbine 

23. gasoline 

24. diesel 
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Figure 12-3. Specific Fuel Consumption of Rotary Power Sources 


GAS TURBINES AND ENGINES FOR DATA PLOTTED ON FIGURE 12-3 


1. diesel 13. gas turbine 
2. automotive — diesel 14. gas turbine 
3. locomotive — diesel 15. outboard motors: 2% and 35 hp — gasoline 
4. diesel 16. gas turbine 
5. radial — diesel 17. automotive — gas turbine 
6. diesel 18. gas turbine 
7. gasoline 19. gas turbine 
8. compound — diesel 20. gas turbine 
9. compound — diesel 21. gas turbine 
10. turbo-compound — gasoline 22. gas turbine 
11. compound — diesel 23. gasoline 
12. diesel 24. diesel 


TABLE 12-6. COMPARISON OF ROTARY TYPE GROUND POWER SOURCES 


Specific Cold 
Fuel Weather 
Consumption Reliability Starting 


Diesel i J i Excellent for use 
above 100-150 kw. 


Gas i i j Low weight/horse- 
Turbine power; good for 
short runs 


Gasoline i Suitable at low power 
Engine levels 
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TABLE 12-7. QUALITATIVE COMPARISON OF 
THE GENERAL CHARACTERISTICS OF DIESEL 
AND GAS TURBINE ENGINES 


Ratio of Weight to KW Output 






Ratio of Volume to KW Output 
Operation Off Leak Power 















Operation at Altitude 
Cold Start Characteristics 
*Fuel Consumption 
Oil Consumption 
Auxiliary Power 
Overhaul Period 
Overhaul Time Required 





Changeover Time in Event 
of Failure 


Vibration 
Noise Level 


*Gas Turbine Based on Recuperative Engine in the 1965 Time 
Period 


12-2.3 PRIMARY GROUND SOURCES — 
BATTERIES 


Batteries are generally used in ground sys- 
tems for standby purposes. Characteristics of 
predominant battery types are shown in Table 
12-8. 

Additional information on primary (not ca- 
pable of being recharged) and secondary (ca- 
pable of a number of charge and recharge 
cycles) batteries is shown in Table 12-9. For 
comparison purposes this table includes also 
characteristics of a fuel cell. 


12-2.4 SECONDARY GROUND SOURCES 


Ground based power systems include electric 
power converters, inverters and regulators, hy- 
draulic pumps and air compressors. In conver- 
sion or changing of frequencies, rotary con- 
verters would be used in the kilowatt region 
while solid state devices are used at lower levels. 
Metallic rectifiers are excellent for providing d-c 
power from a-c sources as they require less 
maintenance, are smaller in size and weight, 


TABLE 12-8. GUIDED MISSILE TYPE BATTERY CHARACTERISTICS 


Lead Acid 


250-400 
cycles 


Recharge 
cycle 


3000 cycles 


Useful 2-25 
life years 


Energy -to- - 
weight ratio hr. per 


pound 


Self dis- 
charge 
rate 


20-30% 
per month 


20-40% per 
year 


Advantages Low cost 
recharge 


capability 
2. Rugged 


3. Operable 
over a wide 


temperature 


range. 


Disadvan- 

tages 
2. Highly 
corrosive. 
3. Poor 
voltage 
versus 
time 
relation. 
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20-25 years 


10-12-watt- 


1. Excellent 


1, High cost 





Zinc 
Silver Oxide 


20 cycles 
for 6 months 
6 months 

30 watt- 


hour per 
pound 


7 watt-min. 
per gm/cell 


20-30% 
per year 


1. High output 
per volume. 
2. Excellent 


storage capa- 
bilities. 


1. Good voltage 
versus time 
relation 


2. Constant 
voltage during 
discharge 


3. Good shelf 
life. 


1, External 
power re- 
quired to heat 
electrolyte to 
above melting 
point (30°F). 


2. Reliability 
an unknown 
factor. 


High cost of 
basic materials. 





a 
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and generally are more reliable than equivalent 
rotary devices. 


At levels of approximately 2 kw and less, 
transistors, silicon diodes, and other semi-con- 
ductor devices are competitive with rotary de- 
vices for frequency conversion. High efficiency, 
absence of moving parts, and low weight and 
size are the major advantages. To provide in- 
version with a battery driven system, rotary or 
vibrator supplies are usually utilized. The avail- 
ability of improved solid state devices has led to 
the extensive development of static inverter 
circuitry. Solid state inverters, both single- and 
three-phase, up to 5 KVA with 1 percent voltage 
regulation and frequency stability down to 0.001 
percent are available. These devices should be 
considered due to reliability, lower weight and 
size, and high efficiency (80 percent or more). 
Magnetic amplifiers at high power levels and 
tubes or transistorized circuits at low levels are 
generally used for voltage regulation with regu- 
lation of better than 1 percent obtainable. 


Induction motor driven pumps, and variable 
displacement, multiple piston types are avail- 
able for hydraulic supplies. High pressure air is 
often required for missile testing and require- 
ments may be satisfied by rotary or multi-stage 
reciprocating piston electric motor driven com- 
pressors. Equipment selection is mainly depend- 
ent on the specific application. It is sometimes 
feasible to drive the compresor and hydraulic 
pump directly off the primary source engine. 


12-2.5 EMERGENCY GROUND SOURCES 


In the case of fixed or semipermanent surface- 
to-air missile systems, provision must be made 
to permit missile launching and guidance in case 
of loss of utility power. If the local utility power 
is lost, the emergency ground power system 
should be of sufficient capacity to carry all es- 
sential loads necessary to launch the missile. 
Standby motor generators are predominantly 
used for the critical power and base essential 
utility power, while batteries are used for emer- 
gency lighting. These batteries would normally 
be lead-acid types although unusual environ- 
ments may dictate the use of nickel cadmium 
batteries. An additional possibility would be the 
use of one-shot (reserve) batteries. Provision 
for battery charging equipment must be made in 
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the basic power distribution system if seconda 
batteries are to be utilized. 


12-3 AIRBORNE POWER SOURCES 


12-3.1 INTRODUCTION 


For a specific power requirement many typ: 
of power source would be discarded from tl 
start. The more desirable types would then | 
thoroughly studied before a final selection of tI 
particular type of power source is made. In tt 
selection of power sources there are many pa) 
ameters to be considered; however, weigt 
power requirements, and operating time ar 
considered the most essential. In Figure 12- 
the weights of various prime and secondar 
sources are shown as.a function of the nominé 
horsepower requirements. The inverter curve i 
for rotary type inverters. These values are var} 
able depending on the operating time. Figure 
12-5 and 12-6 reflect system specific weight as . 
function of operating time for various source 
at 5 and 20 horsepower. For several reason 
(reliability, environmental problems, etc.) th 
gasoline engine is not considered competitiv: 
but is shown for comparison purposes. Nev 
types of reciprocating engines (reduction-ex 
pansion) would fall close to or below the curve 
shown and may be subsequently applicable fo1 
runs of over one to two minutes. The curves are 
based on electric-to-total power ratio of 50 per. 
cent, which is somewhat high.* These curves 
should therefore be weighted in favor of a hot 
or stored gas type system for actuating a hy- 
draulic pump or accumulator. The hot gas servo 
eliminates the hydraulic system requirements, 
but it is practical for short runs only since hot 
gas servos have not been built in the higher 
power ratings. It should be noted, however, that 
the operating time of the gas generator is the 
same regardless of whether it is used directly 
as the working fluid, as in the hot gas servo, or 
whether its energy is converted into hydraulic 
power. The length of operation is determined by 
the characteristics of the propellant or the gas 
generant. Some general conclusions can be 
drawn from the curves. The flywheel, with 


*In a survey of 40 missiles’, it was found that the power 
split was approximately 60-40 hydraulic to electric with 
a tendency to increase to possibly 70-30 as transistor 
circuitry replaces higher power tube circuits. 
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Figure 12-4. Specific Weight of Airborne Power Sources at Different Power Levels 


(Courtesy R. W. McJones, Vickers Inc.®) 





12-13 


COMPRESSED GAS 


LY 
A) 
a 


Pa 
2 


om i | 
Tr 
iL 


50% HYDRAULIC (PROVISION FOR 100% OVERLOAD FOR | SECOND 
50% ELECTRIC (ALL A-C OR 1/2 A-C 1/2 D-C AS CONVENIENT) 


pr a= te (= 
i COR Kes ae AS a (AT (,  () 
eri T Teter ae 
EEE amet EL 


50% HYDRAULIC (PROVISIONS FOR 100% OVERLOAD FOR | SECOND) 
50% ELECTRIC (ALL A-C OR 1/2 A-C 1/2 D-C AS CONVENIENT) 











proper means of bringing it to speed immedi- 
ately prior to launch (possibly externally sup- 
plied, high pressure air) and sufficient develop- 
ment, may be practical for runs of one minute 
or less. For operating times under three minutes 
and over ten horsepower, the monopropellant 
hot gas turbine will generally be most satisfac- 
tory, while for over three minutes the battery 
becomes competitive and will, with proper de- 
sign, providing the lightest, most compact, sup- 
ply. Advances in gas generants and hot gas 
servo-mechanisms could possibly give the weight 
advantage to this type system for the higher 
power ratings in the near future. 


Having selected the one or two best methods 
for the prime mover one must consider the type 
of electrical power required. The trade-off point 
between d-c battery power and a-c is approxi- 
mately 60 percent a-c. Above this figure the tur- 
bine driven alternator is the best approach. At 
divisions less than this, batteries can safely be 
used. It is in an area of 40 to 60 percent a-c that 
all factors must be considered. If a turbine drive 
is normally available and all the a-c required is 
at one frequency, or several different d-c voltage 
levels are required, the alternator is best. How- 
ever, for multiple frequency requirements a 
battery and static inverter are more desirable. 
When an alternator is utilized, the frequency at 
which it will operate must be evaluated. Figure 
12-7 gives the approximate weight, volume, and 
efficiency for a 750 watt machine as a function 
of frequency. Figure 12-8 shows similar data 
for the 400 va transformer. The advantages of 
high frequencies are readily apparent.® 


12-3.2 PRIMARY AIRBORNE SOURCES — 
ROTARY 


Gas generators and turbines are used to pro- 
vide hot gas for the prime source of missile 
auxiliary power. There are three major sources 
of hot gas generation: solid propellants, liquid 
monopropellants and liquid bi-propellants. The 
last is rarely used in surface-to-air missile ap- 
plications as the tanks, complex metering, and 
mixing valves and controls required produce 
high weight for the system’s limited operating 
time. 

The gas produced by either combustion or de- 
composition of the fuels in a hot gas system is 
utilized to drive a turbine which in turn runs 
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Figure 12-7. Weight, Volume, and Efficiency of a 
750 Watt Alternator (Less Housing and Bearings) 
at Different Generation Frequencies 
(Courtesy R. L. Zimmerman, Electrical Engineering Magazine) 
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Figure 12-8. Weight and Volume of a 400 VA 
Transformer at Different Frequencies 
(Courtesy R. L. Zimmerman, Electrical Engineering Magazine) 


such units as pumps and alternators. One alter- 
native, the hot gas servo, has considerable po- 
tential for short run, low power requirements 
and eliminates use of hydraulic driven actu- 
ators, replacing them with the hot gas driven 
actuators. A diagram showing a typical solid 
grain system is shown in Figure 12-9. Normally, 
solid propellants are more applicable to short 
run, low power missiles while a monopropellant 
finds application in a longer run, medium power 
system. 
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Figure 12-9. Typical Solid Propellant Hot Gas Power Source 


Figures 12-10 and 12-11 provide a comparison 
between the weight of gas generator systems 
using solid fuels and those using liquid fuels.‘ 
Fuel weight and gas generator weight (com- 
prised of fuel, storage containers, pressurization 
equipment, combustion chamber, and associated 
valving and piping) are plotted versus isen- 
tropic gas power and duration of operation. 

Solid propellants currently under considera- 
tion are of two types: double base and com- 
posite. Double base propellants are homogenous 
in nature consisting of a plasticized nitro- 
cellulose-nitroglycerin base with various addi- 
tives and containing the oxygen necessary for 
combustion within the molecules of the com- 
pound. 


Composite propellants consist of a fuel (liquid 
rubber or synthetic resin) and a solid powdered 
oxidizer (ammonium perchlorate, potassium per- 
chlorate, or ammonium nitrate) which are 
mixed mechanically, formed into the desired 
shape and hardened by curing processes. 


Most solid propellant compositions (both 
double base and composite) have been developed 
for propulsive applications where high energy 
is desired. They are not directly applicable to 
APU’s because of their high burning rates, high 
temperatures and high pressures. The combus- 
tion products of some of these compositions con- 
tain solid compounds or corrosive gasses which 
are objectionable because they plug or corrode 
orifices or other working parts. 
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For APU applications specially formulated 
compositions are required to operate reliably at 
lower pressures and with cooler combustion 
products and lower burning rates. Flame tem- 
peratures and burning rates of double base com- 
positions can be reduced by adjustments in the 
concentrations of nitroglycerine and inert plas- 
ticizers and by the addition of special rate de- 
pressant ingredients. Flame temperatures and 
burning rates of composite propellants can be 
controlled by the ratio of oxidizer to fuel and 
type of oxidizer and type of fuel. Of the common 
oxidizers, ammonium nitrate has the lowest 
burning rate and cleanest products. Potassium 
perchlorate composites are not generally suited 
for APU’s because of the solid combustion prod- 
ucts and high burning rates. 


Specific compositions must be carefully selec- 
ted depending upon the operating characteris- 
tics required for the unit. For relatively short 
operating times a somewhat higher flame tem- 
perature can be tolerated which will assist igni- 
tion, reduce the tendency for carbon formation 
and provide higher specific impulse. 

For*APU’s a solid end-burning grain is nor- 
mally used which is loaded into the chamber so 
that one end surface with constant burning area 
is exposed. Maintaining a constant burning area 
produces a constant pressure throughout the 
cycle which is desirable for control purposes. 
Unusual shapes may be cast for special applica- 
tions. Combinations of two or more propellants 
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Figure 12-10. Gas Generator Weight and Fuel 
Weight Versus Isentropic Power and Duration Time 
for a Solid Fuel of |, = 175 Seconds 


(Courtesy R. .W. Mann, 
Symposium on Auxiliary Power for Guided Missiles*) 


can be used for specific performance require- 
ments. For example, a relatively high rate boost 
phase may be required for initial pressurization 
or acceleration and a longer sustain phase re- 
quires at a lower rate of gas generation. 


The case must be designed with sufficient 
strength and high temperature capabilities to 
contain the combustion gases during operation. 
For APU’s the grain may be formed within the 
case such that grain and case (including the 
ignition system) and nozzle form a single re- 
placement unit. 


Ignition is usually accomplished by an elec- 
trically fired squib. The squib contains black 
powder which flashes on ignition, raising in- 
ternal temperature and pressure to a point suffi- 
cient to ignite the grain. 
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Figure 12-11. Gas Generator Weight and Fuel 
Weight Versus Isentropic Power and Duration Time 
for a Liquid Monofuel of |,, = 175 Seconds 


(Courtesy R. W. Mann, 
Symposium on Auxiliary Power for Guided Missiles") 


The advantages of solid propellants are high 
reliability, ease of storage and handling, high 
density and lack of complex valves and controls. 
The major disadvantage is that the burning rate 
and gas pressure cannot consistently be con- 
trolled after ignition. For this reason solid pro- 
pellants are not readily applicable to APU’s 
having variable power level requirements. 


Monopropellants are liquid fuels which de- 
compose exothermically under proper environ- 
mental conditions to produce large quantities 
of gas. No oxidizer is required for this system. 
For surface-to-air missile applications there are 
five fuels being utilized or considered: hydra- 
zine, hydrogen peroxide, ethylene oxide, normal 
propy] nitrate and unsymmetrical dimethy] hy- 
drazine. A summary of the characteristics of 
these fuels is shown in Table 12-10. 
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TABLE 12-10. A COMPARISON OF VARIOUS MONOPROPSELLANTS 


Monopr ope liant Hydrazine* Hydrogen Peroxide 
Characteristice 75% $$ 25% 90% 95% 










Adiabatic Flame: 1490 2180 1370 1580 


Temperature 



















Isentropic Work 650 755 365 410 


BTU/ pound 










177 191 133 





Specific Impulse 
~8econds 









Theoretical SFC 
Pounds /HP-Hour 









Specific Gravity 
at 68°F 









Weight- Pounds per 
Galion at 68°F 





Boiling Point 






Freezing Point 










Auto Ignition 
Temperature (°F) 









Heat of Decomposition 1300 


BTU/ Pound 
Cost-Dollars/ Pound 






0. 15 





3.00 
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State of Hardware Excellent Excellent Excellent 
Development - 
Storage and 
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Shock Sensitivity Excellent 












Fair Poor 






Low Corrosiveness 
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Good Poor 
Difficult 


Storage Properties Excellent 
















Difficult Not Fairly 


Difficult 


Ease of Toxicosis 





4.7 3.0 











% Lean Explosive 
Concentration in 
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*Action of ammonia dissociated to No + Hy C = Cartridge 
ie S = Spark 
98% dissociation G = Glow Plug 
W = Hot Wire 
**Letters refer to method A = Catalyst 
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In a monopropellant system, fuel is stored in 
a tank within the missile prior to launch and 
is forced into the decomposition chamber by 
pumping or displaced gas methods, as indicated 
in the representative system of Figure 12-15. 
Pumping is most applicable to long run systems 
having wide variations in load power, while the 
latter is better for short runs. A displaced gas 
system contains a high pressure inert gas reser- 
voir and employs a one-shot valve, squib or 
solenoid actuator which permits the gas to dis- 
place the fuel in the storage tank into the com- 
bustion chamber at a constant rate. The main 
advantages of the displaced gas system are sim- 
plicity and positive operation. 


Considerations in monopropellant fuel selec- 
tion include burn temperature and pressure, 
volume, and weight for a given fuel system, the 
combustion products, storage capabilities, han- 
‘dling, safety and ease of decomposition ; i.e., cer- 
tain fuels will decompose in the presence of a 
catalyst while others require special heating 
techniques such as hot wire, glow plug or spark 
plug. 

Hydrazine has advantages which embrace a 
high level of development with relative ease of 
handling, high boiling point and low weight and 
volume per horsepower-hour. A problem area 
is the high freezing temperature with conse- 
quent storage problems and the highest cost per 
horsepower-hour of the fuels. 


Hydrogen peroxide is a monopropeliant fuel 
and it is widely used as an oxidizing agent in 
bi-propellant systems. Although many com- 
pounds show better performance in certain 
areas, the cost, availability, ease of decomposi- 
tion (catalysis), high boiling point, and heat of 
decomposition have made it an attractive agent. 
Major drawbacks are handling and storage 
problems (hydrogen peroxide tends to decom- 
pose naturally in storage or on contact with 
many materials), high freezing point, and high 
oxidizing properties. The high oxidizing char- 
acteristic is particularly serious since materials 


such as wood will flash on contact with highly | 


concentrated hydrogen peroxide. 


Ethylene oxide, (ETO), is suitable for use in 
monopropellant APU’s due to low weight per 
unit volume, high self-ignition temperatures, 
lower flame temperature, and fairly high heat 


of decomposition. The major drawbacks of ETO 
are high toxicity, low boiling point, poor stor- 
age capabilities and handling problems result- 
ing from its hazardous nature. Low concentra- 
tions of ethylene oxide can readily create explo- 
sive atmospheric conditions. 

Normal propy! nitrate, (NPN), has been used 
very little due to explosive incidents resulting 
from mishandling during early investigations. 
It possesses properties which potentially make 
it very competitive with ETO. These are heat of 
decomposition, flame temperature, high boiling 
point, low toxicity, clean burning and ease of 
storage. 

Little experimental data is available pertain- 
ing to the use of unsymmetrical dimethyl hydra- 
zine (UDMH) for APU purposes. One major 
advantage of UDMH over hydrazine is its much 
lower freezing temperature and consequent bet- 
ter cold weather handling and storage capabil- 
ities. UDMH is cheaper than hydrazine while 
possessing many of its properties. 


The pumped liquid monopropellant system is 
best at operating times of two to five minutes 
and power levels of 10 to 20 horsepower. A 
specific fuel consumption of 35 pounds per 
horsepower-hour is desirable assuming a 25 per- 
cent turbine efficiency. A solid propellant dis- 
placed gas system would be 10 to 20 percent 
heavier than the pump system. For operating 
time over five minutes, the weight for a mono- 
propellant system increases rapidly and a bat- 
tery is more desirable. For shorter intervals the 
displaced gas or the solid grain approach is 
practical. 


12-3.3 PRIMARY AIRBORNE SOURCES — 
STORED GAS 

Stored gas was initially used in short range 
systems. The primary reasons for this were re- 
liability and ease of activation. However, with 
development of lightweight high efficiency 
monopropellant gas generators and solid propel- 
lants, the utilization of stored gas has been rele- 
gated to very short runs of less than 14 minute 
(Figure 12-5). Assuming that the use of stored 
gas is considered, the normal components re- 
quired are a storage tank, a one-shot valve and 
a pressure-flow regulator. The regulator is one 
which holds the pressure constant to the tur- 
bine, despite dropping input pressure and vari- 
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ations in flow required. The one-shot valve, nor- 
mally squib or solenoid actuated, is electrically 
operated by an external source prior to activa- 
tion. Storage pressures in excess of 3000 psi are 
required since, due to pressure drop, less than 
half the air actually stored can be utilized. Nor- 
mally the output pressure of the regulator will 
be 1000 psi or less. 


12-3.4 PRIMARY AIRBORNE SOURCES — 
BATTERIES 


Batteries are functionally classified as pri- 
mary types (which have non-reversible reac- 
tions and are discarded when sufficient energy 
can no longer be obtained) and secondary types 
(which have reversible reactions and may be 
recharged). The primary types are further sub- 
divided into permanently activated types such as 
dry cells which merely require closing the cir- 
cuit, and the one-shot or reserve battery (ther- 
mal or dry charged silver-zinc) which is acti- 
vated by heat or by adding electrolyte. Batteries 
are, in general, competitive over a wide time and 
power spectrum and are an excellent compro- 
mise for longer runs (three minutes or more) 
regardless of requirements. Batteries are reli- 
able, compact, relatively easy to check out (re- 
serve batteries being an exception), and avail- 
able over wide ranges of voltage and current 
ratings. On the negative side, they tend to have 
poor regulation and stability for large changes 
in load power, may have low ambient tempera- 
ture problems (freezing of electrolyte), and 
have relatively poor shelf life. 


Factors which should be considered in the 
selection of a battery are: 
(a) watt-hours capacity per unit weight 
and per unit volume 
(b) regulation (output voltage as a func- 
tion of time for fixed load, for variable load and 
as a function of temperature) 
(c) length of reliable shelf life 
one-shot devices — indefinite 
dry cells and widely available sec- 
ondary batteries — 1 year 
(d) temperature range 
in storage —85°F to +165°F 
in operation —40°F with kits, with 
—656°F desired, to +165°F 
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(e) ruggedness (susceptibility, to shock, 
vibration, acceleration) 
vibration — 20 g’s, 30 to 2000 cps 
shock — 20 g’s lateral, 60 g’s fore 
and aft axis as installed in the 
missile 
(f) cost versus unit output 
(g) high rate discharge capabilities 
(h) recovery time (pertaining to recharg- 
ing of secondary batteries) 

The types of batteries most feasible for mis- 
sile airborne application are described in this 
section and pertinent characteristics are re- 
flected in Table 12-8 and Figures 12-12, 12-13, 
and 12-14. 





Figure 12-12. Packaging Efficiency of Common 
Batteries Versus Discharge Time 
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Figure 12-13. Voltage-Time Characteristics of 
Several Cells 
(Courtesy Proceedings of the IRE") 
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Figure 12-14. Packaging Efficiency and Specific 
Energy of Several Cells Versus Average Power Output 
(Courtesy Proceedings of the IRE*) 


The reserve, or one-shot type, incapable of 
complete pre-launch test, is stored or installed 
dry charged with the electrolyte in a separate 
container. Three methods, all electrically squib 
initiated, are used for transferring the electro- 
lyte and thus, activating the battery. The first 
is a gravity feed in which the squib punctures 
a diaphragm, permitting the electrolyte to flow 
into the case. The second method employs stored 
gas in which the squib opens a valve, permitting 
the separately stored gas to displace the electro- 
lyte from its container into the battery cells. The 
third employs the combustion gases from a solid 
propellant to move a piston, forcing the fluid 
into the battery. The reserve battery is approxi- 
mately twice as heavy and occupies about 2.6 
times the volume of a manually activated type. 
However, it is highly reliable and the advan- 
tages for rapid checkout and short count-down 
time for a quick launch system are considerable. 
Even with the greater weight this cell is still 
competitive on a weight and size basis with the 
nickel cadmium cell. Capacities of production 
batteries range from 0.1 to 100 amp-hours and 
up to 500 volts. The most common rating for 





missiles is 28 volts. Cost is the major drawback, 
with the cost per watt-hour over $1.00 for rela- 
tively long run batteries, (ten minutes or more). 
Voltage-versus-time characteristics are excel- 
lent. The reserve battery releases large amounts 
of hydrogen at discharge rates of over 15 amps 
per hour. 


12-3.5 SECONDARY AIRBORNE SOURCES 


As previously defined the secondary sources 
for an airborne system include the alternators, 
hydraulic pumps and motors, and other units 
which convert the already available mechanical, 
electrical, or hydraulic power into the desired 
outputs. The levels involved span fractional kw, 
or horsepower inverters, alternators, and mo- 
tors, up to large hydraulic pumps which circu- 
late fluid to meet 20 horsepower or larger de- 
mands in the longer range missiles. 


Figure 12-15 indicates the basic components 
of a monopropellant APU, with an alternator 
and pump driven off the turbine. However, the 
alternator may also be driven by a hydraulic 
motor. The advantage of this method is that it 
may be easier to control the speed of the hy- 
draulic motor, and thus the output frequency of 
the alternator, than to vary the flow of gas to 
the turbine to effect turbine speed control. Some 
efficiency is lost but the reduction in complex 
control components must be considered in a 
short range system. 


In addition to eliminating gearing from the 
turbine, use of a direct drive off the turbine is 
practical from a weight standpoint. To accom- 
plish this, high speed alternators (up to 60,000 
rpm) have been developed and special techniques 
(flux switching, permanent magnet or compo- 
site permanent magnet-electromagnet genera- 
tors) are required as shown in Figure 12-16. 
The flux switching method requires an external 
circuit for performing the switching techniques 
and provides more power for a given size unit 
than an induction alternator. These units have 
the magnets, either electro or permanent, or 
both, built into the stator such that the magnet 
does not rotate. The rotor is made of iron or steel 
laminations. They also have in common the 
property that the flux is actually reversed. Per- 
manent magnets provide the initial excitation, 
while electromagnets permit rapid control of the 
field excitation and thus operation under vari- 
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Figure 12-15. Elements of a Pumped, Monopropellant Power System 
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Figure 12-16. Composite Permanent Magnet-Electromagnet Generator 
(Courtesy R. L. Zimmerman, Electrical Engineering Magazine’) 
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able load. All connections are to the stator, and 
slip rings are eliminated. Typical performance 
for a 750-watt, 4-kc, 2400-rpm generator is 
given in Figure 12-17. 


Generally a multiple pump of either fixed or 
variable displacement is used depending on the 
percentage of hydraulic load variation during 
an operation. The fixed displacement pump is 
approximately one half as heavy as the variable 
displacement type for the same load and is more 
acceptable for short low variation runs (up to 
20 or 30 percent). Variations within these limits 
may be absorbed by an accumulator. Figure 
12-18 shows curves of specific weight as a func- 
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Figure 12-17. Performance of a 750-Watt, 2400-RPM Composite 


Electromagnet-Permanent Magnet Generator 
(Courtesy R. L. Zimmerman, Electrical Engineering Magazine’) 
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Figure 12-18. Specific Weight of Hydraulic Pumps 
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As with alternators, the ultimate desire is for 
pumps that will operate at turbine speed with- 
out reduction gearing. For medium horsepower 
requirements (20 to 30 horsepower), a specific 
weight of three pounds per horsepower for the 
alternator pump and all associated manifolds, 
flow line regulators and actuators is obtainable. 
This does not include the primary source and 
fuel supply. 

The electrical power package includes the in- 
verters, transformers, regulators, etc., neces- 
sary to provide the various levels of output elec- 
trical power from a single source. With a-c 
power applied through a transformer, selenium 
or silicon rectifiers (usually in a bridge circuit) 
are utilized. Regulation is provided by transis- 
torized series regulators. VR tubes would nor- 
mally be used at high levels (200 volts or more) ; 
however, several cascaded transistors may be 
used at high voltages. For conversion or inver- 
sion of power, rotary converters or vibrators are 
used. High powered transistors and the con- 
trolled rectifier have made possible converters 
and inverters of high efficiencies (over 80 per- 
cent) and greatly reduced size and weight, and 
permit operation at temperatures above 200°F. 
Voltage regulation of one percent (no load to 
full load) and harmonic content of five percent 
or less can be obtained. Separate rectifiers, reg- 
ulators, and filters are supplied for each voltage 
level. Direct current voltages should be standar- 
dized to three or four levels while filtering to 
one percent ripple should be sufficient. 


12-3.6 EMERGENCY AIRBORNE SOURCES 


Emergency power for the airborne system 
would include power utilized in the event of fail- 
ure of some portion of the missile system. Gen- 
erally the energy for such a source is stored in a 
one-shot battery, a compressed gas cylinder, a 
solid grain or an explosive device. The primary 
requisite is rapid positive action, with minimum 
size and weight. Again the electrically fired 
squib finds application as the means of actua- 
tion. Another approach is to utilize a solenoid 
held by the operating current. Failure of the 
current permits movement of the core, actuating 
a valve or firing a percussion cap. One of the 
major uses of emergency power would be in self- 
destruct circuits in which either a fail signal 
generated within the missile or destruct signal 
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from the ground would be utilized to initiate a1 
explosive train. 


12-4 FUTURE TRENDS 


The trend in missile systems power supplies i: 
toward development of new and unconventiona 
sources, particularly for ground and suppor 
requirements. Such development, however, is ¢ 
long term program and efforts will be directec 
primarily toward improvement of existing types 
of supplies. 

Major improvements must be made in the 
areas of increased reliability and environmental 
capabilities and also in increasing power-to- 
weight and -size ratios. More specifically, im- 
provements in terms of reduced fuel consump- 
tion, development of aluminum air-cooled reci- 
procating engines, higher frequency alternators, 
and battery systems capable of operation at very 
low temperatures are needed. 


Airborne applications will be concentrated 
along conventional lines for a considerable 
length of time. The future of the unconventional 
sources in surface-to-air missile airborne ap- 
plications appears limited for the following 
reasons. 


The efficiency of such sources is of a low po- 
tential (one exception being a fuel cell) and the 
power output to inert weight ratios for short 
time applications is comparatively low (note 
Figure 12-20). The potential to be realized in 
airborne sources is dependent on reliability im- 
provements, development of new reciprocating 
engines, development of high speed bearing ma- 
terials which will permit the use of direct tur- 
bine drives for alternators and pumps, and 
further developments in the hot gas servo field. 


An anticipated battery development is the re- 
lease of production quantities of a new silver- 
oxide zinc battery having a power-to-weight 
ratio of 100 watt-hours per pound. Development 
is also proceeding on batteries employing or- 
ganic electrodes, from which 300 watt-hours per 
pound should be realized. Also, gas electrolyte 
one-shot batteries are being developed. The am- 
monia activated cell has shown great potential 
within this category. The greatest advantage of 
such a battery is not in size or weight reduction 
(35 to 45 watt-hours per pound should be re 
alized), but in operating capabilities under wide 
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temperature variations (—50°F to +130°F). 
In such a device, the electrodes are fully polar- 
ized prior to activation. Ammonia gas is ad- 
mitted into the cell by operation of a squib 
activated valve or frangible diaphragm. This 
depolarizes the electrodes permitting full load 
operation almost instantaneously. Batteries uti- 
lizing decay rates of radio active isotopes may 
find application as bias and reference voltage 
supplies in missiles, as may so-called solid state 
batteries which eniploy crystal lattices of semi- 
conductor materials. The low current capabil- 
ities (a few milliamps maximum) of the latter 
will limit their use to secondary functions. 


The development reduction expansion cycle 
reciprocating engines employing a monopropel- 
lant fuel and catalyst or glow-heater could be- 
come competitive in the medium power (5 to 10 
horsepower), medium flight time (1 to 5 min- 
utes) system. The greatest advantages over cur- 
rent reciprocating engines and, hence, those fac- 
tors which give such an engine the potential to 
compete with batteries and APU’s, are the elim- 
ination of complex valving, reduction of ignition 
problems and improved environmental capabil- 
ities. These factors all contribute to eventual 
high reliability. 


Future developments in hot gas servos are 
dependent primarily on improvements in control 
valve design and gas generants. Development of 
solid propellant fuels with cleaner, low tempera- 
ture burning properties and temperature in- 
variant burn rates will reduce or eliminate the 
present advantages enjoyed by liquid fuel sys- 
tems in many applications. 


12-4.1 UNCONVENTIONAL SOURCES 


Unconventional sources are defined as those 
sources which provide direct static conversion of 
thermal, radiant or other available energy to 
useable electric power without intermediate con- 
version phases. Operation is continuous provid- 
ing the fuel supply and proper temperature con- 
ditions are maintained. 


Use of such devices in surface-to-air missiles, 
as previously noted, appears limited in the fore- 
seeable future. Advanced planning groups, how- 
ever, are considering such devices as ground 
system power sources. Specifically included are 
fuel cells, thermoelectric and thermionic sources 
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and solar batteries.!° Figure 12-20 shows the 
potential capabilities of uncoventional sources 
in space vehicle applications in conjunction 
with their ground based potential. 


The fuel cell (basic cell is shown in Figure 
12-21) is much like a conventional battery in 
that it employs electrodes and an electrolyte. 
Such a cell, however, operates regeneratively as 
long as the fuel is made available. Two gases are 
required, one of which undergoes reduction at 
the cathode while the other is oxidized at the 
anode. Conduction is by ion migration between 
the two electrodes. Cells capable of operation on 
any hydrocarbon and air have been designed. 
Initial inert weight is quite high, making appli- 
cation for short runs impractical. Over long 
periods (in the order of weeks) of continuous 
operation, the fuel cell becomes desirable as 
higher efficiencies (up to 70 percent) and power- 
to-weight ratios in excess of 600 watts/pounds 
should be attainable. Since there are no moving 
parts in the basic system, reliability should be 
high and maintenance low. Hence, the fuel cell 
should be ideal for remote station power. 


Thermoelectric sources, thermo-piles which 
depend on hot and cold junction techniques, and 
thermionic devices may find application in ex- 
tremely long, continuous run systems. However, 
they are very dependent on maintenance of a 
fixed temperature differential. Fluctuations in 
this temperature differential or in the absolute 
cold junction temperature cause large variations 
in output power. In addition, theoretical effi- 
ciency is limited to a maximum of 20 to 30 per- 
cent. Low current density is also a characteristic 
and, therefore, large cell surface areas are re- 
quired. Currently operating units show effi- 
ciencies of approximately 7 percent. The use of 
thermoelectric sources, therefore, will be con- 
siderably limited in the ground based power 
sources field. In airborne systems applications, a 
thermoelectric source might be built into the 
combustion chamber of the rocket motor and 
would be dependent on the heat of the exhaust 
gas to maintain a temperature differential. Un- 
der these conditions the limiting factor would be 
ability to maintain the cold junction tempera- 
ture. 


The solar battery will be restricted to special- 
ized applications, environment (adequate solar 
énergy) being a determining factor. In addition, 
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large surface area requirements and low effi- permanent installations in remote areas where 
ciency will tend to restrict their use in future fuel transportation, low maintenance, and high 
ground based power systems. reliability are very essential. The prospect of 

The major applications of unconventional competing with readily available utility power 
sources will be in long run permanent or semi- _is highly doubtful. 
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CHAPTER 13 
LAUNCHERS 


13-1 INTRODUCTION 


The design of a missile launcher involves no 
new technologies, but rather a careful applica- 
tion of existing knowledge and practices. The 
selection of an appropriate type of launcher can 
be accomplished with a basic establishment of 
missile parameters. 


A useful first estimate of the expected 
launcher requirements can be performed early 
in the synthesis of the missile system. As an aid 
to this estimate, launchers can be categorized 
by the degree of trainability and by the degree 
of automaticity in the loading cycle. Significant 
performance characteristics, such as dead zone, 
slewing rate, and rate-of-fire are associated with 
each category. When these performance char- 
acteristics are compared with the tactical re- 
quirements of the missile system, the most ap- 
propriate type of launcher usually will suggest 
itself and a realistic launcher specification can 
be started. 


The major categories of the SAM launchers, 
with their associated performance character- 
istics, are examined and broadly compared in 
this chapter. No attempt is made to draw con- 
clusions from existing theories of a launcher 
dynamic response, or to derive the many special- 
ized equations of motion.* However, experimen- 
tal results are included to support or clarify the 
text, and some general equations are provided 
to show the limits between which the proven 
launcher designs have evolved. 


13-1.1 BASIC CONSIDERATIONS 


The primary function of a missile launcher is 
to provide guidance to the missile until it has 
reached some predetermined translational veloc- 
ity. Such guidance must be accurate within the 
limits established by the look angle capability 


* References are given in areas where cognizant agen- 
cies or individuals have documented their findings, 
a.nd where further investigation may be helpful. 


of the seeker as modified by post-boost disper- 
sion described in paragraph 13-4. 


In the case of the SAM launcher, quick system 
reaction requirements combined with the afore- 
mentioned criteria indicate the necessity for 
positive control until the missile leaves the 
launcher. 


13-2 LAUNCHER TYPES 


13-2.1 RAIL 


The rail launcher consists essentially of 
structural boom and a set of rails which support 
the missile and provide initial guidance. Rail 
lengths may vary from a few inches to 10 feet 
or more, depending on missile size and the de. 
gree of guidance required. A typical example o! 
a rail launcher, including a cross section of the 
rails, is shown in Figure 13-1. 


13-2.2 TROUGH 

The trough is similar to the rail technique 
except that constraint and guidance are pro. 
vided by direct contact with the missile body 
rather than with shoes or lugs. 


13-2.3 TUBE 


A tube may also be used for launching. A par 
ticularly practical use of a tube launcher is as ¢ 
disposable shipping container. The tube launche1 
is generally applicable to small, hand-held mis 
siles such as REDEYE. 


13-2.4 ZERO LENGTH 


The zero length launcher is a very short rai 
or a pair of instant release hooks from whicl 
the missile being launched leaves all (usualls 
two) launcher contact points at the same time 
The missile does not slide along the launcher 
thus, the characteristic length of the launche: 
is essentially zero. A typical example is showr 
in Figure 13-2. 
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Figure 13-1. Rail Launcher with Rail Cross Section 
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Figure 13-2. Zero Length Launcher 


It is the objective of the zero length launcher 
to eliminate the launching errors caused by im- 
perfect fit, launcher motion, missile tip-off and 
friction of slippers against rail. 


13-2.5 HELICAL 


The helical launcher uses helical rails or a 
rifled cylinder to impart initial rotation to a 
spin-stabilized missile in order to cancel out any 
thrust misalignment. Such a launcher is used 
primarily with a ballistic missile where definite 
orientation of the axis is required. 


13-2.6 CATAPULT 


The catapult is generally classified as a 
launcher, although it applies a thrust to the mis- 
sile in addition to performing the initial guid- 
ance function. The acceleration to which the 
missile is subjected must not exceed a certain 


maximum allowable value; thus, a fairly uni- 
form thrust is required. The missile is subjected 
to acceleration close to the maximum in order to 
keep the launcher short. If the acceleration is 
assumed to be constant, the launching velocity 
of a catapult-launched missile is given by the 
elementary equation: 


v? = 2 as (13-1) 


where v = velocity (ft/sec) 
a = acceleration (ft/sec?) 
s = length of catapult (ft) 


The above equation is plotted in Figure 13-3. It 
can be seen that for high launching velocities, 
the catapult could assume unreasonable dimen- 
sions because of the relatively fragile body of 
the missile. 
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Figure 13-3. End Velocity Versus Launcher Length for Catapult 


13-3 LAUNCHER TRAINABILITY 


13-3.1 GENERAL 


This section describes the effect of trainabil- 
ity on launcher performance, and broadly cate- 
gorizes launchers by their application for high 
and low altitude targets. Three arbitrary de- 
grees of trainability are selected: untrainable 
(vertical), partially trainable, and fully train- 
able. 


13-3.2 VERTICAL LAUNCHER 


A vertical launcher consists essentially of a 
base support for holding the missile in a vertical 
position for firing, a blast deflection shield, and 
an arm for raising the missile to the vertical 
position and for alignment. 


The principal advantage of the vertical 
launcher is that, with the exception of a dead 
zone immediately surrounding the launching 
site, targets can be engaged anywhere within a 
hemisphere whose center is the launching site 
and whose radius is the maximum effective 
range of the missile. The absence of intricate 
elevation and training mechanisms, together 
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with associated power requirements and servo 
controls, provides a minimum of complexity, 
lower initial cost, and greater operational relia- 
bility. Another advantage is the more efficient 
intercept course resulting from the missile leav- 
ing the denser, lower atmosphere sooner. Also, 
gyros and stable platforms can be pre-erected 
prior to a tactical engagement. Figure 13-4 
shows that the vertical launcher is most effective 
for long range, high altitude missiles. It can be 
seen that the dead zone for the high altitude 
case, although larger because of the typically 
lower maneuver capability, is less of a limiting 
performance factor than for the low altitude 
case. Moreover, the low altitude vertically fired 
missile is constrained to pull maximum g’s over 
a greater portion of its flight path. SAM’s which 
are vertically launched are usually restricted to 
command guidance. 


13-3.3 PARTIALLY TRAINABLE LAUNCHER 

The basic vertical launcher principle can be 
modified, at a moderate increase in cost and 
complexity, to provide partial trainability which 
may be adequate when the probable direction of 
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Figure 13-4. Effectiveness Zones for Vertically Launched Missiles 


target approach is known. The simplest case 
would be a launcher that is trainable at discrete 
points between narrow limits in elevation (say 
20, 80, and 45 degrees) and fixed in azimuth. 
Such a launcher could be oriented to provide 
reasonable target coverage without the range 
losses and look angle limitations associated 
with vertical launching. 


The zones of effectiveness of a typical tactical 
missile in conjunction with the described par- 
tially trainable launcher are shown in Figure 
13-5. The reduction in dead zone and increase in 


effective range can be seen by comparison with 
Figure 13-4. 


13-3.4 FULLY TRAINABLE LAUNCHER 


When the guidance system imposes relatively 
severe requirements on aiming the launcher (to 
accommodate seeker look angle or angle search 
limitations), a fully trainable launcher generally 
will be required. A lock-on after launch guid- 
ance scheme is typical of a system which re- 
quires a fully trainable launcher. Usually target 
maneuvers do not appreciably affect the missile- 
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Figure 13-5. Effectiveness Zones — Partially Trainable Launcher 


target line-of-sight during the first few seconds 
of flight. Angle search during lock-on is unnec- 
essary provided accurate launcher aiming is 
available. Such launcher aiming is available. 
Such accurate aiming may be achieved by a fully 
trainable launcher of the type used in the 
HAWK system.! The fully trainable launcher 
advantageously provides large zones of effec- 
tiveness. 


A fully trainable missile launcher consists 
of an AA (anti-aircraft) gun type carriage 
mounted on a vehicle platform having proper 
jacks, outriggers, stays, etc. for levelling and 
steadying for alignment accuracy. High rates 
of fire are generally obtained by having multi- 
ple missiles per launcher and several launchers 
per fire unit. 

The dead zone of a fully trainable launcher is 
determined by such factors as missile dispersion 
(where a fixed-control boost is used), target 
maneuverability, missile maneuverability, and 
maximum slewing rate. 

The maximum dead zone associated with a 
given boost performance, boost dispersion, and 
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target maneuverability can be roughly deter- 
mined by assuming that the target starts a near- 
maximum maneuver at the instant of missile 
launch and that dispersion is in the most un- 
favorable direction. 


Figure 13-6 illustrates the graphical solution 
to the above problem assuming a head-on target 
approach at 1267 ft/sec, a 3g target maneuver, 
15g missile maneuverability, a maximum ex- 
pected end-of-boost range of 2330 feet, a maxi- 
mum expected end-of-boost velocity of 1735 ft/ 
sec, and a lateral dispersion of 5 degrees. 


The dead zones which can be obtained by re- 
sorting to autopilot stabilization during boost 
and by use of maximum missile maneuverability 
during boost also are derived in Figure 13-6. 
Table 13-1 summarizes the results of this anal- 
ysis and also lists the corresponding required 
slewing rates. 

Table 13-1. indicates that the radius of the 
hemisphere which describes the dead zone 
around a fully trainable launcher can be de- 
creased by a factor of three by resorting to con- 
trol during boost rather than inaugurating mis- 
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Figure 13-6. Effect of Boost Control on Dead Range 


TABLE 13-1. DEAD RANGE AND REQUIRED SLEWING RATES FOR VARIOUS 
TYPES OF CONTROL DURING BOOST, RADIAL ATTACK 


Minimum 
Time at 
Intercept 


Type of Control 
During Boost 


Controls Fixed 
(5° dispersion) 


5.5 sec. 


Stabilization 
During Boost 
(dispersion = 0°) 


Maximum 
Maneuver During 
Boost 


5.2 sec. 


2.7 sec. 


sile control after completion of the boost phase 
if lock-on after launch guidance is used. 


13-3.5 IMPLEMENTATION 


The manner in which trainability is imple- 
mented may vary from simple handwheels to 


Minimum 
Intercept 
Range, R, 


6850 ft. 


6300 ft. 


2200 ft. 





Minimum 

Allowable 
Launch 

Range, Ry 


Maximum Slewing 
Rate Required 


(13, 450 ft. 10. 6°/sec. 


12,500 ft. 11.5°/sec, 


33°/sec. 


5, 600 ft. 


complex electro-hydro-mechanical systems. The 
degree of complexity involved depends primarily 
on the required slewing rates in azimuth and 
elevation. Figure 13-7 shows the electrical, hy- 
draulic, and mechanical cycles of operation for 
a sophisticated training system. 
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Figure 13-7. Launcher Training Operation Cycles 


13-4 BOOST DISPERSION 13-4.1 SOLID PROPELLANT BOOSTER 


pekiowledgeof variations in rajectoriesordis- The end-of-boost velocity and range ofa slid 
quisite to designing a sufficiently accurate and propellant ue will vary as a result of ene 
practical launcher to give high assurance of hit- eon variations in seid manufacture, condi- 
ting the target when matched with expected tar- tioning temperature, ambient temperature, and 
get seeking capabilities of a missile. boost drag. 
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These random variations give the following 
dispersion for the solid propelled missile: 


Velocity Range 
Non- 
maneuvering 1660+75 ft/sec. 1787+250 ft. 


Maneuvering 1570+117 ft/sec. 1732+257 ft. 


13-4.2 LIQUID PROPELLANT BOOSTER 

The end of boost velocity and range of a liquid 
propellant booster will vary as a result of vari- 
ations in pressure relief valve operation, low 
duration timer operation, propellant mixture 
ratio, missile take off weight, and fuel flow 
through the injector due to orifice manufactur- 
ing tolerances. 

These variations give the following dispersion 
for liquid propelled missiles: 


Velocity Range 


Non- 
maneuvering 1660+150 ft/sec. 17874178 ft. 


Maneuvering 1570+173 ft/sec. 1732+182 ft. 


13-4.3 SOLID VERSUS LIQUID PROPELLANT 


End of boost dispersion between solid and 
liquid propellants will compare as follows: 


Type Velocity Range 
Solid 5% 14% 
Liquid 9% 10% 


13-4.4 LATERAL DISPERSION DURING BOOST 


A knowledge of the maximum lateral disper- 
sion which can be expected during a fixed- 
control boost phase is essential to the calculation 
of the volume uncertainty which a homing 
seeker must be able to handle when post-boost 
lock-on is used. Lateral dispersion can be defined 
as the difference between the actual missile 
flight path at the end of boost and a standard 
flight path which occurs when all malalignments 
are zero. Some of the factors causing such dis- 
persion are manufacturing tolerances in rocket 
nozzle alignments, surface assembly tolerances, 
tolerances in position of center of gravity off 
center line of missile, variations in propellant 
center of gravity during burning, missile drag 
malalignments due to asymmetrical protuber- 
ances, launching, rail deflection, etc. 


The effect of these factors on boost dispersion 
has been investigated by assuming that the tar- 
get maneuvers in the most unaccommodating 
manner at the instant of launch and that the 
missile becomes roll stabilized one second after 
the end of boost. The results, shown in Figure 
18-8, indicate that look angle errors for targets 
which can be engaged are less than 3.5 degrees 
and that the corresponding range errors are on 
the order of 60 feet for the assumed missile with 
a 15g limit on maneuverability. 
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13-5 RATE OF FIRE ing sequence times of the particular launching 
system, and the number of missiles mounted on 

13-5.1 GENERAL the launcher. Disregarding the guidance system, 


tated by the slewing rates, reloading times, fir- | mum firing rate is proportional to the number of 
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The maximum firing rate of a launcher is dic- _it is found that for equal automaticity the maxi- | 








missiles that can be mounted on the launcher. 
This is because the minimum permissible firing 
interval between missiles in a given salvo is 
found to be negligible relative to the time re- 
quired for reloading the launcher, even when 
reloading is accomplished automatically. 


13-5.2 MINIMUM PERMISSIBLE FIRING 
INTERVAL 


The minimum permissible interval between 
the launching of successive missiles from a 
given launcher (guidance considerations per- 
mitting) is determined by the requirements for 
a high probability that successive missiles will 
not collide as a result of dispersion and that the 
wake of one missile will not adversely affect the 
flight of a succeeding missile. 


Figure 13-9 shows typical curves of succes- 
sively launched missiles in which the upper 
curve represents a typical time delay of not 
quite twice that of the lower curve. These curves 
show range differences up to five seconds of 
flight. It is assumed that the probable lateral 
dispersion of missile trajectories after five sec- 
onds of flight (due either to boost dispersion or 
to subsequent homing maneuvers) will be suffi- 
ciently large to consider negligible any collision 
due to range coincidence. Other considerations 


RANGE DIFFERENCE (FEET) 


in establishing the minimum permissible inter- 
val between launchings of successive missiles 
from the same launcher include the kill proba- — 
bility desired and the burst effect of the first 
SAM warhead on succeeding SAMs. 


13-5.3 LAUNCHING TIME SEQUENCE 
A study of the elapsed time involved in de- 

livering a given number of missiles to a target 
is needed for deciding between automatic and 
manual loading. Many factors concerning both 
the missile system and its tactical environment 
are of importance in reaching a decision. 
Several of these factors (listed below) are 
assigned estimated values to assist in reaching 
the decision. 

(a) target quantity 

(b) target formulation 

(c) target altitude 

(d) target speed 

(e) warning information 

(f) missile warm-up time 

(gz) missile range 

(h) launcher trainability 

(i) launcher slewing rates (azimuth and 

elevation) 
(j) minimum interval between missiles 





TIME FROM LAUNCH OF FIRST MISSILE (SECONDS) 


Figure 13-9. Range and Time Histories of Successively Launched Missiles 
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If the estimated values assigned are realistic, 
missiles per salvo and salvo per target for both 
manual and automatic loading can be satis- 
factorily established. 


13-6 LAUNCHER CHARACTERISTICS 


To obtain the rigidity required for quick 
reaction, the strength required for carrying 
the requisite weight, and the lightness required 
to give it optimum mobility and air transport- 
ability, careful selection of construction mate- 
rials must be made within economic and opera- 
tional requirements of the system. The launcher 
basic design must be well balanced and utilize 
current hardware and components. Likewise it 
must be adequately protected from the elements 
—from desert sand, tropical humidity and mois- 
ture, and from arctic and desert temperatures. 
Adequate provision must also be made for 
appropriate camouflage required. 


13-6.1 STRUCTURAL STRENGTH 


In the pre-firing state, launcher loadings will 
be distributed among the structural members 
if the launching foundation is fixed. These 
loads will include weight force needed to 
elevate the missile, wind load, ice load, force 
to train the missile, and blast load on takeoff. 
If the launcher is mobile, its platform will be 
subjected to static loads equal to the combined 
weight of the missile and the launcher and to 
dynamic loads proportional to the mass of the 
missile and launcher times forces of accelera- 
tion and deceleration of the vehicle and by 
forces of acceleration acting on the missile in 
launching. High frictional forces are also 
developed at the shoes and rail during launch 
and must be considered. Provision is generally 
made to minimize friction at these points. Like- 
wise, a positive holding feature is needed if the 
missiles are to be transported in place on the 
launcher. 


13-6.2 STRESS 


A stress analysis of the launcher frame will 
provide the proportionate loadings on the indi- 
vidual members. The simple stress distribu- 
tions can be calculated from the equations of 
strength of materials, or, by using an allow- 
able stress, computing the section modulus. 
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The applicable formulas and discussion are 
available in existing structural handbooks and 
textbooks on stress analysis. Reference 2 treats 
statically indeterminate problems as related to 
launcher structures. 


13-6.3 SHOCK 


Shock waves usually consist of high ampli- 
tude, short duration loadings. The principal 
causes of shock in a launcher are: 


(a) ignition of propulsion units 

(b) release of missile from hold back 
mechanism 

(c) propulsion combustion 


(d) separation of missile from launcher 
If the launcher rail(s) frequency is above any 
resultant shock frequency, very little launcher 
damage will be encountered. However, if the 
shock pulse approaches rail frequency, reso- 
nance would be induced which could be detri- 
mental to the launcher structure. 


13-6.4 VIBRATION 

Vibration is the periodic motion appearing 
in bodies possessing mass and elasticity. The 
simplest vibration is harmonic motion repre- 
sented by circular functions, sine or cosine. 
All periodic curves can be resolved into a series 
of sines and cosines having frequencies which 
are multiples of that of the given function. 
Thus, the periodic motion of Figure 13-10 can 





Figure 13-10. Periodic Motion 


be represented by the sum of the following 
terms, shown by the dotted curves. When a 
mass is displaced a distance z from its equi- 
librium position and released, the unbalanced 
force and acceleration are related by Newton’s 
second law of motion. Neglecting friction, the 
unbalanced force acting on the mass is the 
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restoring force —kzx of the spring, and the 
equation of motion becomes: 


M= (=) = —kz 
dt? 
From this, the expression for the natural 


frequency in terms of static deflection can be 
derived: 


F = Ma (18-2) 
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where d = static deflection due to missile 
load 


g = acceleration of gravity 


If the vibrations are non-harmonic, the fol- 
lowing analytical methods may be used to 
calculate the response of the system: 


(a) Fourier Analysis 
(b) Harmonic Analysis 
(c) Random Vibration Theory 


13-7 LAUNCHER DYNAMICS 


Launcher dynamics are introduced to give 
consideration to the specific problems involved 





in supporting the SAM during its take off 
period, to indicate parameters, to show where 
extra caution is required, and to indicate the 
degree of accuracy that might be expected of 
the launcher in aiming the missile. 


In investigating launcher dynamics, mathe- 
matical formulae and equations can be applied 
to develop a detailed understanding of the 
movements and stresses involved in blast-off. 
Typical formulae are developed and illustrated 
in reference 8. 


13-7.1 LAUNCHER MOTION DURING LAUNCH 
GUIDANCE 


In determining launcher motion during 
launch guidance, assume an L-shaped launcher 
with a two degree of freedom system with 0 
(angular rotation of launcher and missile or 
pitch motion) and (rocket translation along 
the rail) being the generalized coordinates 
defining the motion. See Figures 13-11 and 
13-12. Using the symbols below, Equations 13-4 
and 13-5 are applicable to launcher motion- 
during guidance. 


Figure 13-11. Launcher Motion Elements During Firing 
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Figure 13-12. Inverted L-Shape Representing Launcher Motion During Firing 


6 =angular speed of launcher and missile 

6 =angular acceleration of launcher and 
missile 

£ rocket speed in translation along the 
rail 

E = rocket acceleration in translation 

E, = translation of rocket along rail from 


initial point 
y =angle of elevation 


1 = distance from pivot point of L-shaped 
representation of launcher to line of 
axis of missile 


b = Jauncher constant 

c¢ =proportionality constant associated 
with 6 

I, = moment of inertia of launcher above 
pivot point 

I, =z moment of inertia of rocket about its 
own C.g. 

k =proportionality constant associated 
with 0 

L —distance from c.g. of launcher to line 


extending from pivot point of L- 
shaped representation of launcher and 
perpendicular to axis of launcher 
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Mr = mass of rocket 
Wr = weight of rocket 
f(t) = thrust force 
(See reference 3.) 


[M. (E— no =f (t) — W,Siny—0-W,Cos 1 


(18-4) 
|—™. nk + M, (n? + 82) 6+ 2M, EEO 
+ U,p+I1) 6 
= —W, Cos y -(§—&) + W,0 (§ Sin y 
+ 7 Cos y) 
+. W,6(LSiny + b Cosy) — f(t) .n— ko — 08 
(18-5) 


13-7.2 LAUNCHER MOTION DURING 
CLEARANCE 


Let 6, describe motion about launcher pivot. 
The equation of free vibration is 


d? 6 
°- dt? 
Figures 18-13 and 13-14 show launcher 


motion throughout guidance and clearance 
phases. 


I 





+ K9,= 0 (13-6) 
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Figure 13-13. Launcher Motion During Guidance and Clearance Phases 
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Figure 13-14. Theoretical Beam Vibration Versus Actual Instrumented Firing 





13-7.3 ANGULAR DEFLECTION 

Tip deflection is an oscillatory or springing 
movement of the end of a launcher as the for- 
ward support surface or slipper leaves the rail. 
If the forward slipper leaves the rail before 
the rear slipper (launcher tip-off), the missile 
acquires additional angular momentum due to 
gravity. 

Figure 13-15 shows tip-offs instrumented 
from a typical missile. 


13-7.4 BLAST DEFLECTION 


13-7.4.1 LAUNCHER CONSIDERATIONS 


After a missile has been fired and has cleared 
the rail, launcher motion is affected by two 
forces: 


(a) motor exhaust 

(b) damping force 
The missile exhaust force may act adversely 
in any of several ways. To reduce these adverse 


TIP DEFLECTION -—INCHES 


O 0.05 0.010 
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0,015 


effects, a blast deflector is normally fitted to 
the launcher. Among the counteracting effects 
of a blast deflector are: 


(a) 


(b) 


(c) 


(d) 
(e) 


protection of launcher components 
from dynamic thrust of exhaust force 
or heat (the effect of heat is usually 
negligible) 

prevention of launcher footings and 
tie down stakes from being under- 
mined by the blast of exhaust 
reduction of soil erosion around the 
launcher 

reduction of visual detection of launch 
by the enemy 

opposition to forces of friction acting 
on launcher rail when deflector is 
mounted directly on the launcher 


The damping force inherent with the con- 
struction of the launcher will return the 
launcher to pre-launch position of rest. 


0.020 
TIME - SECONDS 


Figure 13-15. Tip Deflection —SAM Firing (2000 Pound Missile) 
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13-7.4.2 MISSILE CONSIDERATIONS 


In initial blast off, the missile itself must be 
protected from shock effects of ignition. Result- 
ing shock waves radiate in all directions from 
an obstruction and impinge on aft control 
surfaces or stabilizers before the missile has 
cleared the effective range of such waves. (This 
is particularly applicable to rapid burning, 
slow take off missiles.) The resultant force 
could impart angular deflection to a missile 
already clear of launcher support or could add 
to slipper friction of a missile still moving 
along a rail. To minimize shock effect of initial 
thrust, consideration should be given to the 
following: 


(a) the distance of the exit orifice from 
any deflecting surface (roughly 1 to 
114 orifice diameters minimum) 

(b) the angle of deflection of thrust or 
blast stream on any obstruction 

(c) the effect on the stability or orienta- 
tion of the missile by the shock in- 
duced in the air during the thrust 
buildup 


13-7.5 BLAST DEFLECTOR PRINCIPLES 

The turbulent flow from the motor exhaust 
jets does not produce a flow that is strictly 
linear, the mean general pattern may be re- 
placed by laminar flow design (Figure 13-16). 


«< 30° 





Figure 13-16. Blast Deflector Principles 
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If the size of the deflector is the same 
magnitude as or larger than the transverse 
dimensions of the jet and completely meets the 
jet, the flow will, in general, simply take a 
different direction which may be represented 
by a linear flow diagram as in A. In the case 
of the flow meeting the edge of a thin obstruc- 
tion, the result will be as shown in B. This 
pattern is true up to an angle of about 30°. 
For an angle greater than 30°, a definite back 
flow is apparent, as indicated by the lower 
lines of laminar flow in C. Note that the upper 
part of the stream is deflected through the 
angle a and the lower part of the stream 
through 180° — a (x— a). 

In using curved deflectors with constant 
radius of curvature (Figure 13-17), greater 
rearward forces per unit jet thrust may be 
developed by deflecting the jet stream through 
greater angles. It is assumed that the jet enters 
and leaves tangentially to the surface of the 
deflector. 

The distribution of position of the deflector 
may be determined by scale model drawings of 
the launcher, missile and exhaust cone, includ- 
ing lines of equal pressure. The missile and 
exhaust can be moved along the rail, and the 
magnitudes and blast duration on the proposed 
blast deflectors studied. The angle of the deflec- 









T= THRUST STRIKING 
BLAST DEFLECTOR 


Figure 13-17. Curved Blast Deflector 


tor can, in most cases, be defined. If the func- 
tion of the deflectors is to produce a bending in 
the beam in order to delay the return of the 
beam to its original shape, the optimizing 
condition is a maximum component of F' down- 
ward without regard to stability conditions. If 
stability must be considered, then a maximum 
downward component of F' with a zero net 
torque about the rear point of support is the 
optimizing condition. The deflectors can also 
serve to prevent clockwise rotation of the 
launcher about the rear point of support. (See 
Figure 13-18.) 

In Figure 138-18 an optimum a would be 
furnished when counterclockwise torque about 
the rear point of support is at a maximum. 


REAR 
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Figure 13-18. Deflector Prevention of Launcher Rotation 
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13-8 AUXILIARY EQUIPMENT 


13-8.1 POWER SOURCE 


To obtain fast reaction time of the SAM 
system, automatic power elevation and train 
of the launcher is required. 

To sustain optimum mobility, each vehicle 
should be as autonomous as practicable. Re- 
quisite power should be available within the 
launcher vehicle. 

The power source will normally be a d-c 
generator driven by either a gas turbine or a 
diesel engine. 

The gas turbine is initially more expensive 
and less economical but is appreciably lighter 
in weight than the diesel. (See Chapter 12.) 


13-8.2 HANDLING AND ASSEMBLY 
EQUIPMENT 


Sufficient equipment should be carried in the 
launcher vehicle to allow for loading and un- 
loading missiles and for erecting or disassem- 
bling any part of the launcher that may be 
required in field operation. Such equipment 
may be manual or power driven. It should be 
permanently mounted or capable of quick 
erection or disassembly and stowing on the 
launcher vehicle itself. An inverted J crane, 
a mast and boom rig, or an A-frame are ex- 
amples of this equipment. A practical item for 
lightness and ease of erection and disassembly 
is the mast and boom rig. 


13-9 AIMING EQUIPMENT 


The short time available for aiming a SAM 
launcher requires automatic power follow-up 
to remote control. A selsyn control system with 
control cabling from the radar/weapons control 
unit to the launcher mechanism can be used. 
Power drive itself can be provided by separate 
d-c motors for elevation and for azimuth train. 
Power transfer to the launcher carriage can 
be accomplished through appropriate mechan- 
ical gearing and shafting, using hydraulic units 
where suitable. Extreme care must be taken to 
protect all power equipment and transfer units 
from climatic and weather conditions of any 
type to be encountered. Mechanical gearing is 
adversely affected by desert sand and grit, 
whereas arctic cold is particularly hard on 
hydraulic system gaskets and some fluids. 


13-10 ELECTRICAL COMPONENTS 


Electrical components associated with the 
launcher will generally consist of: 


(a) firing circuit 

(b) elevating motor 

(c) elevating remote control unit 

(d) traversing motor 

(e) traversing remote control unit 
(f) d-c generator for training power 


(g) leveling and cross-leveling matching 
and indicating circuit 
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CHAPTER 14 
AIRFRAMES 


14-1 INTRODUCTION 


14-1.1 GENERAL 


The general field of airframe design is a 
broad area, embracing both the aerodynamic 
principles of flight and the structural design 
of the vehicle itself. This chapter is subdivided 
into these categories to give an engineer work- 
ing in the missile field information about the 
overall problems involved, as well as some 
estimating tools to perform configuration selec- 
tion studies and to evaluate proposed designs. 

The aerodynamic portion of the chapter 
describes the lift and drag characteristics of 
wings and bodies. Following this, some con- 
sideration is given to the evaluation of wing- 
body combinations. The problem of moments 
acting on the body is closely related to the 
guidance and control area and, hence, is covered 
in more detail in Chapter 7. 


Some specific structural problems for wings 
and bodies are shown, making sufficient sim- 
plification such that reasonable, conservative 
estimates may be made of the airframe weight 
if the skin temperature is known. The section 
on aerodynamic heating presents a method for 
estimating average skin tenfperature. 

The area of greatest interest to the missile 
system engineer is selected as the goal of this 
chapter. The preliminary design methods and 
estimates are indicated in order that broad 
trade-offs rather than specific details may be 
shown. 


14-1.2 CURRENT PROBLEMS OF 
AIRFRAME DESIGN 


When a missile is flying at an angle of in- 
cidence, flow separations from the wing and fin 
tips cause nonlinear lifting characteristics!; if 
the incidence is large enough, this can be aug- 
mented by flow separation from the missile 
body. A typical normal force curve for missile 
wings is shown in Figure 14-1. The flow separa- 
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Figure 14-1. Normal Force on Missile Wings 
at Incidence 


tions off the side of the missile body give rise 
to vortices which, at moderate incidence, trail 
back close to the body and do not seriously 
interfere with the wings or fins. At large 
incidence these vortices become asymmetric 
(Figure 14-2) and, due to their effect on the 
vertical wing and fin panels, make the missile 
unstable in yaw. 

This and other forms of instability can often 
be cured by application of a correcting control 
deflection. Some form of sensing element, such 
as a lateral accelerometer, detects the missile’s 
departure from the required flight path; it then 
feeds a correction signal through a servo sys- 
tem which deflects the control surface to keep 
the missile on course. 
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Figure 14-2. Vortices Due fo Body Separations 


The rolling performance of a missile is con- 
siderably reduced by the interference between 
adjacent wing panels and between the wing 
flow and the fins. Consider a missile with two 
opposite wing panels deflected differentially so 
as to produce a rolling moment on the missile 
(Figure 14-3). The pressure distribution on 
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Figure 14-3. Roll Interference on a Missile 


the wing carries over to the vertical wing 
panels and gives forces in the opposite direc- 
tion to that desired. Again, due to the rotation 
of the air behind the deflected wings, the fins 
also carry small forces which reduce the rolling 
moment. Thus, the net rolling moment is only a 
fraction of the gross rolling moment produced 
by the two deflected wings acting in isolation. 

All these features combine to make the 
estimation of missile aerodynamics rather diffi- 
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cult; in practice, much of the design data must 
be obtained from wind tunnel tests, or from 
fully instrumented free flights. 


14-1.3 BASIC SAM CONFIGURATIONS? 
External aerodynamic configurations may be 
classified by the location of the principal con- 
trol and/or lifting surfaces. The five general 
categories are: wing control, canard, tail con- 
trol, wingless tail control, tailless and jet 
control. The first four types are illustrated in 
Figure 14-4. The jet control type may take the 


WING CONTROL 


CANARO 


TAILLESS 





Figure 14-4. Basic Missile Types 


form of any of the other four. The various wing 
arrangements are defined in Figure 14-5. 

The wing control design has the advantage 
of being able to produce rapid maneuvers with- 
out requiring large inclinations of the body to 
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Figure 14-5. Guided Missile Wing Arrangements 


the oncoming air stream. This is desirable with 
a ramjet propulsion system and in the use of 
homing equipment. The magnitude of dynamic 
overshoot of angle of attack during a maneuver 
will likewise be less, thereby decreasing the 
dynamic stability problem. Maneuvers are in- 
itiated as soon as the wings are deflected and 
do not depend on increasing the body angle to 
provide the desired lift. Control surface hinge 
moments may be higher than for the canard 
or tail control types; however, greater control 
power is not always required because of the 
lower control surface speed that can be used. 
Wind tunnel testing has indicated that, by 
judicious choice of design, the center of pres- 
sure travel and resulting hinge moments may 
be kept reasonably low with all movable sur- 
faces. The wing control system has the dis- 
advantage that, since the wing is mounted near 
the center of the missile longitudinally, a solid 
rocket sustainer must be located somewhat aft 
of the overall center of gravity, thereby causing 
a sizable center-of-gravity shift during flight 
as the propellant burns. This disadvantage can 
be offset by increasing the available wing 
deflection to compensate for the lower body 
trim angle of attack, although at the expense 
of increasing tail loads and body bending 
moments for a given maneuverability. Surface 
deflection for longitudinal and roll control can 
be superimposed on each other, thus concen- 
trating all control equipment at one location. 
Any increase in body angle of attack in the 
same direction as the wing incidence increases 
the total angle of attack on the main control 
surface. 

The canard missile has the advantage of 
small control surfaces for longitudinal control 
and places a portion of the control equipment 


well forward in the body out of the way of the 
main propulsion and guidance units. This type 
tends to give low drag because the main lifting 
surfaces are fixed and can be made of the large 
sweepback type wherein lift-to-drag ratio can 
be optimized. The canard control surfaces are 
deflected in a positive manner, that is, leading 
edge upward, to provide: positive angle of 
attack of the missile; this in turn places the 
control surfaces at quite large angles of attack 
relative to the free stream, especially when the 
missile body is pitched to large angles. This 
characteristic tends to increase loads and hinge 
moments on the control surfaces. High control 
surface rates and high power are needed to 
minimize the time required to maneuver. 


With the tail control design, control surface 
deflections are in the opposite direction to those 
of the angle of attack, thereby keeping the 
relative angle between the control surface and 
the free stream direction at a minimum. This 
results in low control surface and body bending 
loads as well as low hinge moments. Since the 
forward main lifting surfaces are not deflected, 
wing-tail interference effects are reduced. 
Further, the control surface is small, thereby 
again producing low hinge moments; however, 
as in the case of the canard, the control surface 
rate must be kept high to minimize time re- 
quired to increase the body angle of attack and 
control overshoots. Surface deflection for longi- 
tudinal and roll control can be superimposed 
on each other. The wingless tail control is 
primarily the same design except that lift is 
provided by the angle of attack of the missile 
body. 

The tailless type has the advantage of com- 
pactness and small total number of surfaces. 
The most obvious disadvantage of this type 
arises from the small distance between the 
center of gravity and the control surfaces due 
to the necessity of attaching the wings (which 
are also the stabilizing surfaces) to the body at 
a location critically dependent upon the allow- 
able stability. Placing the surfaces too far 
aft would provide such excessive stabilizing 
moments as to require extremely large control 
surface sizes or deflections with consequent 
large downward force being required to provide 
positive angles of attack of the body-wing 
combination. Conversely, moving the surface 
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forward, thereby reducing the stability, also 
reduces the moment arm and resulting avail- 
able control moment which must overcome the 
longitudinal moment of inertia of the entire 
airframe as well as the stabilizing moments and 
damping in order to increase the angle of attack 
for providing maneuvers. 


An alternate scheme for longitudinal control 
of missiles is that of control by the propulsive 
jet. Control can be achieved by deflection of the 
jet itself by nozzles which may be deflected near 
the mid-point, or by vanes placed in the jet. The 
latter system was used quite successfully in the 
German V-2 rocket and the former in the 
American Viking. 


14-2 WING AERODYNAMICS 


14-2.1 STANDARD VECTOR NOTATION 

A vehicle is considered as a mass moving 
with velocity V with respect to the free, un- 
disturbed air stream. It is convenient to con- 
sider the frame of reference as a stationary ve- 
ed in a moving stream of the same velocity 

V.=|V|, with the stream vector opposite to 
the original vehicle velocity vector. The lift, cL; 
is a vector normal to V and the lifting surfaces. 
The drag, D, acts normal to the lift, LZ, that is, 
collinear with the stream or vehicle velocity 
vector, V. This notation, which is used through- 
out the chapter, is illustrated in Figure 14-6. 


14-2.2 LIFT COEFFICIENT 
The lift of a thin wing is dependent on the 


A. MOVING VEHICLE: 


L (FORCE) 


(VELOCITY) 


angle of attack, a, that the wing makes to the 
free stream. When a plate or wing is inclined 
in a direction so that a net amount of air per 
unit time is deflected downward, a net force is 
exerted on the wing which acts in a direction 
norma! to the wing surface. 

The following coefficient may be defined using 
U.S. standard nomenclature as: 


Lift coefficient: 


C.= 
r qd Aree 
where 


(14-1) 





Lift = (L), component of force on wing in a 
direction normal to the vehicle velocity 
vector — (Ib.) 


q= - pV.* commonly called dynamic pres- 
2 sure — (lb. /ft.?) 


Aver = reference area; for a wing usually 
taken to be the wing plan form area, 
Sw, = (ft.?) 
Several equations that adequately describe the 
lift coefficient are available in the literature®. 
The theoretical lift coefficient for subsonic in- 
compressible flow for flat plate wings with an 
elliptical lift distribution (which is usually 
assumed) is given by 


2na 
CC. = 14-2 
“~ 14-2/AR ee? 
where 
2 
AR = aspect ratio = ae 
wing area 
8. MOVING STREAM: 
L (FORCE) 
————=> Vo D (FORCE) 


(VELOCITY) 


INFINITELY FAR AHEAD OF THE VEHICLE, i.e. UNDISTURBED 
AIR PROPERTIES. 


NOTE: ke SUBSCRIPT @ REPRESENTS STREAM PROPERTIES 


Figure 14-6. Vector Notation 
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a = wing angle of attack — (radians) 


span = distance from wingtip-to-wingtip 


and may be generalized to compressible flow by 
use of the Gothert rule*. The following steps are 
involved: 

(a) consider for the purposes of computa- 
tion that all transverse and lateral dimensions 
of the body (wing) are reduced by the factor 


V1—M.?, ie. for the wing, replace a by 
a\/1 — M2, AR by AR V1 — M2. 

(b) Write the pressure coefficient or the lift 
coefficient in incompressible flow for the body as: 


2na\/1 — M,,? 


9 (14-3a) 


) ie 
" ARV/1 — M,? 


(c) Multiply the result obtained by 


Ci INC — 


soa 
(1 — M.?), 


to obtain the value of the pressure or lift 
coefficient in compressible flow. 


C, _ 20a 
comp \/1 — M,? + 2/AR 
In the limit as AR > 0, Equation 14-3b has 
a limit independent of M,. The result is actu- 
ally not correct. This is understandable as 
Equation 14-8b was derived under the assump- 
tion of large AR. Nevertheless the limit for 
AR > 0 is only off by a factor of 2. The correct 
result after the so-called slender wing theory 
of Jones® is: 


(14-3b) 


7 ARa 


CLoosp = ry 


(14-4) 


This result is valid in subsonic and super- 
sonic compressible flow, and is independent 
of M,. 

Similarly, using Ackeret theory® for super- 
sonic compressible flow, the lift coefficient in- 
cluding aspect ratio correction for straight 
wings may be written as 


Cc, —-—_44%__ 1 
* ~ \/M,? —1 
(14-5) 


Equations 14-4 and 14-5 suggest that as M,, 
approaches one, from either direction, the co- 
efficient of lift and the drag coefficients become 
infinite. This is an incorrect result. Extensive 


1 
2 AR\/M.2 — 1 | 
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literature is devoted to the consideration of the 
correct approach to the transonic regime (M, 
= 0.8 to M. = 1.2). Von Karman’ has developed 
a transonic similarity rule which is summarized 
as follows: if the lift, drag and normal force 
coefficients are known for a shape in the tran- 
sonic region, then, by the proper transforma- 
tions, these transonic quantities are also known 
for all bodies that belong to the same family as 
in the original. 


The application of the transonic rule shows 
that at sonic speed, lift is a function of the 
thickness-to-chord ratio, (82/8) and the drag is 
proportional to 55/8. This emphasizes the need 
for thin wings in the transonic regime. 


The related computations are lengthy and 
will not be attempted here. The reader is re- 
ferred to the literature’*® on the subject for a 
complete description of the phenomena and the 
appropriate solutions. Equation 14-5 inherently 
involves a physical limitation, a, since, in the 
Ackeret theory derivation, a was assumed small. 
For estimation purposes, however, it is con- 
venient to assume the approximation is valid to 
the angle at which the shock wave becomes 
detached from the leading edge. When detach- 
ment occurs, the usefulness of the wing as a 
low-drag lifting device is greatly impaired. 


Figure 14-7 shows the maximum deflection 
angle Ougetacn 2S & function of Mach number of 
the approaching stream for a flat plate wing?®, 


The maximum deflection angle now deter- 
mines C.,,,, and this value is calculated using 
Equation 14-5 with the substitution of a = auctach 
and is shown in Figure 14-8. This chart is useful 
for rapid estimation of wing characteristics for 
maneuvering. Points for the exact theory with 
an AR = » are also included for comparison 
with the Ackeret theory for the correct solution. 


It should be noted that the exact theory gives 
a higher value for Ci. than does the linear 
(Ackeret) theory. Thus ‘the linear theory yields 
a conservative estimate. The exact theory has 
been calculated further for the two-dimensional 
case neglecting the tip effects. The three-dimen- 
sional calculation would reduce the exact theory 
curve in the direction of the Ackeret theory. 
Equation 14-5 is a reasonable estimate of what 
may be designed and is much simpler than the 
exact methods. 
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Figure 14-7. Maximum Angle through Which Stream May Be Turned by Flat Plate without Shock Detachment 


To further emphasize the difference between — shock detachment angle and is shown in Figure 
exact and Ackeret theories, C, is plotted at 14-9. The divergence of the two curves is shown 
Mach 3.0 versus wing angle of attack, a, to the more clearly in that figure. 
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Figure 14-8. Maximum Ackeret Theory Lift Coefficient Versus Mach Number for 
GQ. = Adetoch- Exact Theory for AR = co. Ares = Wing Area, Sy 
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Figure 14-9. Comparison of Exact and Linear (Ackeret) Theory for C, 
Versus a at Mach 3.0 


14-8 











14-2.3 WING PLAN FORMS 

The characteristics of wing cross-sectional 
shapes used at supersonic speeds are greatly 
influenced by the wing plan forms (Figure 
14-10). A plan form may have leading and 
trailing edges of the subsonic or supersonic 
type. 


—— FLOW 


DELTA OR 
TRIANGULAR 


inal 


RECTANGULAR WITH CLIPPED TIP DELTA 
TIP RAKE 


CLIPPED TIP DELTA RECTANGULAR 


Figure 14-10. Typical Supersonic Wing Plan Forms 


A subsonic leading edge exists when the lead- 
ing edge angle, as measured from the center- 
line, is less than that af the Mach angle, un, 
which is defined as 


i sin— (<7) 
M 


that is, the leading edge lies within or behind 
the Mach angle. For such cases, the lift-drag 
ratio may be improved by utilizing rounded or 
subsonic leading edges. Correspondingly, a sub- 
sonic trailing edge is one wherein the angle 
setween the trailing edge and the centerline is 
less than the Mach angle. The term subsonic as 
applied to leading and trailing edges means 
simply that the component of flow normal to 
the edge has a Mach number less than one. The 
terminology for leading and trailing edges of 
supersonic plan form is illustrated in Figure 
14-11. 

For a subsonic trailing edge, the flow field 
between the tip and the Mach angle will be 
influenced by tip losses!! which will reduce the 
lift produced in that region. 
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Figure 14-11. Leading and Trailing Edge Terminology 
for Supersonic Wings 


The previously given equations for C, must 
be modified somewhat to describe the effect of 
a wing which flies supersonically but operates 
subsonically. For the sweepback wing, the veloc- 
ity component of the stream that approaches 
the wing normally is modified by the cosine of 
the sweepback angle, A. The other component of 
velocity is parallel to the leading edge of the 
wing and represents a flow along the wing 
which does not involve any compressibility 
effects. Thus it is possible to design a vehicle 
for supersonic flight which has the advantage 
of the higher subsonic ratio of lift-to-drag 
(L/D) for the wing, possibly 50, as compared 
with a supersonic straight wing with a typical 
L/D of 10. Also the wave drag can be reduced 
and in some cases even avoided by this means. 
The change in lift due to sweep can be found 
by simple means only in the two-dimensional 
case, i.e., for an infinite swept wing of constant 
chord. This corresponds to the limiting case of 
AR = o in the previous formulas. The previous 
lift equations must be changed by considering 
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the normal approach velocity rather than the 
free stream velocity as follows: (See Figure 
14-12.) 


a3 
l-—_—————— span ——__——-o 


ao STRAIGHT WING 


("* 
alll 


b SWEPT WING 






Figure 14-12. Straight Wing and Swept Wing 
Velocity Component Comparison 


M, = M,cosi 
where 


(14-7) 


M,, = wing Mach number, normal to the lead- 
ing edge in the plane of the wing 


M,.. = free stream Mach number 


Equation 14-3b, valid in subsonic flow, be- 
comes, (for AR = o) with the sweep effect 
taken into account: 


2 ma, COS? A 
V 1— M,? cos? i 
where a, is the wing angle of attack measured 
with respect to the velocity component normal 
to the leading edge of the wing and equals a, 
as originally defined, divided by cos i. 


CL — (14-8a) 


a a 
cos A 
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Hence Equation 14-8a may be written as: 


im 2na 
“\/1 4+ tan? — Mz? 


Similarly, Equation 14-5 in subsonic flow 
becomes for AR = ow: 


(14-8b) 


4a, cos? A 


ae Re 14-9 
Cy VV M,,? cos?’ — 1 ( a) 
i 4a (14-9b) 


VV M,? — 1 — tan?A 


For swept wings of finite span, ignoring tip 
effects, etc., the plan form becomes the so- 
called slender wing. The lift coefficient given 
in Equation 14-4 pertains to this case also. 

In Equation 14-9, a is always measured with 
respect to the vehicle free stream velocity 
vector and the chord projection in the plane of 
the velocity vector normal to the wing surface; 
ais not the wing angle of attack measured with 
respect to the flow normal to the leading edge 
of the wing. Also note that C, is referenced 
to the actual wing area and the free stream 
dynamic pressure. 

In addition, the limit on a = cgetach Must be 
considered at the new Mach number M, — M,j 
cos A if the wing is to fly supersonically. 


14-2.4 CRUCIFORM AND MONO-WING 
DESIGNS 


In general there are two types of wing- 
fuselage configurations which may be con- 
sidered. One is the conventional mono-wing; the 
other is a crossed, or so-called cruciform, con- 
figuration. These are illustrated in Figure 14-13 
with three views of the vehicles. 

There exist advantages to each type of con- 
figuration. Consider the problem of a missile 
required to maneuver with a certain g capa- 
bility (yn). For the mono-wing design the air- 
craft rolls and then pitches to make a lateral 
maneuver of ng’s. For a given maximum angle 
of attack of the lifting surfaces to the free 
stream, the total lift to weight (L/W) available 
is proportional to the wing area. In this case 
the L/W available is 


L ee 

Wa \/1 + y? (measured ing’s) (14-9c) 
and thus the wing area (S,,) is 

Sw=kV14+ (14-10) 
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Figure 14-13. Missile Wing — Fuselage 
Configurations 


The cruciform wing configuration need not 
roll before making a turn but pitches and/or 
yaws in the direction desired. Assuming that 
only a lateral maneuver is required equal to 
ng’s the area of the horizontal lifting surfaces 

hor is 

Sw. = Ko (14-11) 
and the vertical lifting surfaces have an area 
Sw, equal to 


Swyert — kon (14-12) 
Thus for the cruciform configuration 
Sic =Su, + Su yer, = Mo 1 + 0) (14-13) 


and consequently the cruciform configuration 
may be stated to be heavier than the mono-wing 
configuration. 

The main advantage of the cruciform con- 
figuration, previously stated, is repeated here. 
No rolling of the airframe is required before a 





turn is started; hence roll time is not a con- 
sideration for a cruciform wing. If the roll 
time is large with respect to pitching time (as 
has been the case in many missile designs) the 
actual flight path correction may be made much 
sooner by using a cruciform configuration. 


The selection of one type of wing configura- 
tion or the other for a surface-to-air missile 
design is more allied to the autopilot and 
guidance equipment requirements than to the 
problem of reducing in-flight weight of the 
missile. The important consideration regarding 
a wing-fuselage configuration is the means by 
which the guidance equipment commands ma- 
neuvers. It is possible that the complexity of 
converting in-flight frames of reference by the 
guidance equipment could be reduced by the 
appropriate choice of wing configuration. Each 
case should be investigated on its own merits. 


14-2.5 DRAG COEFFICIENT 


The drag force on a vehicle is the force 
which acts to retard the motion of the vehicle 
and, hence, must act normally to the lifting 
force. It follows that this force must also act 
in the same direction as the vehicle velocity 
vector but in a negative sense. The drag co- 
efficient, Co,,, is defined similarly to the lift 
coefficient, C_, as: 


Co... = — (14-14) 
where 

Co, = Co, + Cop t+ Co, + Co, (14-15) 
and 

Cp, = airfoil section or thickness drag 


t 
coefficient 


Cp, = form drag coefficient 
Cp ,;= friction drag coefficient 


Cp, = induced drag coefficient 


To compute the drag of a body in a flow, it is 
convenient to separate the drag into component 
parts, each being the result of a different phys- 
ical mechanism. The overall drag is the net 
result of integrating the components of the pres- 
sure and frictional (shear) forces in the drag 
direction around the body. 
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At subsonic speeds for streamlined bodies at 
zero angle of attack there is no drag: due to the 
pressure distribution since it is symmetric, thus 
no airfoil section or thickness drag (d’Alembert 
paradox) .!2 As the speed is increased so that the 
flow velocity at a point on the body approaches 
the speed of sound, local shock waves appear, 
changing the: pressure distribution and thus 
causing drag. When the main stream becomes 
supersonic, the shock wave moves to the leading 
edge of the body and there is always a drag 
associated with the body thickness. This airfoil 
section drag, sometimes called wave drag, occurs 
only at supersonic speeds and is independent of 
lift. 

Form drag is caused by the separation of the 
flow from the body. Streamlined bodies are those 
which minimize this type of drag. Assuming 
reasonable care has been taken to prevent bound- 
ary layer separation from the body; this term 
(Cp,) is usually small for wings. The combina- 
tion of section and form drag is often termed 
profile drag. 

The friction drag is due to the finite viscosity 
of the air and its scrubbing action against the 
wing surfaces. The effect of air friction or 
viscosity is confined to a thin layer next to the 
surface termed the boundary layer. The bound- 
ary layer flow can be laminar and/or turbulent. 
In a laminar boundary layer the viscosity or fric- 
tion between the moving airstream and the body 
surface is due to molecular motion. The laminar 
boundary layer along a surface can either remain 
laminar over the entire surface (practically 
never achieved), separate from the surface 
(which should be avoided as this causes form 
drag), or go through a transition to a turbulent 
boundary layer. In a turbulent boundary layer 
the effective viscosity is much larger due to tur- 
bulent mass interchange between adjacent layers 
and, therefore, the friction drag associated with 
it is much larger. If the turbulent boundary layer 
separates, the result is form drag which again is 
to be avoided. Ideally it is desirable to maintain a 
laminar flow over the wing. This is always diff- 
cult to achieve. As a compromise an attempt 
should be made to maximize the distance along 
the wing that the boundary layer is laminar, to 
prevent laminar flow separation but. permit 
transition to a turbulent layer, and to keep this 
layer attached at the trailing edge. The combina- 
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tion of section drag, form drag and friction drag 
is called parasite or zero lift drag as no benefits 
are derived from its existence. 


A wing is essentially a lifting device and to 
operate as such, it should be set at an angle of 
attack to the stream. The wing distorts the air 
flow about it so that behind the wing there is a 
net downwash of the flow. This momentum 
change of the flow must show up in the pressure 
distribution on the wing. The downwash velocity 
also implies a kinetic energy of the flow behind 
the wing that the flow did not have ahead of the 
wing. Since the energy must come from the wing 
or body doing work on the flow there must be a 
resultant force in the flight direction. The lift 
force can do no work since it is defined as being 
at right angles to the flight direction. 

This part of the drag force which is a direct 
consequence of the lift is called induced drag. 
This component of drag when added to those 
already discussed comprises the total drag of a 
wing or body. It should also be noted that the 
total drag less the friction drag is due to pressure 
variation about the body and hence is called 
pressure drag. 

Equations which are adequate to compute the 
total drag on the wing are available and are pre- 
sented in the same order as they were discussed 
previously. The aerodynamic or thickness drag 
coefficient, Cp,, is not found in subsonic flow. For 
supersonic straight wings this coefficient is of 
the form" 


om ratir(t) 
"t~ \/M2—1 \e 


(14-16) 


where 


k, = constant depending on cross-sec- 
tional shape. See Table 14-1. 


¢ = maximum thickness of wing 


c = chord of wing, distance from leading 
edge to trailing edge or the mean 
value if the chord varies over the 
wing. 


The next term for consideration is the form 
drag coefficient which is usually negligible in a 
good wing design. No value for this coefficient 
will be given here since wings are not bluff bodies 
as most fuselages are. A bluff body is one which 
has a separate boundary layer. Therefore, for a 








TABLE 14-1. CONSTANTS FOR USE IN 
DETERMINING DRAG COEFFICIENT FOR 
DIVERSE WING CROSS-SECTIONAL SHAPES 


Type of Airfoil 


Double Wedge 


Modified Double 
Wedge 


Biconvex 


preliminary design estimate at both subsonic and 
supersonic speeds 


Cp, = 9 (for a welldesigned wing) (14-17) 


The calculation of the third quantity in the 
parasite drag summation (Cp,,) is related to the 
total wetted area of the wing or body under con- 
sideration, which, for a wing, should be taken as 
twice the exposed wing surface. The friction 
drag force is dependent upon whether the flow is 
laminar or turbulent and upon the Reynolds 
number of the flow. Subsonically the only para- 
site drag coefficient which exists for a good wing 
design is friction drag and it is usually estimated 
only for the turbulent flow case. However, if 
laminar flow is assumed, the friction drag coeffi- 
cient is!4 


Ges skin friction (2) (1.328) 
«IR 
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where 


R, is the Reynolds number of the body 
calculated by 


rR, — -ve (14-19) 
ag 
where 


p = density of the boundary layer air 


V = velocity of the free stream behind the 
shock wave 


ly = length from leading edge to point of 
transition to turbulent flow 


p = viscosity of the boundary layer air 





In the case of turbulent flow, which is a typical 
situation, as a practical compromise between all 
laminar flow and separation of the boundary 
layer before transition toturbulent flow, the 
friction coefficient may be evaluated by two 
methods. The first is similar to the method in 
laminar flow 

Co, _ skin friction = (2) ictal (14-20) 


q Sw VR, 


with the Reynold’s number evaluated as above 
assuming that the total chord of the wing is in- 
volved less the length over which laminar flow 
exists. 

The second method is useful when the heat 
transfer coefficient is known since, because of 
Reynold’s Analogy,'® 

aie (14-21) 

pVCy 2 


where 
h = local heat transfer coefficient 
p = density boundary layer air 
V = flight velocity 


Cy = specific heat of air at constant pres- 
sure 


C, = local skin friction coefficient (S22) 


While this method is quite accurate (only a few 
percent error for fully developed turbulent 
flow), it must be used with an integration over 
the body wetted area to achieve this accuracy. 
For further discussion of the heat transfer prob- 
lem the reader is referred to paragraph 14-6. 


The induced drag coefficient may be expressed 
for supersonic compressible flow as!7 


Co, = Cra (14-22) 


where a is the angle of attack used to define the 
lift coefficient. 


It is perhaps of interest to mention that the 
numbering system used by the N.A.C.A. with re- 
gard to wing sections contains a mechanical 
description of the surface. This system is used to 
clarify the experiments that were done with 
wing shapes, to develop families of wings, and, 
further, to order the sections within the wing 
family by showing in the numerical designation 
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of the wing, the parameter of the wing that was 
varied and what the new value was. The reader 
is referred to the literature!® for a complete 
explanation of the N.A.C.A. wing section num- 
ber system. 


14-2.6 TAIL SURFACES AND STABILITY 


In most missiles it is necessary to have some 
sort of fin to provide what is called directional 
or weathercock stability. If a missile shape be- 
comes yawed relative to the free stream, then for 
most shapes there is a side force on the missile 
with a resultant moment that tends to yaw it 
even further. For this reason, a vertical surface 
area (fin) sufficient to counteract this destabiliz- 
ing moment is necessary at some point on the 
missile. The fins are usually either attached to 
the body of the missile or at the tips of the wing 
such as illustrated in Figure 14-1. The area of 
the fin is designed to give the desired stability. 
In addition, all or a small part of the fin is usually 
made movable so that in response to the guidance 
system commands, a moment may be exerted to 
turn the missile in the appropriate direction. 

Also included in the tail assembly are horizon- 
tal stabilizers. These control surfaces act like fins 
but are in a horizontal plane when the missile is 
at zero angle of attack. They are situated to 
counteract the pitching moment that usually ac- 
companies the integrated pressure forces about 
the wing. The movable surfaces (designated ele- 
vators) at the rear portion of the horizontal sta- 
bilizers are linked with the control system so 
that the motion of the missile in a vertical plane 
can be controlled. 


In a preliminary missile design, the weight of 
the tail surfaces is usually negligible compared 
with the other weights which must be taken into 
account. However, if a weight estimate is needed, 
a good approximation is to consider the tail sur- 
face areas sufficient to give weathercock stability 
and to counteract the pitching moment of the 
wing. The final tail surface configuration and 
area must finally be decided by stability and 
control considerations. One may consider the 
tail surfaces as small wings and use the 
approximation discussed in the section on wing 
aerodynamics. 


A serious problem concerning the tail sur- 
faces which has been encountered in many 
missiles is their ineffectiveness at missile angle 
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of attack due to interaction between the vortices 
shed from the body of the missile and the tail 
surfaces. It is assumed that the tail surfaces 
are located so that they are not influenced by 
the wing. 


14-3 BODY AERODYNAMICS 
14-3.1 GENERAL 

Another consideration in preliminary syn- 
thesis is the vehicle or the load transporting 
portion of the missile. The load consists of the 
warhead (fuze and explosive), guidance and 
control equipment, power supplies and missile 
fuel system components. The mission of the ve- 
hicle is to transport the load to the target and 
enable the missile to perform its mission prop- 
erly. With the advent of high performance mis- 
siles for interception of high performance 
targets, both aircraft and missiles, it is no 
longer sufficient to consider a body as a cylinder 
with an aerodynamic shield over the nose. Good 
aerodynamic design is required to minimize 
drag and increase performance. 

Over the years the aerodynamics of bodies 
have been investigated in an effort to determine 
what may be done to reduce the drag penalty 
due to this component of an airplane or missile. 
Sears!® and Haack”° have described a general- 
ized body of minimum wave drag in an effort 
to show the best approach for body considera- 
tion. This body is difficult to fabricate exactly. 
However, a close approximation is quite reason- 
able and, thus, the ideal body will be used as the 
standard in this section. This body is a good 
aerodynamic shape as contrasted with the cone- 
cylinder combinations used frequently in the 
past. 


14-3.2 EQUATIONS OF THE SEARS- 
HAACK BODY 


The shape of the minimum wave drag body 
for a given volume, base area Az, and length l, is 
developed from general equations relating the 
shape of the body to its wave drag. It is assumed 
that there are cusps at the leading and trailing 
edges. This assumption removes difficulties due 
to shock waves which would otherwise form at 
these points and complicate the theoretical 
considerations. The resulting equations which 
describe the generalized body are: 


Vol = Sp l (14-23) 

















drag wave — 
128 /Ss\? Ap 9 /Az\? 
facies Sal (pace) os ae fala 
a es, | Set a } 
(14-24) 
Ap : gs. 
S(2) = |x — 0+ sin 9 (cos ——> sin? 6)] 
1 
16 — 
+— Sz (sin? 6) (14-25) 
3x 
and @ is defined as 
6 = cos—} no —1 (14-26) 


where 


Vol = volume of space occupied by body (ft.*) 
= total length of body (ft.) 


Ss = cross section of cylinder of equivalent 
volume and same length (ft.?) 


Ap = base area of body (ft.?) 


x — distance from nose to cross section 
under consideration (ft.) 


= parameter relating x to | (radians) 


Two special body cases are shown in Figure 
14-14 as well as a particular generalized 
version. Case I, the Von Karman ogive, is 
obtained when Az = 2 Sz and case II, the close 
Sears-Haack body, is obtained when Az = 0. 
Case III is the generalized body in a particular 
case of As = Ss. The wave drag coefficients 
referred to Smex are shown for each case 
(Figure 14-14) where Si.x = maximum cross 
sectional area of the body. 


It should be noted, particularly in case III, 
that the body has zero slope with respect to 
distance at the extremes of the fore and aft 
portions of the vehicle. These cusps, as they are 
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Figure 14-14. Shapes in a 0.1 Fineness Ratio (l = 10 d max) 
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called, actually occur in almost zero distance 
and, hence, are not apparent in the drawings of 
the vehicle shapes. Investigation of the equa- 
tions for the cross sections S(x) of the vehicles 
will show the existence of the cusps. 


The maximum diameter occurs when 


1 As 
ss 14-27 
cos 6 rie a ( a) 
or 
zest | (14-27b) 
1 214A, — 8S5 


except when Az = 2 Sz. If Ag = 2 Sz the maxi- 
mum diameter occurs when the distance z is 
equal to l, i.e., the base of the ogive. 


14-3.3 LIFT COEFFICIENT 


The lift estimation of an elongated body, or 
wing-body configuration of certain categories, 
can be made by use of the so-called slender- 
body theory. This approximate theory, origi- 
nated by M. Munk and extended by R. T. Jones, 
is sometimes called Munk-Jones theory (Vol. VI 
of High-Speed Aerodynamics and Jet Propul- 
sion, Princeton University Press). It also 
affords an estimate of the pressure distribution 
and the distribution of normal force along the 
length of the body or wing-body combination 
and is therefore useful to estimate pitching and 
yawing moments. Because of its usefulness in 
preliminary estimations, it will be explained 
here, at least in general outline. 


The approximation is based on the observa- 
tion that, for elongated shapes at small angles 
of incidence, condition of flow in transverse 
planes is nearly the same as the cross-flow 
around cylinders. In other words, the cross- 
flow is practically two-dimensional at each 
station along the length of the body. This does 
not mean that the axial flow components are 
zero or that flow conditions are the same at 
each station; it only means that the variations 
of these quantities along the flow direction are 
small, so that their effects on the cross-flow are 
not applicable. 


Mathematically expressed, the velocity poten- 
tial function for small perturbation flow, ¢ 
(x, y, 2) may be written in the form 

o (2, y,2) =v (y, 2; 7) + 9(2) (14-28) 
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where w (y, z; x) denotes the potential for two- 
dimensional flow about the cross section at z 
and g(x) is some function of x (including the 
stream flow Ux), which is not known in 
general. The cross-flow potential y is written 
w (y, z; x) to emphasize that it represents plane 
flow in a yz-plane but also depends upon the 
coordinate x as a parameter because of the 
change of boundary conditions with z. The 
function g(x) must be included, in general, 
because various flows dependent upon z only 
can be superimposed upon the cross-flow com- 
ponent w. 


Equation 14-28 is quite general, and includes, 
for supersonic flow, the source-sink potentials 
used in the development of the Von Karman 
ogive, Sears-Haack optimal bodies, etc. But un- 
fortunately there do not exist simpler methods 
for g(x) than these source-sink methods, and 
the real usefulness of the Munk-Jones theory 
is for cases where g(x), by virtue of anti- 
symmetry, is known to be just U x. For example, 
for a flat plate at angle of attack, the anti- 
symmetry of the flow above and below the wing 
(which lies nearly in the zy-plane) dictates that 
g(x) = Uz. Furthermore, for any slender body 
or slender wing-body or wing-body-tail com- 
bination, in view of the linearity of Equation 
14-28, the flow problem may be divided into two 
independent parts, symmetrical and anti-sym- 
metrical, respectively ; i.e., into the problem of 
the area distribution and the camber-and/or- 
incidence problem. The latter is within the scope 
of the Munk-Jones theory, while the former 
requires source-sink distributions appropriate 
to the speed range involved. Only the anti- 
symmetrical (Munk-Jones) part affects cross- 
wind force distribution, lift, and movement. 


This theory is discussed in detail in Sections C 
and D of Vol. VI of the Princeton Series (High- 
Speed Aerodynamics and Jet Propulsion). Ap- 
plied to any pointed body of revolution it yields 
the result, for the cross-wind loading per unit z, 

F(2) =q2n | R? (2) ] ‘ (14-29) 
where &? (x) is the radius-required distribution, 


a is the angle of incidence, and the prime de- 
notes differentiation with respect to x. 


It may be verified, by integration of this load- 

















ing, that the total lift (or side force) for such 
a pointed body is 


L=2q As (14-30) 


where Az is the area of the base of the body. 
If the body has an open nose for air intake, 
the lift formula should be corrected by subtract- 
ing the nose area from Ag. The presence of an 
exhaust jet in the base area should not affect 
the lift, except that, of course, a component of 
jet thrust is added to the lift at incidence. If 
the body is pointed at both ends—or, more 
generally, if the open-nose area and base area 
are equal — the lift is zero. 


The above analysis neglects flow separation 
from the body — i.e., lift due to vortex produc- 
tion. At large angles of attack the flow around 
the aft parts of the body may deviate from the 
pattern assumed in this analysis, as shown in 
Figure 14-15. That is, separation of the cross- 
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flow may result in the formation of trailing 
vortices. Such vortices, of course, affect the 
pressure distribution and the lift and movement. 
If one could predict their positions and strength, 
one could easily correct the lift formula accord- 
ingly simply by computing the vertical impulse 
(momentum) in the cross-flow plane far down- 
stream. This prediction is very complicated and 
not amenable to practical application to date. 

Nevertheless, experiments show good agree- 
ment with Equation 14-29 for angles of a less 
than about 12°. For larger angles, Equation 
14-29 still provides a conservative estimate but 
must be corrected empirically by reference to 
experimental data if the body lift is expected 
to constitute a large part of the total. 

Before discussing wing-body lift, a few re- 
marks are pertinent on the application of Munk- 
Jones theory to wings. For any flat wing, the 
lift loading is calculated by the same methods 
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Figure 14-15. Formation of Trailing Vortices for Large Angles of Attack 
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as used for bodies of revolution, and the result 
is: 


F(x) =q =| (2) (14-81) 
where 6b? (x) is the square of the wing span at 
station x and again the prime denotes differen- 
tiation with respect to x. Equation 14-31 is 
applicable only to pointed wings of low aspect 
ratio. 

But a property of wings is that they have 
sharp trailing edges and therefore necessarily 
cause separation of the cross-flow at all stations 
aft of the maximum span. R. T. Jones, in his 
extension of Munk’s theory, showed that the 
result is a trailing-vortex sheet extending down- 
stream behind all trailing-edge segments (see 
Figure 14-16) and zero lift on all parts of the 





Figure 14-16. Trailing Vortex Sheet of a Flat Wing 


wing aft of the station of maximum span. Thus, 
Equation 14-31 should be altered to read 


F(zx)=4q a b? (x) J« 


for values of x between the pointed nose and 
the maximum-span station (14-32) 


F(x) = 0 for values of x greater than x-for- 
maximum-span. The total lift is 


L=¢ = Dinax? Ot (14-33) 
or 

C.= = ARa (14-34) 
where AR denotes the aspect ratio, b,,,,2/S. 
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One can now proceed to a consideration of 
wing-body combination. The principles of the 
application should be clear from the preceding 
discussion; viz., 

(a) For stations forward of the junction of 
fuselage and wing leading edge, Equation 14-29 
applies. 

(b) For stations between the leading-edge 
junction and the station of maximum span, a 
new formula must be obtained to account for 
flow about a cross section such as the one shown 
in Figure 14-17. 


Ni 


Figure 14-17. Cross Section Flow between Leading 
Edge Junction and Maximum Span Station 


(c) For stations further aft than the station 
of maximum span, the wing lift loading is zero, 
while the body lift is given roughly by 
Equation 14-30*. 

The problem stated in (b) has been solved 
by Heaslet and Lomax in Sec. D, Vol. VI of the 
Princeton series. They give the resulting lift 
loading only for wings mounted on cylindrical 
bodies, i.e., where the body radius R is constant 
in the range of x of (b) above. This result can 
be used as an approximation for non-constant 
R(x), however, and does give the correct total 
lift. The loading is: 


b?2(x) 
F(a) =2xqa— |= 


R4(x) 
b?(x) 


(14-35) 


— R?(z) + 4-—_— 





*For a refinement to account for the effect of change of 
body diameter or wing trailing vortices, see M. C. 
Adams and W. R. Sears, J. Aero. Sci., Vol. 20, No. 2, 
pp. 85-98 (1953). 








and the total lift on this part of the wing-body 


combination is 








b 
L=2 max~ 
xqa| 4 Danas? | 


(14-36) 


where R, denotes the body radius at the junc- 
tion of wing leading edge and body, and R, 
denotes the body radius at the station of maxi- 
mum wing span. (Note that for a wing this 
formula reduces to Equation 14-33 while for a 
body alone b,,, = 2 Re. and the lift becomes 
L=2xqa|Rt—R:| (14-87) 
As a summary, the total lift can be calculated 
on the configuration shown in Figure 14-18. 


Part I: 





Ly = 2nq R20 (14-88) 
Part IT: 
Ly, = 2xq « 1 
(14-39) 
Part III: 
Lin = 2q0 |. — xR, (14-40) 
Total lift: = 2q a|— _ore4 4 het == ]+ 2qa Az 
(14-41) 


The Munk-Jones theory has been applied to 
more complicated configurations, such as those 





involving swept back wings. (See Sec. D, Vol. 
VI of the Princeton series and various refer- 
ences listed there.) 


14-3.4 DRAG COEFFICIENT 

The drag coefficients for a body may be sub- 
divided just as the coefficients were for a wing. 
Slightly different titles are used to make the 
name of the coefficients more nearly describe 
the physical phenomena as well as accentuate 
the differences between bodies and wings. An 
appropriate area for bodies in the equation for 
drag is the largest cross section of the body 
(Sy). The drag coefficient equation may be 
written as follows: 


drag 
Ce. = 14-42 
where 
q = dynamic pressure, (Ib./ft.?) 


Ar= Sy ;= reference area for body nor- 
mally taken as the largest cross 
sectional area, (ft.?) 


and 
Cox, ms Co,, + Co, + Co,* +Cop, 
where 


Cp, = wave drag, similar to thickness drag 
for wings 


Cp, = base drag, similar to form drag for 
wings 


or AREA 


Figure 14-18. Nomenclature for Determining Total Lift 
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Co,* = friction drag, same as for wings, 
related to the proper area for body 


Cp, = induced drag, same as for wings 


The aforementioned coefficients originate 
from the same flow field forces for bodies as 
for wings. However, since the body is not a 
very good wing, the relative importance of the 
terms is much different than for wings. For 
instance, the wave drag of a well designed body 
should be the most important. This does not 
mean that the wave drag is inherently very 
large but simply that successful means are 
available to keep the other drag coefficients 
small with respect to it. When wing drag is 
considered, the problem of shock wave detach- 


“The asterisk after any coefficient will denote that a 
different reference area for the coefficient is usually 
used in its definition. 
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Figure 14-19. Maximum Semi-Vertex Angle for 
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‘FREE STREAM MACH NO. (Moo) 


ment is important. Since the nose of a stream- 
lined body also disrupts the flow, the semi- 
vertex angle of the nose should be small enough 
to keep the shock attached to the nose. It will 
be pointed out again that when the shock wave 
is detached from the nose of a vehicle the shock 
wave front is no longer pointed but becomes 
rounded and moves forward of the nose of the 
vehicle some distance. For wave drag calcula- 
tions, then, the nose has the appearance of 
being rounded so far as the air stream is con- 
cerned and the wave drag goes up. Data for 
the limiting semi-vertex angle for cones is 
available in the literature”! and is reflected in 
Figure 14-19. These curves assume that the cone 
is not inclined to the stream flow, which is a 
reasonable assumption in preliminary design 
investigations. In the case where a shock is 
detached, the curves of total drag coefficient for 
a blunt nosed body must be used. 


SSS 


SHOCK 
ATTACHED 


3.0 


Shock Attachment as a Function of Mach Number 








The base drag for a body is more significant 
than for wings since fuselages are normally 
ended in boattails rather than pointed as in the 
closed Sears-Haack body. When the vehicle 
moves very fast the pressure on the base of the 
boattail is lower than atmospheric pressure 
since the stream is separated from the body 
surface here. For the closed Sears-Haack body, 
no base or form drag exists since the stream 
remains attached (with proper design) the 
entire length of the body. The Von Karman 
ogive, on the other hand, has a base drag which 
is very large. The more generalized Sears- 
Haack body has a base drag term which is 
dependent on the area of the base. Although 
this problem will be discussed in more detail 
in paragraph 14-3.5, it is worth mentioning at 
this point that if the engine is located inside 
the generalized body such that the exhaust area 
is approximately equal to the base area, no base 
drag need be accounted for since the pressure 
of the exhaust gases is equal to if not larger 
than atmospheric pressure. 

The friction drag calculation for bodies is 
similar to that for wings since it arises from 
the same source. The actual computation for 
wings was approximated by assuming that the 
wing was a flat plate, which certainly does 
not apply for a body of revolution, at least not 
to the same degree. The same characteristics 





and flow field considerations apply for a body 
as for a wing. The flow should be laminar as 
far back on the body as possible. Transition to 
turbulent flow should occur to prevent laminar 
separation, and care should be taken to keep 
the turbulent flow attached to the body all the 
way to the base. For estimating purposes, it is 
convenient to consider the body, including the 
Sears-Haack shape, as cones and/or cylinders, 
since the friction drag coefficient because of its 
magnitude does not need to be as precise a 
calculation as the estimation of aerodynamic 
heating. The appropriate area for skin friction 
is again the total wetted area of the skin, that 
is, the area of the body to which the boundary 
layer is attached. 

The induced drag attributed to the body 
because of lift is very small because the lift 
is small. Previously, discussion of lift showed 
methods of estimating what this small contri- 
bution might be. If the lift of the body is 
estimated to be zero, no induced drag can occur. 


The actual computations for the drag co- 
efficients will be taken up in the same order as 
discussed and will be applied to the generalized 
Sears-Haack body. Figure 14-20 shows total 
drag curves for bodies other than the Sears- 
Haack body, with reference to the proper area 
for the body (Sy), with the body at zero angle 
of attack to the free stream. 





Figure 14-20. Effect of Nose Shape on Total Drag Coefficient for Vehicle of Fineness Ratio 7.35 
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The wave drag coefficient for a body is 
identical with the thickness drag for a wing in 
that it does not exist in subsonic flow and 
appears only when waves appear in the flow 
field. The drag coefficients for the Sears mini- 
mum wave drag shapes are given by the general 
drag equation written previously as 


dragem=44-< (4) [!g2 t+ aa(s2) |} 
TaBwere =F) \ S, | 32\Sz 


= ¢@ CoS (14-43) 


with the modification for each of the specialized 
bodies 

closed body: A; = 0 

Von Karman ogive: As = 2 Sz; 


which is to be substituted in Equation 14-48 if 
these shapes are chosen. 


The base drag is a subject of separate con- 
cern in this chapter (see paragraph 14-3.5) ; 
however it may always be safely overestimated 
by assuming that a perfect vacuum exists over 
the base area of the boattail such that the base 
pressure drag is 


(14-44) 


drag... —= | ee Ap = @ Co, S (14-45) 


where 


Patmos = atmospheric pressure at altitude 


However, this estimate may be very large 
and, hence, is not recommended. The correct 
procedure is to consider the difference between 
the pressure distribution over the base and 
atmospheric pressure. However, since this pres- 
sure distribution is affected by the boattail 
design and the air properties, for any given 
velocity, an empirical approach is recommended 
where a boattail configuration is desired. 

The friction drag is calculated somewhat 
differently than for wings. For determining the 
friction drag coefficients, the body can be 
approximated by a cone-cylinder combination 
having the same total wetted area as the body 
under consideration. 


The concept of wetted surface area being 
equivalent to exposed body area gives no trouble 
with a wing; however, the body presents a more 
complicated problem. First, the base area is not 
included. Secondly, separation may occur some- 
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what forward of the base area and the boundary 
layer is no longer attached to the body; hence, 
this area over which the boundary layer separa- 
tion exists should not be included in the wetted 
area calculation. These complications with a 
fuselage imply that the friction drag calculation 
may be more reliable when arising from experi- 
ment rather than theory. Assuming, however, 
that the body is replaced by a cone-cylinder 
combination and that either laminar or turbu- 
lent flow exists over the cone and turbulent flow 
exists over the cylinder with no separation, the 
equations may be written, correlating with flat 
plate data”* and slightly redefining Co, from 
paragraph 14-2.5 as 


kin friction 
C = 14-46 
(Co,) one 7 (S)ecx ( ) 
where 
(S) cone = Surface area of cone, (ft.?). 
(Co,) cone may be related to (Cry) nat plate by 
2 ; 
(C0,) cous = FH (Cop) nat seat (14-47) 
Thus for laminar flow over a flat plate 
1.828 
(Co,) nat re Re (14-48) 
while for turbulent flow 
(Cry) rst piate = — (14-49) 


\/ Re 
Thus, for flow over a cone with the shock wave 


attached to the nose, the skin friction drag may 
be evaluated as 


(Co,) cone = (for laminar flow) 
(14-50) 
(Co,) cone mS LUE (for turbulent flow) 
V3 VJRe 
(14-51) 


which may be substituted in Equation 14-46 to 
evaluate the drag contribution. 


The cylinder portion of the equivalent cone- 
cylinder combination is analyzed identically 
with the flat plate with friction on one surface 
only. The equations may be directly written as: 


ee eee ieee eee ieee ee Be = 





= skin friction (14-52) 
qd (S ) cylinder 


(Co,) 


cylinder 


where (S) cyiinaer = Surface area of cylinder, ft.? 
for laminar flow as 


1.328 








( Co,) er \/ Re (14-53) 
and for turbulent flow as 
0.03806 
(Co,) cylinder = ( 14-54) 


\/ Re 
In all cases the Reynold’s number is defined 
for bodies as: 


Re —2vl 


yp 


(14-55) 


where 


p= density of boundary layer air (slugs/ 
ft.8) 


V = velocity of free stream behind the 
shock wave, (ft./sec.) 


| = maximum diameter of body under con- 
sideration (ft.) 


u= viscosity of boundary layer air (lb.- 
sec./ft.?) 


The choice of a particular cone-cylinder com- 
bination to use in the case of the Sears-Haack 
body is very difficult to make. However, it is 
acceptable to assume that the cone portion ex- 
tends to the maximum diameter of the Sears 
body and the cylinder portion may be con- 
sidered to exist from the point of maximum 
diameter to the base area of the body. For the 
closed Sears-Haack body two cones would be 
appropriate. 


Thus, the friction drag coefficient related to 
the maximum cross sectional area may be 
written as: 


Co,* 


(Co,) cone (S ) cone (Co,) cylinder (S ) cylinder 
(14-56) 


Smax = 


14-3.5 BASE DRAG 


It was mentioned previously that the calcula- 
tion of the base drag coefficient which relates 





to the drag arising from a finite area at the aft 
portion of a fuselage was more complicated 
than for a straightforward closed body or one 
which had an internal power plant which ex- 
pelled gases over the base area. Neither of these 
bodies has a base drag term since no pressure 
lower than atmospheric acted over the base area 
when an engine exhaust. was present in the 
second case or in the first case when no base 
area existed. 


The base area will cause a drag at supersonic 
speeds since the pressure on the base is not as 
large as atmospheric pressure. The reason for 
this is that when a body terminates suddenly, 
the flow will take a finite time to expand and 
fill the void created by the disappearance of the 
obstruction in the flow field. The rapidity with 
which the flow returns to fill this void is 
dependent upon the configuration ahead of the 
base, the type of flow just preceding the body 
termination and the velocity of the flow past 
the body. 


When discussed previously, it was indicated 
that to consider a vacuum acting over the base 
was a gross overestimate of the base pressure 
drag. Empirical evidence supporting this state- 
ment is shown in Figure 14-21. 


This figure shows the coefficient of base drag 
when a vacuum exists over the base. It also 
reflects the drag coefficients for two- and three- 
dimensional] flow fields about a body which is 
cylindrical in nature and sufficiently long to 
allow a well developed turbulent flow along the 
body just forward of the base. The three- 
dimensional flow field case shows a lower drag 
coefficient than the two-dimensional flow field 
case since the ability of the stream to recover 
its undisturbed flow field pattern is better with 
three-dimensional flow. 


For a perfect gas and considering a vacuum 
over the base area: 


base drag = P, As = qQCp, As (14-57) 
where 

A, = base area, (ft.?) (14-58) 

P,, = free stream atmospheric pressure, 


(lb. /ft.?) 
q = dynamic pressure, (Ib./ft.?) 
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Figure 14-21. Base Drag Coefficient, Cp, = —C_, 
for an Infinitely Long Cylinder with Turbulent 


Flow and Attached Boundary Layer just 
Preceding the Base 


For a perfect gas it may be stated that 


1 
2 


where 


y RT = a?, speed of sound in the perfect gas 
y = ratio of specific heats of gas (1.4 for 


air as perfect gas) 
R = gas constant 
T = absolute temperature of gas 
Further noting that for a perfect gas 


P=pRT (14-60) 


where 


P = pressure of gas at a density (p) and 


absolute temperature (7) 
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ce > (y RT) M2 (14-59) 


Finally, the base drag coefficient for vacuum 
conditions of a perfect gas is 


Coe eee (14-61) 





y—1.4 


This equation is used to plot the vacuum con- 
dition on Figure 14-21. 

It is also interesting to consider the three- 
dimensional data of Figure 14-21 as a coefficient 
of the form of 


i As oe, (14-62) 


? M?—1 
Figure 14-22 is a plot of Co,\/M? _jas a 
function of Mach number. This yields, for a 
long cylinder with well developed turbulent 
flow, a value of Cp equal to 0.26 from Mach 
1.75 to 4.0. 


The literature’? is again helpful in determin- 
ing the effect of a boattail on the base drag 
coefficient by suggesting the relationship be- 
tween a boattail and a cylinder as: 


(Co,) boattail — Baws e (14-63) 


( Cp B ) Teylinder 


where feyiinaer 18 the maximum radius of the 
fuselage and where the slope to the base is not 
too abrupt (about 5°, average). 

The base drag coefficient for a well designed 
boattail may be approximately calculated after 
the preceding discussion as 

a 0.26 Ap 1.5 

Co, = Fr oils_) | (14-64) 

14-3.6 SURFACE-TO-VOLUME RATIOS 
FOR VARIOUS SHAPES 


The system engineer must in early phases of 
the development program estimate the surface 
area of a non-specific shape (probably the fuse- 
lage). Since the preliminary drawings are 
usually unavailable, some means of estimating 
the surface area must be found for both friction 
drag calculations and the general heat transfer 
problem. 

surface-to-volume ratios of several appro- 
priate shapes are considered in order to esti- 
mate the surface area if the volume is specified. 
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Figure 14-22, Results of Fitting Curve to Three-Dimensional Cylinder Drag 


Since the volume may be crudely defined by _ to relate the surface area directly to the initial 
dividing the weight of équipment carried by an weight of the vehicle. These shapes are shown 
appropriate density in pounds/ft., itis possible in Table 14-2. 


TABLE 14-2. PARAMETERS FOR VARIOUS AERODYNAMIC CONFIGURATIONS 


x a 
| SHAPE votume (v)*]  Apeater) ection 


CONE | 7 

: — * fics ae 
3r 
Tt 

















mM 


CYLINDER 
¢ 


OGIVE 
¢ 


<—-—] 


CLOSED BODY 


<—-—>OH 





0.3927 dm 2.046 r dm2 0.7884 dm2 5.2048 2 6046T 
m 
0.4626 dm > 3.148T dm? 0.7884 dm2 ages 


% dm = MAXIMUM DIAMETER 
T=FINENESS RATIO ( 7q,,) 
J <OVERALL LENGTH 
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14-4 COMPOSITE AERODYNAMICS 
DESIGN 


14-4.1 VALUE TO SYSTEM ENGINEER 


In the preliminary synthesis of modern 
weapon systems the proper balance of com- 
ponents and subsystems must be made early in 
the program. If the overall blending is not 
done early, the final configuration will probably 
not be optimum. This may or may not be 
significant in itself; however, the potential 
significance is very great. If the opportunity for 
a systematic selection of a configuration is 
passed by because of insufficient information, 
the characteristics and usefulness of the overall 
optimum system may never be evaluated as com- 
pared with the selected final configuration. 
Application of the general design information 
will permit the systems engineer to investigate 
the system early enough to define the optimum 
weapon system characteristics realistically. 


The purpose of the preceding sections has 
been to describe by linear theory all the aero- 
dynamic parameters that affect the composite 
design in order that these parameters can be 
utilized as inputs for preliminary synthesis of 
a weapon system. The latter portions of the 
chapter discuss the structural weight contribu- 
tions to the weapon system. The combination 
of all these parameters as well as all the elec- 
tronic, mechanical, and warhead parameters 
that influence the system performance are 
necessary for a complete system design. 


14-4.2 ESTIMATE OF OPTIMUM LIFT-TO-DRAG 
FOR A PARTICULAR CONFIGURATION 


For an externally mounted engine, the power 
plant designers will quote net thrust from a 
propulsion system minus nacelle drag. Thus the 
engine parameters may be reduced to thrust 
available above and beyond what is required 
to overcome the engine drag itself. Thus, by 
this scheme, the engine drag may be removed 
from the vehicle drag consideration. The re- 
mainder of the vehicle might in fact be com- 
posed of only a fuselage and a wing or lifting 
surface. The upper limit for optimum lift-to- 
drag ratio (L/D) of this wing-body combination 
is a useful sub-optimization to have available. 
However, the reader is reminded that, in 
general, sub-optimizations (selection of the 
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optimum design for each portion of a weapon 
system) will not produce an overall optimum 
system and, in fact, will interfere with the 
determination of the overall system. 


The lift and drag of a fuselage and wing 
combination are frequently quoted without 
regard to the expected value for the lift-to-drag 
ratio as a function of Mach number and alti- 
tude. If a combination, neglecting interference 
effects, of the Sears-Haack closed body and a 
straight wing is assumed, an estimate of L/D 
to be expected as a function of Mach number 
and altitude may be calculated in the following 
manner: 


The total lift required of the vehicle is 

lift = Wrow = pu Sal = q Cr So (14-65) 
where 

Py = average density of vehicle (Ib./ft.?) 


Ss = cross section of cylinder of equivalent 
volume (ft.?) 


t= length of the vehicle, (ft.) 
C, = lift coefficient, dimensionless: 
S,» = wing area, (ft.?) 
The drag of the vehicle may be written as 
drag = q Sz (Co, * + Co, * + Co,” + Co, *) 


(14-66) 
where 


Cy, *= zero lift drag coefficient of body 
B referred to Sz 


Cy, *= induced drag coefficient of body 
‘B referred to S; 


Cp, * = zero lift drag of wing referred to Ss 


w 


Cp, * = induced drag coefficient of wing re- 
© ferred to Sz; and may be written with 
reference to the same area with wing 


coefficients related to the proper 


areas as 
drag — q Sp (Co, * + Seo, * Co, > + 
B Sp 0 B 
Sw ri 
a (14-67) 





and assuming further that: 





: co ean (14-68) 
and 
Co, * << 22, 
‘p Sp ‘w (14-69) 
Equation 14-67 may be rewritten as 
drag = q Sp (Cp, * + Cr, ) (14-70) 


These quantities should be considered after 
the curves are drawn with a view towards 
demonstrating regions in which the solution is 
not proper. They may then be considered as not 
affecting the method of solution. 


Assuming further that the friction drag on 
the body is negligible as compared to the wave 
drag, the computation of L/D. may continue. 
The wave drag for the Sears-Haack closed body 
may be written as 

2 

Cy, *Ss= (=) (=) 

B 1 l 
where all terms are as previously defined. 


It may be further shown that the maximum 
cross sectional area (Sx) may be defined as 


16 Sr _ dm? 
Sx ——i‘ A 
Thus Cp, * may be written with respect to the 


B 
proper area for the fuselage as 


(14-71) 


(14-72) 


Smax = 


Co. Saas = a reel (14-78) 
°B 2 l 
Defining 
t=l/dy 
where 


+ = fineness ratio 
dy = maximum diameter of fuselage 


it may be shown that 


Sean = 2 nt Same 
oR 8 +t? 
Thus the lift-to-drag ratio may be written as 
L_ Cr Sw 
D Co, | Smax + Co, Sw 


Cp (14-74) 


(14-75) 


Considering the following identities 





C1, Se = Sv ( oC: )a =a (14-76a) 
oa 
Co, Sv = Su (2) a= Cy? (14-76) 
w a 
— (‘2 
Co, Smx = C | (14-76c) 
the L/D ratio may be rewritten as 
L Cia 
— = 14-77 
D C2 + Ci a? ( 


To. find the L/D... the Equation 14-77 must be 


differentiated and set equal to zero, 


~) L re) Cia 
— | —) = 0= — [| —_——— 14-78 
a ree) ney 
= (C2 +C, a?)C, — Cia (2C; a) 
(C2 + Cya?)? 


or, rearranging and selecting the non-trivial 
solution, 


C2 = C, a? (14-79) 
With reference to Equation 14-76a and b define 
Co, Smee — Cr a Sw 

B 


for L/ Dont: 


Thus Equation 14-75 may be rewritten sub- 
stituting Equation 14-80 and the implication 
of Equation 14-78 as 


L C1 Sw 1 


Done a 2Cp mas 7 2a 
B 


0 


(14-80) 





(14-81) 


The above equation states that having evalu- 
ated the zero lift-drag of the vehicle, the 
optimum L/D is achieved by making the in- 
duced drag equal to the parasite drag and 
incidentally determining the angle of attack, a, 
at which the wing will fly to give this L/Do 
for the vehicle. 
Utilizing Equations 14-65 and 14-80 the 
angle of attack may be determined as 
a= Cz Sw a ae Co, Smax 
~ Cr Sw 7 py Sy l/q 


and utilizing Equations 14-72 and 14-74 in 
Equation 14-82 it may be shown that 


_ bag 
a= tt (14-83) 


(14-82) 
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and by utilizing Equation 14-81 

Lt __? (2x (14-84) 

Dope 387.7 \ @ 

It should be noted that two limitations as to 
physical phenomena apply. The angle, a, must 
always be less than the angle at which shock 
detachment occurs if the wing is to operate 
properly as a high lift, low drag aerodynamic 
shape. Further, the wing area, S,, should be 
of reasonable size such that it is appropriate 
to neglect its weight compared to the body 
weight. Otherwise the above procedure needs 
modification. 

Thus, the wing area, S,, must also be calcu- 
lated using the Ackeret theory. Since the lift 
coefficient neglecting aspect ratio corrections is 


4a 
C.=o—_———== 14-85 
L \/ M2 =a 1 ( ) 
Equation 14-65 yields, after some rearranging 
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In the case where Equation 14-84 has an 
unwanted characteristic of length, which really 
represents a measure of the total weight, an 
equation for the volume of the body may be 
used to change this equation to a more useful 
form. 

Wr 3x? 18 


— = Vol = S;l = —— 


p 64 1? Gant 
M 


Hence, by substituting Equation 14-87 in Equa- 
tion 14-84 and rearranging, 


L = W7? py2/8 18/8 (14-88) 
Dovt (29.15)q 


The results of calculations using this equa- 
tion and an upper limit of wing area as 50 ft.? 
for a 1000-pound vehicle with p, = 40 lb./ft.* 
and t = 10 and the ICAO standard atmosphere 
are shown in Figure 14-23. The forbidden 
region of a for the wing greater than the shock 
detachment angle is also shown. 
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Figure 14-23. Optimum Lift-Drag Ratio as a Function of Altitude and Mach Number for a Particular Case 
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14-4.3 GROWTH FACTOR 

Another important facet of overall design 
has been established previously from empirical 
evidence.® This is the concept of the necessary 
growth of a vehicle when small changes are 
made in the payload of the vehicle. Although 
the particular component of the vehicle selected 
was an air-breathing engine, this curve will 
apply to any other portion of the payload. 

Considerable insight into the importance of 
engine weight can be obtained from the concept 
of an aircraft growth factor. The growth factor 
is the rate of change of aircraft gross weight 


as a result of changes in the weight of any 
component under consideration. When this com- 
ponent is the military load, the growth factor 
is called overall aircraft growth factor. It is a 
condition in which the basic design criteria, 
such as performance and structural integrity, 
are held unchanged in evaluating a growth 
factor. This is accomplished by suitable scaling 
of the aircraft to accommodate weight changes 
of the component under consideration. 

Figure 14-24 is a plot of overall aircraft 
growth factor versus the payload/gross-weight 
ratio. This growth factor progressively de- 
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Figure 14-24. Growth Factor Comparisons 
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creases as successively greater numbers of 
items are frozen in the design until it reaches 
a limiting minimum value of unity, which 
occurs when the aircraft is built. At this point, 
variations in the weight of an item, such as the 
military load, change the performance by the 
maximum amount. This is in contrast to no 
change in performance, which is the condition 
resulting in the maximum value of the growth 
factor. during initial design of the aircraft. 


A second curve is included in Figure 14-24 
to show the diminution of growth factor that 
occurs when some item, such as the engine, is 
fixed; that is, the engine is not changed so as 
to restore the aircraft performance to its 
original value after a change in payload is 
made. The limiting value of unity for the 
growth factor is represented by the vertical 
coordinate axis. 


The position of any given aircraft on the 
growth factor curve depends on the degree to 
which the state-of-the-art is extended in meet- 
ing the aircraft requirement, and the extent to 
which the payload percentage can be allowed 
to fall as limited by operational and economic 
considerations. Thus, it is found that long- 
range bombers have the highest growth factors. 
For example, the addition of one pound of pay- 
load will add approximately 20 pounds to these 
aircrafts’ gross weights. 


14-4.4 AREA RULE FOR BODIES OF 
REVOLUTION 


Previous discussion of bodies has been con- 
cerned with the determination of shapes of 
minimum wave drag. Thus, the bodies which 
have been considered are smooth and slope 
gradually and continuously to the maximum 
cross section. No consideration has been given 
to the wing-body combination for minimum 
wave drag. The area rule concept provides an 
answer to this problem. 

It will be recalled that the drag coefficient 
for a straight wing reached a peak value at 
Mach 1.0. Further, the wave drag coefficient of 
the minimum wave drag body has also reached 
its maximum value at Mach 1.0. Thus, for the 
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wing and body, when these two terms are 
added, a peak value for drag coefficient is 
reached at Mach 1.0. This is shown in Figure 
14-24. Thus, the power plant requirements, 
particularly for air-breathing engines, may be 
determined in part by this peak value. 


The application of the area rule to this 
problem would show that if the Sears-Haack 
body cross sectional area is decreased as a 
function of distance by the wing area measured 
in the same plane, then the overall wave drag 
term for the combination would be the same as 
for the Sears-Haack body alone since the cross 
sectional area at any point is now the same as 
for the original (Sears-Haack) body. Taken 
separately, the wing- and area-ruled body 
would show a different total drag coefficient 
than the combination. This apparent difference 
is due to interference effects between the body 
and wing which cannot be measured with the 
parts separated. 


By this method the new wave drag coefficient 
which includes the interference effects is similar 
to that for a minimum wave drag body and, 
hence, the power plant would not be sized in 
part by the peak drag coefficient but only by 
the mission considerations such as maximum 
cruise speed and maneuverability during cruise 
flight. 


14-4.5 AERODYNAMIC CONFIGURATION 
ANALYSIS 


Utilizing the preceding material, it is possible 
to analyze a configuration for its aerodynamic 
characteristics. In order to keep the computa- 
tions meaningful, a particular configuration will 
be selected permitting discrete answers for the 
computations. The few necessary assumptions 
will be made as needed. 


The selected configuration is shown in Figure 
14-25. The parameters will be computed for a 
cruising state at 60,000 feet at Mach 3 accord- 
ing to the ICAO standard atmosphere. The 
effect of maneuvering up to 6 g’s will also be 
analyzed. The first calculations will concern the 
physical relationships of the canard missile. 
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Figure 14-25. Sample Missile Configuration 


14-4,5.1 Body Volume 


The volume of the body is made up of the 
volume of the nose (V,) plus the ung 


afterbody (V,). 
From Table 14-2 


V, = 0.3927 d,,? t (14-89) 
and since d,, = 1 ft. and t = 8 

V, = 1.1781 ft.* (14-90) 
The afterbody volume is: 

V, = 0.7854 d,,? t (14-91) 
Again since d,, = 1 ft. and ta = 10 

V, = 7.854 ft.* (14-92) 
The total volume, V;,, is then 

V, + Va. = 9.082 ft.® (14-93) 


If a missile density of 85 lbs./ft.? is assumed, 
the fuselage assembly weighs 


W, = 167.72 lbs. (14-94) 


The lifting and control surfaces will be 
initially estimated at 32 pounds, which causes 
the entire missile to be estimated at 800 pounds. 


14-4.5.2 Surface Areas 


The surface areas will be needed for later 
calculations and will be computed now. 


The surface areas for the nose (S,), the 
afterbody (S,), the aft surfaces (S,) and the 
forward surfaces are computed as follows from 
Table 14-2. 


S, = 2.046 d,,? t, = 6.188 ft.? (14-95) 
S, = 8.142 t, dy? = 31.42 ft.? (14-96) 


The plan areas of the lifting surfaces are 


Sy» = 2.0 ft.2 + 1.0 ft.2 (including stabilizer) 
(14-97) 


S.== 0.6 ft.? (14-98) 


14-4.5.3 Lift Forces 

It will be assumed that the trim condition 
will be with all the surfaces at zero degrees 
relative to the body angle of attack (a,). The 
total lift for wing body combinations will be 
calculated by the following formula which is 
applicable to bodies of revolution and low aspect 
ratio wings. 

— g —. 2 Serpe... =) _ 
Lift = qb (i-< uae = (14-99) 
Assuming that the wing lift is affected more 

by the presence of a body than the body is by 
the presence of the wing, the lift may be 
separated as follows. 


Body Normal Force: 
P= ea: G dn? = ay (1.5708) (14-100) 
which acts at station 1.5. 
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Control Surface Force: 


1 1 
fie Sa(i-+ <6) _ F, 
aa |= 4° 46 


(14-101) 
Ha [5 (3-625) _ F, 
— g a, (4.0712) 
which acts at station 3.5 (mid chord). 
Aft Surface Force: 
1. 1 
F,= id Geary ol; ae 
me | 2 9 | 81 
(14-102) 


=—Te [5 (8.1111)| _ F, 


= qa, (11.1701) 
which acts at station 12 (mid chord). 


The aerodynamic center of pressure may be 
estimated as follows by summing the moments 
(M;) about the nose and dividing by the total 


force. 
M, = q a, (1.5708) (1.5) = q a, (2.3562) 
(14-103) 
M, = qa (4.0712) (3.5) = q a (14.2492) 
(14-104) 
M,,, = q @ (11.1701) (12.0) = q a, (134.0412) 
(14-105) 


= qa, (16.812) X,, = q a, (150.6466) 
Xoo = 150.6466/16.812 = 8.96 ft. (14-106) 
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Since the control surfaces are not usually at 
zero angle of attack relative to the body, the 
motion of the aerodynamic center as this angle 
of attack is varied should be analyzed. The 
moment summation for this computation is: 


=M, = M,, + My, +My, (14-107) 
= g a, (2.3562) + gq a, (14.2492) 
+ qa» (134.0412) 


which may be combined as: 
EM, = 7% [150.6466 4 14.2492 (*=*)] 
b 


(14-108) 
and also by definition 
=M, = q a, (1.5708) + ga (4.0712) 


+ qa, (11.1701) 
(14-109) 


Te [16.812 4. 4.0712 (—*)] 


Qy 
and hence 


a— dy 


150.6466 + 14.2492 ( 
Ns 110) 

16.812 + 4.0712 ow 

Qy 

This variation is plotted on Figure 14-26 for 
positive ratios only, since the physical limita- 
ton due to stability is when the center of pres- 
sure X,, moves forward of X,,.. The ratio of 


(==) is the ratio which may be analyzed. 
ay 
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Figure 14-26. Center of Pressure Motion with Variation of 


14-4.5.4 Body Center of Gravity 

The center of gravity of the body may be 
found in similar fashion by summing moments 
(M,,) about the nose. 

W,, = V,(80) = 94.248 lbs. (14-111) 

W, = V, (80) = 628.320 Ibs. (14-112) 

The nose weight acts at station 2.1 while the 
afterbody weight acts at station 8. 

The control surfaces by area are approxi- 
mately 20 percent of the total weight attributed 
previously. Hence, 

W,.= (0.2) (82) = 6.4 lbs. 
which acts at the centroid of the plan view or 
at station 3.67. 

W..= 0.8 (32) = 25.6 lbs. 
which acts at station 12.33. 


(14-113) 


a-—dadp 





Qo 

Hence, summing the moments about the nose: 
M,, = (94.248) (2.1) = 197.208 (14-114) 
M,, = (628.320) (8.0) = 5026.560 (14-115) 
My, = (6.4) (3.67) = 23.488 (14-116) 
My, = (25.6) (12.88) = 315.648 (14-117) 


5562.904 
The center of gravity X,, may be computed by 
2M» _ 5562.904 _ ¢ 954 ¢t. (14-118) 
W; (800) 
which gives a stability margin for X,, greater 
than 25 percent beyond X,,, the center of grav- 





ity. It should be noted that this is an over opti- 
mistic safety margin because of the assumption 
of a uniformly loaded body. This configuration 
will have a much lower safety margin when it 
is better defined and it may even be unstable. 
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However, the computations may proceed if it is 
assumed that the configuration is stable. At a 
cruising Mach number of 3.0 at 60,000 feet, the 
body angle of attack, a,, may be quickly de- 
termined. 

Lift = Weight = q a, (16.812) (14-119) 
where g (from NACA tables) is 943.65 lb./ft.? 
Hence 


a, = _lift — 0.05042 radians 
16.812 q 
= 2.89 degrees (14-120) 
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14-4.5.5 Induced Drag 
The induced drag is (lift) a, 


Dina = 40.34 lbs. = q Ar Ca (14-121) 
jaca eae 
‘ (948.65) (0.7854) 

— 0.05442 at the design point (14-122) 


The drag polar based on these equations is 
shown in Figure 14-27. 
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Figure 14-27. Drag Polar in Cruise Condition (a, = ay) for Sample Missile Configuration 
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14-4.5.6 Form Drag 
The form or shape drag is made up of the 
fuselage wave drag, the fuselage base drag, and 
the wing thickness drag. 
The wave drag, acting only supersonically, is 
CG, =? =0.111 
<2 


b 
w 


(14-123) 


The base drag, acting also supersonically, is 
0.26 


by = V M,? —1 


which must be evaluated at several Mach num- 
bers (Table 14-3). This, however, will be 
assumed to be important only with the motor off. 


Ce (14-124) 


TABLE 14-3. BASE DRAG FOR SAMPLE 
CONFIGURATION AT SUPERSONIC 
SPEEDS 





The wing thickness drag may be solved by the 
equation 
GC. = 5.33 ( t : 
“: WUM,?—1 \ec 
Wing thickness drag, evaluated for various 
Mach numbers is presented in Table 14-4. 


Assuming biconvex sections with 5 percent 
thickness-to-chord ratio, the values with respect 
to the body maximum cross section are: 


2 
5.83 (=) 
Ci ee 
t \/M,2 —1 
0.013325 3.5 
~ \/M,2—1 | 0.7854 
0.0594 


—~ \/M.2 —1 


(14-125) 


[Pets e) (14-126) 








TABLE 14-4. WING THICKNESS DRAG FOR 
SAMPLE CONFIGURATION AT 
SUPERSONIC SPEEDS 





The friction drag computation may be made if 
a Reynolds number (Re) of 2.4 « 10°/ft. is 
assumed for the flow. The nose will probably 
experience laminar flow and the cylinder after- 
body and surfaces will experience turbulent 
flow. 
6.188 — 7.816 times the 
0.7854 
maximum cross sectional area. The afterbody 
is 40 times the maximum cross sectional area. 
The surfaces are 4.45 times the maximum cross 
sectional area. 


The nose surface is( 








Nose: 
2 (1.328) 1.5335 
C. = So = —  — 0.000989 
‘4, \/3 \/Re R 
(14-127) 
Ca, = (7.815) (0.000989) = 0.00773 
(14-128) 
Afterbody : 
Coe 0.0306 = 0.0306 — 0.00375 
Sq Re 8.15 
(14-129) 
Ce, = 40 (0.00375) = 0.150 (14-180) 
Surfaces: 
Ce, = 2 (0.00875) = 0.0075 (14-1381) 
(14-132) 


Ca, = (4.45) (0.0075) = 0.0334 
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The variation with Mach number (see Table 
14-5) may be computed as follows: 


(a) Laminar Flow 


Cop, = 0.00778 /~ (14-183) 
(b) Turbulent Flow 

Cay. 38 0.160 |/—3_ (14-184) 

Ce, = 0.088 2 (14-185) 
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Figure 14-28. Parasite Drag for Sample Missile Configuration 


14-5 PRELIMINARY STRUCTURAL 
WEIGHT ESTIMATION 


14-5.1 GENERAL 


Weight estimates are of great importance in 
missile design. In general, the total weight of a 
missile can be broken down into the following 
components: engine weight, fuel weight, guid- 
ance and control equipment weight, armament 
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TABLE 14-5. FRICTION DRAG FOR SAMPLE 
CONFIGURATION AT SUPERSONIC SPEEDS 





Based on the preceding tabulated informa- 
tion, the parasite drag coefficient is plotted in 
Figure 14-28. 


weight and structural weight. The latter of 
these, structural weight, is usually the most 
difficult to obtain and will be dealt with in some 
detail in this section. 

The primary purpose of a missile airframe or 
structure is to insure that the payload reaches 
the target in such a manner that it can satis- 
factorily accomplish its mission. To perform 
this function the airframe has to be designed to 





withstand all possible loads and stresses that it 
may encounter during its flight and to present a 
streamlined shape to the air stream to obtain 
maximum aerodynamic performance. Stresses 
induced in the airframe result primarily from 
aerodynamic loads, internal loads, maneuver 
loads, and temperature gradients. Operation 
over wide temperature ranges introduces addi- 
tional effects which have to be considered when 
evaluating the ability of the structure to carry 
loads. 


Elevated temperatures in a missile result 
from aerodynamic heating. Its most immediate 
effect on the missile airframe is a reduction of 
the load carrying capacity of the material and 
also some decrease in rigidity. A second impor- 
tant effect is the development of thermal 
stresses in the structure which may add non- 
linearly to other stresses, causing increased 
values. These stresses may induce thermal 
buckling which results in the development of 
bulges and dimples on the surface of the missile 
or on the control surfaces of the wings and tail. 
These surface irregularities may interfere 
seriously with the aerodynamic performance of 
the missile. In particular, they will increase the 
drag on the missile, thus effectively decreasing 
the net thrust available for maneuvering. If the 
irregularities seriously change the contour of 
the control surfaces, the effectiveness of these 
surfaces will be decreased and their use as con- 
trol mechanisms during maneuvering will be 
impaired. A third effect which is important to 
missiles subjected to elevated temperatures for 
a long period of time is creep. This phenomenon 
can be observed, for instance, when a heated rod 
is subjected to a constant tensile load. Under 
this load the rod elongates continuously with 
time. Although most structural materials do 
not exhibit creep at room temperature, when 
the temperature is raised sufficiently, creep be- 
comes important and may even lead to the elim- 
ination of the choice of a particular material for 
use in the airframe of the missile. Because of the 
reasons cited above it is important that the 
effects of temperature be consdered in the de- 
sign of the missile structure. 

In this section a method will be developed 
whereby preliminary design weight estimates 
can be made. The method will be based on the 
assumption that, for weight estimation pur- 


poses, all missile geometries can be generalized 
to a cone and cylinder combination for the fu- 
selage, and a bi-convex profile for the wings and 
tail surfaces. The weight of the “idealized” 
structure will be based on the stresses induced 
under the condition of maximum flight loading 
and temperature environment. The method will 
utilize only simple structural design theory for 
determining the size of the idealized vehicle. 


Included in this section will be graphs showing 
the mechanical, physical and thermal properties 
of various structural materials as a function of 
temperature. With these graphs, and with the 
information that will be obtained in the follow- 
ing subsections, the engineer will be able to 
select the material that will withstand the loads 
and temperature environment to which the 
missile is subjected. 


14-5.2 STRUCTURAL CONFIGURATIONS 


With the advent of high speed missiles and 
the associated problems of aerodynamic heating, 
missile designers are faced with an additional 
weight problem associated with designing mis- 
siles that have to withstand stresses due to 
aerodynamic loads and temperature gradients. 
Structural design configurations to withstand 
thermal stresses can be generally classified as 
unprotected, insulated, and cooled. 


The unprotected configurations can further 
be classified as heat sustaining type, heat sink 
type, and thermal stress reducing type. It is, of 
course, difficult to separate the configurations 
precisely under these headings, but these will 
suffice to describe their main purposes. In the 
heat sustaining type of configuration the struc- 
ture is designed to function properly under all 
temperature and loading environments. In many 
cases this type of configuration is quite heavy. 
In the heat sink type of configuration, mate- 
rial is added to the external surface of the 
missile. The effect of this extra material is to 
reduce the temperature of the load carrying 
structure, increase the material strength and 
reduce the distortions associated with thermal 
stresses. In the thermal stress reducing type of 
configuration the structural designer attempts 
to evolve a structure that minimizes the thermal 
stresses by using suitable materials and care- 
fully analyzing the size and arrangement of 
structural components so as to reduce tem- 
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perature gradients. This type of configuration 
usually results in the minimum weight vehicle 
but requires the most analytical work. 

The insulated configuration results in two 
structures: the primary structure designed to 
withstand the aerodynamic loading, and the 
secondary structure which is used to cope with 
the heat input. The secondary structure may be 
made of a structural material, as in the case of 
a heat sink configuration, or it may be made of 
an insulating material. The latter type of sec- 
ondary structure usually results in a lighter and 
cheaper vehicle. 


The last configuration to be considered is the 
cooled type. Cooling of the primary structure is 
accomplished by circulating a coolant through 
channels or passages which are an integral part 
of the structure, or by allowing the primary 
structure to be porous and letting a coolant pass 
through the material. This type of configuration 
has its most economical use in small missiles 
where space is not available for insulation and 
the flight time is short, and in missiles where 
the temperature environment is so high that 
the amount of insulation or secondary structure 
required would be prohibitive weight-wise. 


14-5.3 WEIGHT ESTIMATION OF WING 
AND TAIL STRUCTURES 


In this subsection an analytical wing model 
will be constructed which can be used to es- 
timate the weight of wing and tail structures. 
The primary feature of the wing model will be 
that it is capable of carrying a maximum lift 
developed by the missile with a minimum of 
structural weight required. Although the plan- 
form and thickness distribution of the wing 
model may not be exactly the same as the final 
design wing, the structural weight of the model 
wing will be a good preliminary design estimate 
of what is actually required. In keeping with 
present day missile design, the thickness of the 
wing model will be small and the cross section 
will be symmetric and consist of parabolic arcs. 
The cross sectional area of the airfoil will be 
solid from leading edge to trailing edge. Correc- 
tions for cross sections which are not solid will 
be included at the end of this subsection. The 
planform of the wing model will be symmetric 
and can vary from rectangular to triangular. 
The thickness distribution will be chosen such 
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that excessive deflections of the wing do not 
occur. This implies that the cross sectional area 
at the wing tip will always be non-zero. In 
Figure 14-29 the coordinate system and dimen- 
sions of the wing model are shown. 


The following assumptions will be used in 
the analysis: 
(a) The thickness of the wing at any point 
will be sufficient to resist the required 
bending moment without failure. 


(b) Only the bending moment about the 
chord line of the cross section will be 
considered. (Due to the symmetry of 
the wing model and the lift distribu- 
tion at supersonic speeds, torsional 
shearing stresses will not be of 
importance. ) 

(c) Stiffness requirements will not be con- 
sidered except to say that the wing 
model is stiffer in the chord direction 
than in the span direction. 

(d) The span-wise temperature distribu- 
tion on the wing model is uniform and 
the difference in temperature between 
the upper and lower surfaces:-of the 
wing is sufficiently small for thermal] 
stresses induced in the span direction 
to be neglected. 


(e) Failure in bending occurs when the 
stress in the span direction calculated 


from the beam formula, o= Me 





reaches the design bending stress, op. 
The symbols are: 

o = bending stress 
M = bending moment 


I = area moment of inertia about the 
chord line 


€= maximum thickness of airfoil 
cross section 


(f) op, the design stress, is a function of 
the temperature environment to which 
the airfoil is subjected. 

Since the airfoil is thin, the area moment of 
inertia, J, and the cross sectional area, A, of 
the airfoil are given by 


I = 0.0381 «® C (14-136) 


+ 





Figure 14-29. Wing Model Coordinate System and Dimensions 


€; 
where 
A= ae 


C = local chord, (in.) (14-1387) 


If the density of the wing material, p,, is con- 
stant, the total weight of the wing, W,, is 
given by 


d/2 4 


b/2 
We =2 pn Adz = pe [ eC dx 


(14-138) 


The thickness distribution can be obtained by 
considering the bending moment applied to the 
airfoil by the aerodynamic loading. In order to 
compute the bending moment, however, an 
assumption has to be made regarding the 
span-wise lift distribution on the airfoil. For 


the purposes of this analysis it is assumed 
that the lift coefficient is constant. This as- 
sumption will yield bending moments which 
are somewhat high for the case of wings with 
rectangular planforms since the lift is over- 
estimated and bending moments which are 
slightly low for wings with triangular plan- 
forms since the lift is underestimated. The lift 
acting on one half the wing is given by 


L 1 S. nWr 
— = — pvc, — = ——- 14-189 
9 2? Cr A 5 ( ) 
where 


L = total lift (pounds) 
p = air density, (slugs/ft.*) 
V = velocity (ft./sec.) 

C, = lift coefficient, (dim.) 
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S, = total wing planform area, 


(ft.2) = (SE") b 


n = load factor measured in g’s 


W, = total weight of the missile (pounds) 


The load, P, acting on a portion of the wing 
span X is given by 


ai rig BC+ eer ais in 
(14-140) 
where 
C, = chord at wing root 
C; = chord at wing tip 


The moment M, at a distance x from the tip 
of the airfoil, produced by load P, is given by 


1 a. 


Mat x? [8 C+ (C0) 


7} 
(14-141) 


Now from assumption (e) and Equation 14-136 
the design criterion is 


Minax = 0.0762 &? C op (14-142) 


Now substituting Equation 14-141 into Equa- 
tion 14-142 and solving for the thickness dis- 
tribution yields 








3 C; +- (C, — Cj 
e= 148 er ame 4/204 Op vee 
Sw Op C,+ (C,—C) >> 
t + t - 
(14-148) 
Now let 
C; ; 
A= — taper ratio 
and 7 = yn = non-dimensional span-wise 


coordinate so that Equation 14-143 becomes 
e = 0.74b nya 
Sw 6 A+ 1—dy 
(14-144) 
Since Equation 14-144 always results in zero 
thickness at the tip of the airfoil, and since 


zero thickness at the tip results in excessive 
defiections, it is desirable to modify Equation 
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14-144 such that there is always a finite thick- 
ness at the airfoil tip. 


To obtain reasonable deflections, the thick- 
ness at the tip should be about 1/7 of the 
thickness at the root of the airfoil. Therefore, 
in order to modify Equation 14-144 it is 
assumed that the effect on the thickness dis- 
tribution of having a non-zero thickness at the 
tip is linear, i.e., 


e= 0.74/20 ey / SPA 1—n) 
Caen ae + &; ( n) 

(14-145) 
where 


€, = Maximum thickness at tip of airfoil 


If e; is assumed to be 1/7 of the thickness at 
the root, then from Equation 14-144 the follow- 
ing is obtained: 


0.74b ) /nW, 
= —7 V —— V2i+1 


Substituting Equation 14-145 into Equation 
14-146, the thickness distribution becomes 


e = 0.745 |/ 20 r nWr E 3A + n—Ay 
Sw Op 


A+ 1 — Ay 


+7VRFIC=a| (4147) 


Returning to Equation 14-138 and substitut- 
ing in Equation 14-147 the total weight of the 
wing becomes 


Wo = 0.496 py b? / Wr 
Se Op 

1 
lc, f n 


1 
+aVA+IL—nG+n— aA) dn 
(14-148) 


Performing the integration yields three distinct 
solutions: 


(a) O<A<l 

We — 0.992 py b /2 Wr 

Sw Swop (1 +A) (1 — A?) 

(1 + 24)'2 (15 — 141 — 4502 + 203) 

Ney a 

(1 +A) + (1+ 2A)'? 
(24+ \/3)a 


(14-146) 


(3A + n — An) (A+ 9 — An) 





443 In (14-149) 








(b) 41 = 0 (triangular plan form) 











Ww 
Go = 0.854 pub 2 (14-150) 
w w OD 
(c) 1 = 1 (rectangular plan form) 
Ww 
= 0.491 ppb aes (14-151) 
bed w OD 
A graph of the function Ww Sw Op 
ww pw0 Wr 


versus A is plotted in Figure 14-30. 
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Figure 14-30. Wing Weight Coefficient Versus 
Taper Ratio 


For design purposes, since the rectangular 
wing is over-designed and the triangular wing 
under-designed (see assumption concerning 
span-wise lift distribution) it is suggested that 
an intermediate number of 0.428 be used 
regardless of plan form. 


Thus the design equation to be used would 
be: 


Ww 
Go = 0-423 pub Wr (14-152) 


Sw Op 








A wing designed on the basis of maximum 
bending stress may be too flexible, and an 
estimate of the maximum deflection must be 
made. From Equations 14-142 and 14-136 


M _20p (14-153) 


Assuming the variation of depth given in Equa- 
tion 14-144 and noting that » = 2 x/b, the maxi- 
mum deflection Ymax 18: 


b/2 
Your = f- Ee ae 
0 





EI 
— 0.675 1 /Se on* (* )/ 4+ 0— In 
=e a ———— dy 
Wr Jo ¥ 31+ —An 
(14-154) 


This again yields three solutions: 





(a) 40,1 
0.6750 )/S, op? 1 
Ymax = Oe | f OE 
E 1 We 1—A 
——~ 14+4+V1+ 21 
1+ 2A — \/3A — A log ——_— > 
lV + 2h — \/8i — 1 log S75 7a) 
(14-155) 
(b) A= 0 (triangular planform) 
0.675b 
a = Sw on? (14-156) 
1 Wr 
(c) 4=1 (rectangular planform) 
0.390b S. an? 
Ynax = — — ]|/ —2—- (14-157) 
E | "Wr 


versus A is plotted 





A graph of Ymax E ue 
b Sw Sp? 


in Figure 14-31. This is for a wing with zero 
thickness at the tip. However, this should give a 
reasonable estimate for the actual deflection in 
a wing modified according to Equation 14-147 
for finite wingtip thickness. 


14-4] 





Figure 14-31. Curve for Estimating Deflection of Wing with Zero Tip Thickness 
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The equa %n developed for the solid wing sec- 
tion may be. tended to non-solid wing sections 
by introducing ‘wo non-dimensional factors 


area f non-solid cross section 
Let K ee 
area f solid cross section 
K> — 
area moment of inertia of non-solid cross section 
area moment of inertia of solid cross section 


Using these factors, Equations 14-1386 and 
14-137 become 


I = 0.0881K, e® C (14-158) 

A= = Ky eC (14-159) 
Equation 14-138 becomes 

4 b/2 
Wa = pwKy f C dx (14-160) 
0 

The design criterion becomes 

M = 0.0762 K, &? C op (14-161) 


so that the modified thickness distribution be- 
comes 





Ky Sw Op A+n—Ay 


+S VEFIG-»] (14162) 





—__ 


(b) 


Performing the same mathematical operations 
as in the case of the solid wing, the results for 
the non-solid wing are 


Lao ous = 7H 
Sw non-solid V Ke 

As an example of some non-solid cross sec- 
tions that may be used consider Figure 14-32. 
The solid section in Figure 14-32a is made non- 
solid by a series of circular holes whose spacing 
is equal to the local thickness of the section. For 
this section the factors K, and K, are given as 
follows: 





ie (14-168) 


K,=1— =<)" (14-164) 
4 a@ 

K,=1— =)’ (14-165) 
16\ a 


_ where d and a are measured at the center of the 


section. The solid section in Figure 14-32b is 
made non-solid by removing the inner portion of 
the materia] leaving only a thin shell. For this 
section the factors K, and Kz are given by 


K,—1— “ (14-166) 
a 8 
K,=1— (=) (14-167) 


where d and a are measured at the center of the 
section. 


=T 


Figure 14-32. Non-Solid Wing Cross Sectional Configuration 


14-43 








14-5.4 WEIGHT ESTIMATION OF FUSELAGE 
STRUCTURE 


The fuselage or body of the missile is gen- 
erally a complex structure. In order to estimate 
the structural weight of the fuselage, in pre- 
liminary design, a structural model will be pro- 
posed in this subsection which encompasses the 
general features of an actual missile fuselage, 
and which will lend itself to an analytical deter- 
mination of the structural weight in terms of 
the bending to which the missile is subjected. 

In estimating the overall weight of the fuse- 
lage, the stresses arising from the following 
three effects will be taken into account (a) bend- 
ing, (b) internal and external pressures and (c) 
temperature gradients through the skin. For 
the thin tube simulating the fuselage, the bend- 
ing and pressure stresses are inversely propor- 
tional to the skin thickness whereas the tem- 
perature stresses are independent of the thick- 
ness. Because of the relative complexity of the 
expressions involved, it is desirable to estimate 
the weight required due to each effect alone. 
These may then be combined as follows. 


Defining the design stress by op, for fuselage 
bending we have from the formula to be de- 
veloped, that the structural weight Wer is 


Wa 
Op 


‘where K is a constant. Assuming, as a rough 
approximation, that the structural weight is 
proportional to the thickness of the skin, 
t, fir 
D 

where K, is another constant. 

For those stresses due only to pressure load- 
ing, acting in the same direction as the bending 
stress, the required thickness f, is 
Ka 


Op 


(14-168) 


(14-169) 


t. = (14-170) 
Now, suppose that the bending and pressure act 
together on a shell of thickness ¢, to induce a 
total stress of op 


ioe Tea a (14-171) 
pee fa at, 
Op Op 
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It follows that the weight for bending plus pres- 
sure effects is equal to the sum of the weights 
based on bending and pressure, respectively. 


The stresses due to a temperature gradient 
A T through the skin are E a A T/2(1 — y) 
where E is the modulus of elasticity, a is the 
coefficient of expansion and y is Poisson’s ratio. 
Since the outer surface is hotter than the inner, 
the stresses at the outside will be compressive 
and tensile at the inside. 


The total stress due to all three effects will be 


_Ki, Ky | BosT 
ag ne gr oa 
(14-172) 
A Pas K, + K, — ft Op 
—  _EaAT *  __EaAT 
° 2 (1—y) °" 2(1—y) 


Thus the total required structural weight will 
be the sum of the weights to sustain bending 
and pressure individually multiplied by the 


factor rel to take account of tem- 
" 2(1—y) 


perature effects. The individual weights will 
now be computed, commencing with that to re- 
sist bending. 


14-5.4.1 Bending Moment 


The missile with its lift reactions, R,; and Rez 
(Figure 14-33a) will be analyzed as a uniformly 
loaded beam (Figure 14-33b). Depending upon 
the values of the distances I, and lL, the maxi- 
mum bending moment will occur either in the 
range between the tail and canard control sur- 
face, or at the control surface section itself. 
Denoting the total load (structural weight plus 
internal equipment) as W,=nW, the maximum 
bending moment M, between the tail and canard 
control surface occurs where the shear force is 
zero and is given by 


M, — Wo =( lL, -=\' 
2 l,? 2 


W, =n W, (to account for maneuvers) 


2 
°M,= & =) bo" (4—+) 
21, l,? 2 





(14-173) 











R2 


Ro 


Figure 14-33. Simplification of Fuselage for Bending Moment Analysis 


Basing the weight per unit length on a cylin- 
der of radius R,, and density pm, the total weight 
per unit length is 


Md = pm 1 Ry? 


Substituting Equation 14-174 in Equation 
14-173 and introducing the modified slender- 
ness ratio, f = 1,/Rm, 


2 
M,=eanBetf (yb) 
2 21; 


Similarly, the bending moment M, at the canard 
control surface section is 





(14-174) 


(14-175) 





W 
M. = aL, (l, —1,)? (14-176) 
which, proceeding as before, gives 
M, ee ( 1— +) * (14-177) 


From Equations 14-175 and 14-177 it is seen 
that the greatest bending moment depends on 


l, l, 


the relative magnitudes of 3 . Assum- 





and 
1 0 





ing that lies in the range 0.5 to 1.0, and 
plotting the values of M, and M, in Equations 


14-175 and 14-177 versus l,/l,, it may be seen 
from Figure 14-34 that M,.,. is roughly approxi- 
mated by 


M _ Noma Rt f? 
on |, a 


that is, independent of l,/l,. 


With the calculation of the maximum bending 
moment, the calculation of the requirements for 
monocoque construction may begin. The thick- 
ness ¢, necessary to insure that the maximum 
stress shall not exceed the design stress is then 


(14-178) 





Minx 
t, = R.2 Op (14-179) 
and, from Equation 14-178 
2 
fs tm Ken? f? (14-180) 
10 Op 


The weight W’, = 2.x Re ty ps = ReneS 
Op 


(14-181) 
where p, = density of skin material. As men- 
tioned, this is strictly true only for monocoque 


construction. For semi-monocoque construction, 
Equation 14-181 will still approximately apply 
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Figure 14-34. Approximation of Maximum Bending Moment 


for the weight of the skin plus longitudinal 
stringers. In order to do this, it must be as- 
sumed that the stringers are lumped with the 
skin to produce a shell of effective thickness f,. 


The structural framing will now be consid- 
ered. The average weight, W’, per unit length 
of missile is 


, _N,xDmp, A 
Wy =e (14-182) 


As = (20 + b) t. 


_ tg Om 
~  § 





where N, = number of frames 
p, =p, density of frame material 
A, = cross sectional area of frame 


For a reasonable design the frame spacing 
will be assumed equal to the missile diameter, 
D,,, and the frame cross section will be as 
shown in Figure 14-35. 


A, = (20 + b)t, =O (14-188) 
FRAME CROSS SECTION 
ASSUME: a = .05 Dy 
b = 10 Dy (14.183) 


Figure 14-35. Frame Cross Section 
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Thus, from Equation 14-182 
wW,- N; x Dy? ps t, a 2M ps pm Fant N,*f? 
= Bl ~ 25 op ly 
(14-184) 


Adding Equation 14-181 and 14-184 the total 
structural weight Wer* is 


War* = I, (W,’ + Wy’) 


_ 1 pe pm Fem? f? ( ly + 1) (14-185) 
5 op 5 


Approximating the surface area S as 


S=—2nR. |, (14-186) 
Wart — Sn ps pm Rm? fP (1 iis —) (14-187) 
10 Op 5 
Writing now the volume as 
V=nxR,,? l, (14-188) 
and the weight W, as paV, 
War* S nN r} | 
—S87_ — (—)\—f* (1.2) |R,,? 14-189 
W, ( V/10 Op ( P 


14-5.4.2 Pressure Loading 


In computing the weight of the cylindrical 
skin, an assumption has to be made regarding 
the weight of the equipment contained within 
the missile. For the analysis contained in this 
subsection, it is assumed that the equipment 
weight is given in terms of a packaging factor 
Pp. That is, the equipment weight is given in 
terms of weight per cubic foot of the missile 
volume. This weight is then assumed to act 
as a uniform pressure distributed circumfer- 
entially throughout the interior of the missile. 
A further assumption made in this analysis is 
that, in computing the stresses acting in the 
skin, end effects are ignored and the skin thick- 
ness of the cylinder is small. The maximum 
stress, Omax, due to internal and external loads 
is in the circumferential direction. However, it 
is the longitudinal stress, o, which must be 
added to the bending stress to produce maxi- 
mum values. Thus the pressure resisting weight 
will be based on the longitudinal stress rather 
than the hoop stress. 





o = (nP, + P,— P.)/ Rn (14-190) 


2t, 





The failure criterion for the cylindrical 
shell is 


Oo = Op 


where 

Op = design stress 
The design stress is tensile if (nP, + P, — P.) 
> 0 and is compressive if (nP, + P,— P.) < 9. 
In general, cp (compressive) = —op (tensile). 
Substituting to find the required skin thickness 

_ (nP, + Py— Ps) Rm 

: 2 Op 
If p, is the density of the missile skin, the total 
skin weight is 
which may be related to the weight of the 
missile by 

Ws = pm V = Oot (14-198) 
thus 


t (14-191) 


We _ Stipe _ 


— (14-194) 
W, pm S/(s7) 


=42-(5) 
= fete (2) (5) 


but P, may be defined as 2 pa Re, hence 
W, _ BBstme(, 4B _ Pen (8) 
WwW, Op nP, nP, Pm V 
(14-195) 


_ np R,? (=) [2 P, oo Pr. 
ap V " nP, nP, 
It is now possible to formulate design 


equations for full monocoque construction as 
follows: 


(a) Bending Loads 





a (> )e (0.12) Ry? 2 (14-196) 

W, Vi op 

(b) Pressure Loads 

We _ (+)ee(1+ P, — St] Ra? 

W, V/ op nP, nP, 
(14-197) 
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which may be combined as shown earlier: 


Wor _ 
W, 
(Sas oaers (14 Ze) 
(14-198) 


Considering the temperature effects, i.e., 
stresses due to thermal gradients across the 
skin as in the first part of this section, the 
monocoque structural equation becomes 


W ar a Op 
WC Bsas (M—Tr) (14-199) 
D0 OoIee=<q@Q$_$uvQQuQ@_ee 
2 (1— y.) 


or substituting appropriately 


me (ele 





fosens (14 -) 
peexnuay (14-200) 
2 (1 — ¥.) 


where 5 = surface-to-volume ratio of shape 


n = lift-to-weight ratio required by 
the missile 


ps = Skin material density 
op = Maximum design stress allowable 
R,, = Maximum radius of fuselage 


f = modified slenderness ratio 
(length/radius) for the fuselage 


P,= internal pressure of fuselage 
P, = external pressure of fuselage 


P, = packaging pressure of fuselage 
components 


E, = modulus of elasticity for the skin 

a, — coefficient of expansion for the 
skin 

yY: = Poisson’s ratio for skin material 

T; = average temperature of the inner 
skin 

T, = average external temperature of 
the skin 
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Following these calculations, it is desirable 
to estimate the buckling bending movement Ms; 
of the structure, to insure that it is much higher 
than the applied bending moment M,,,;. From 
Shanley?4, the buckling moment may be pre- 
sented as 


Bij1,L 
AR? C; 
where the subscript ‘‘f’’ refers to the frames 
and L is the frame spacing. The term C, is not 
a true constant?5, but Shanley states from his 
observation of a number of tests that a value 
of C, = 1/16,000 represents a safe figure to 
use. Thus the value of M, calculated will be 
far from precise but may nevertheless be 
used to ascertain whether the actual bending 
moment M,,,x is safe or not. 


M, = (14-201) 


14-5.5 MECHANICAL AND THERMAL 
PROPERTIES OF MATERIAL 


The curves presented in this section (Figures 
14-36 through 14-47) represent the short term 
(44 hour) mechanical properties of typical 
structural materials used in missile design. 
The typical ceramic and cermet materials are 
shown for general interest since their primary 
use is in propulsion systems. The thermal 
properties shown on the graphs are average 
values over the entire temperature range. 
The safety factor used on the graphs is chosen 
by the designer and will depend on the type of 
material that is being used and the type of 
structure for which the material is being used. 
In general the safety factor for a brittle and 
ductile material will not be the same. 

The symbols used on the graphs are as 
follows: 


Op = design stress (lb./in.?) 
s = safety factor 
T = temperature (°F) 
C, = mean specific heat (BTU /lb.-°F) 


km == mean thermal conductivity eae 
ft.2hr.-°F 
Om — mean coefficient of thermal expansion 
—*/°F 
in. 


Y = mean Poisson’s ratio 


pm = Mean material density (lb./in.*) 
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Figure 14-36. Typical Aluminum Alloy 
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Figure 14-37. Typical Magnesium Alloy 
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Figure 14-38. Typical Titanium Alloy 
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Figure 14-39. Typical Heat Treated Alloy Steel 
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Figure 14-40. Typical Stainless Steel 
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Figure 14-41. Typical Highly Alloyed Ausentitic Steel 
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Figure 14-42. Typical Nickel Base Alloy 
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Figure 14-44. Typical Molybdenum Base Alloy 
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Figure 14-45. Typical Magnesium - Thorium Alloy 
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14-5.6 MISSILE STRUCTURAL ANALYSIS 

To show the usefulness of the structures 
computations, a sample structural analysis will 
be made which will show the method of calcu- 
lation for the parameters. The previously devel- 
oped formulas for this computation are: 


ue = 0.428 pub ea (14-202) 
Yunex = 0.675 —2- |/Szeet (14-203) 


for each wing section where 


b = length of one wing (fuselage to tip) 
nW, = total load carried by wing element 
S» = wing area of that element 


po = density of wing material 


CONTROL 
SURFACES 


4 


1/2’ 








Op = design stress (S = 1.5 for wings) 


E, = Youngs modulus for wing material 


Wa _ (=)- R,2 





W, V / op 
P, P, 
ser (1+ - F) 
Op 
_ E,o.(T;—T.) (14-204) 
OD — S07) 


for the fuselage. 


For this problem, the configuration selected 
will be the same as the one for aerodynamic 
drag computations. It will be assumed that the 
skin must be designed for an 800°F steady- 
state temperature. The configuration is shown 
in Figure 14-48. 





AFT 
SURFACES 





Figure 14-48. Selected Missile Configuration for Structural Analysis 


14-5.6.1 Wing Loading 


From the section on aerodynamic computa- 
tions in this chapter, it was noted that in the 
cruise condition the lift force was divided as 
follows: 


body lift —9% 
control surface lift — 25% 
aft surface lift — 66% 


In addition it was seen that due to vehicle 
stability considerations, the loading on the 
control surfaces should not exceed three times 
the lift in the steady-state case. Hence, assum- 
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ing an 800 pound vehicle, the load at up to 6 
g’s for each surface would be: 


max. body lift = (0.09) (6) (800) = 4382 lbs. 


max. control surface lift 2 (3) (6) (800) 
(0.25) = 3600 lbs. 


max. aft surface lift 2 (0.66) (6) (800) = 
3168 Ibs. 


Two typical materials are considered for this 
800°F application: titanium or heat treated 
alloy steel. Each material will be examined to 
select the strongest for the least weight. The 
pertinent parameters for the materials are: 





Heat Treated Alloy 
Steel 


Titanium 
p = 0.171 lb/in? 
Sop = 53,000 psi Sop = 113,000 psi 
E = 14.5 x 10 psi E = 23 x 108 psi 


No temperature stresses across the skin will 
be considered. 


p == 0.281 Ib/in® 


Titanium Design — Wing 


Wo = 0.423 pwd / mWs (5.)= (14-205) 
Sw Op 





w Pw 





Note: The average wing thickness is 
— t and this should be checked. 


The solutions are: 


Control Surfaces 


b = 6 inches 
wo — 72 in? 

t = 0.0959 
Ymax — 0.2612 in. 
Aft Surfaces 
b = 12 inches 

Sy = 288 in.? 
t = 0.0898 in. 


Vmax == 1.118 inches 


In both of these cases the design is such 
with these thin structures it is probable that 
a t of near 0.20 inch would be more appro- 
priate. This has the effect of at least quad- 
rupling the safety factor in the design stress; 
hence, the resulting actual] average thickness 
t if taken as appropriate for the weight and 
deflection design produces: 


Aft Surfaces 
b = 12 inches 


S, = 288 inches 
t = 0.1786 inches 


Control Surfaces 
b=6inches 
Sw = 72 inches 
t = 0.1918 inches 
Ymax — 0.03826 
W. = 2.36 lbs. 


Ymex — 9.140 inches 
WwW. = 8.80 lbs. 


Heat treated alloy steel design — wings: 


Using the equations and previous results, the 
alloy steel design yields as follows: 


Aft Surfaces 
b = 12 inches 
S.~ — 288 inches? 
t = 0.0613 inches 
Ymax — 2.193 inches 


Control Surfaces 
b = 6 inches 
S. = 72 inches? 
t = 0.0655 inches 
Ymax — 0.5139 inches 


Likewise, for this design, a more realistic 
number for the average thickness t would be 
near 0.20 inch. In this case, however, the design 
stress safety factor would be increased by a 
factor of 9. The resulting design would be: 


Control Surfaces Aft Surfaces 
b = 6 inches b = 12 inches 
S, — 72 inches? S.~. = 288 inches? 
t = 0.1965 inches ‘t = 0.1889 inches 
Ymax = 0.0190 inches Vmax = 0.0812 inches 
W, = 3.98 lbs. W., = 14.88 lbs. 


Titanium Design — Fuselage: 


The fuselage weight may be computed as 
W, S Nps P 4 P @ 
— = | — |— R,,? |0.12 14+ —— — 
Wi, Gr | p+( T OP, 3) 

(14-206) 
since the temperature stresses are neglected. 
The preceding aerodynamic section performed 
the computation necessary for the (S/V) ratio, 
since 

S = 8S, + S,= 37.56 ft.? 

V=V,+ V, = 9.032 ft.® 


however, for this computation, the S/V ratio 
must be in the dimension of (inches)—', thus 
S 37.56 
— = ——————_ = 0.261 inches -} 
V (9.082) (12) 
The internal pressure will be assumed at 14.7 
psia and the external pressure equal to zero. 
The packaging pressure ”P, is defined as 
Npmlim. 
or 


np, — 6©) (85) (6) _ 4 7676 psi 


(1728) (14-207) 
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ps — 85 lb/ft.*, 0.0491 Ib/in® (14-208) 
R,, = 6 inches (14-209) 
Thus, the quantity 
P, 14.7 
1+ op —)+ Te76 ~ ze 
and the dimensionless quantity 
0.12 f? = 20.28 


for f = 2t = 13; tis fineness ratio 


The skin thickness, ¢,, may be shown to be 
_ WwW nr R,,? P é P 6 ) 
ow Le IN 19 1 2 ee 
a ee \ p+ + UP, =P, 
(14-210) 
or for titanium with Sop = 53,000 psi, S = 2 
for fuselages: 


{.0491) (6) (36) 99 08 4 9.30 
265x108 ) 


= ae (29.50) = .0118 inches 


2.65 « 10 
(14-211) 


thus the solution dictates a thickness of 0.012 
inches as sufficient for the load. 


Solving the equation for fractional fuselage 
weight 


= 


W._(S\ne p 2 P,P, 
wa (Vv) en Pe [PP +(1+ op apy) 
(14-212) 
_ (0.261) (6) (0.171) (36) (29.5) 
26.5 « 108 


= 10.75 x 10-3 (1.1%) 
and since W, = 768 pounds 
W, = 8.465 lbs. 
Heat Treated Alloy Steel — Fuselage: 


Again using the same computations, for an 
alloy steel design (heat treated), the answers 
are: 


7 =O [oer t (14-5 — 5) 
(14-213) 


= (0.0491) (6) (36) (29.5) 
56.5 « 10° 


= 5.54 x 10-? inches 
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This thickness is much too small to use; hence, 
despite the weight penalty, the thickness would 
have to be increased to 0.010 inch. 


It is obvious then, that the weight would 
be calculated as: 


W.=tipS 
where S is the surface area or 
W, = (.010) (0.281) (5409) 
= 15.2 pounds (2% of W) 


It is now possible to summarize the weight 
calculations as follows: 


(14-214) 


Material Wings Controle Stabilizer Fuselage 
Titanium 

Alloy 8.80 2.86 4.40 8.45 
Heat Treated 

Alloy Steel 14.88 8.98 7.44 15.2 


The choice on a weight basis would, of 
course, be for titanium. The problems associ- 
ated with the working of this metal may dictate 
the use of steel, since the structural weight is 
such a small fraction of the overall weight of 
the missile. 


In addition, the stability of the skin in buck- 
ling must be estimated. The maximum bending 
moment that was used may be computed by: 


Muax = Npm 1 Rint 1" 
10 
for this design: 
(6) (85) x (1) (169) 
10 
= 27,100 (foot pounds) 
= 825,000 (inch pounds) 
The buckling moment, the moment at which the 
skin will buckle, must be compared with Mex a8 
follows: The design equation (empirical) is 
Ey, 1, L 
4Rn? C, 


(14-215) 


Minax — 


M, = (14-216) 


where 


E, = Youngs modulus for frame material 
(same as skin) 


I, = moment of inertia of frame 
L = frame spacing (one diameter) 
C, = coefficient by Shanley (1/16,000) 





The moment of inertia of the frame about the 
axis A-A’ (see Fig. 14-35) is: 


1 = = 
l= 75] @+%) ) —ao- 22,)°| 
(14-217) 
where 


IP 


a = —— = 0.600 inch 


7S 


b — — = 1.200 inches 


For titanium skin, f, = 0.012 inch 
i= | o.s12) (1.728) — 0.600 (1.176)? 


— (0.08813 — 0.08132) — 0.00681 in‘ 
(14-218) 


For heat treated alloy steel skin, ¢, = 0.010 inch 


f= 354 (0-810) (1.728) — (0.600) (1.180) 
— (0.08784 — 0.08215) = .00569 int 
(14-219) 


The buckling moment equation may now be 
solved 


My = SLLCSOO’) for L = 2m 


= EB, 1, (1.33 « 108) (14-220) 
Titanium: 
E', = 14.5 x 10® psi 


M, = (14.5) (10%) (0.681) (10-7) (1.83) 
(103) = 13.15 & 107 in. pounds 


(14-221) 
Heat Treated Alloy Steel: 
E, = 23 « 10° psi 


M, = (23) (10°) (0.569) (10-2) (1.33) 
(103) — 17.4 x 107 in. pounds. 


(14-222) 


In both cases, as the computations show, the 
maximum moment applied is very small com- 
pared to the buckling moment; hence, the design 
should be safe. 





14-6 AERODYNAMIC HEATING 


14-6.1 GENERAL 


Whenever a viscous fluid flows over a body, 
a relative motion exists between the fluid ad- 
jacent to the body surface and the fluid at some 
distance from the body surface. The relative 
motion is due to the fact that viscous fluids stick 
to solid boundaries with which they are in con- 
tact; that is, the fluid has the same velocity as 
the solid boundary while at some distance from 
the boundary the fluid velocity is unaffected by 
the presence of the body. Due to this property, 
the fluid adjacent to the boundary of the body 
is retarded and as a result loses some of its 
kinetic energy. The kinetic energy lost by the 
fluid is converted into heat, one part of which 
appears as a rise in the temperature of the fluid 
adjacent to the boundary of the body, another 
part as an increase in the temperature of the 
body, and the remainder is carried away by the 
unretarded fluid. This process, by which the 
temperature of the body is increased is called 
aerodynamic heating. The amount by which the 
temperature of the body increases depends pri- 
marily on three factors: the properties of the 
body, such as heat capacity, density, conduc- 
tivity, and temperature; the properties of the 
fluid, such as pressure, velocity, temperature, 
heat capacity, conductivity and density ; and the 
amount of heat that the body can radiate away. 
The first two factors influence the temperature 
rise due to aerodynamic heating, while the third 
factor, radiation, is important because it acts to 
cool the body. 

A body will radiate heat away at a rate which 
is proportional] to its absolute temperature to the 
fourth power and its emissivity. The emissivity 
of a body varies from one, if the body absorbs 
heat like a black-body, to zero, if the body is a 
perfect reflector. However, the constant of pro- 
portionality is so small that the temperature of 
the body has to get quite high before an appreci- 
able quantity of heat is dissipated by radiation. 
Therefore, if a cold body remains in the fluid 
for a very short time, the cooling effect due to 
radiation is negligible. If, however, the body is 
subjected to aerodynamic heating for a sufficient 
time, an equilibrium condition will be estab- 
lished in which the heat being supplied to the 
body by the fluid is just balanced by the heat 
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being dissipated by radiation and the heat being 
carried away by the fluid. Radiation from a 
source outside the body is a minor factor that 
is sometimes considered in determining the 
amount by which the surface temperature of the 
body is increased. In the case of a missile the 
source could be the sun, and the heat supplied to 
the body would be called solar radiation. Usually 
the rate at which heat is supplied by the sun is 
small compared to the rate at which heat is sup- 
plied by aerodynamic heating. Therefore, the 
effect of solar radiation on the surface tem- 
perature of the missile is small and it is usually 
neglected. 


This section is concerned with the presenta- 
tion of a method for approximately determining 
the surface temperatures due to aerodynamic 
heating. It is intended that the information con- 
tained herein be used only as a first approxima- 
tion for preliminary design investigation. 


14-6.2 CONCEPT OF THE BOUNDARY LAYER 
IN AERODYNAMIC HEATING 


To deal with the problem of aerodynamic 
heating in an analytical manner, the concept of 
the boundary layer is introduced. In this concept 
the flow field is divided into two distinct regions. 
One region, commonly known as the free stream 
region, begins a distance, 5, from the surface of 
the body. In this region viscous forces are ne- 
glected in comparison with inertia forces. The 
other region, a thin layer of fluid thickness 
adjacent to the surface of the body is known as 
the boundary layer. In this region the viscous 
forces are significant because of the large shear- 
ing deformations resulting from the fluid being 
at rest on the surface of the body. Therefore in 
the boundary layer region, inertia forces are 
neglected in comparison to viscous forces. 


Using this concept, the mechanism of aerody- 
namic heating can be visualized analytically. 
Since the effects of viscosity have been confined 
to the region of the boundary layer, the heat 
generated as a result of the flow retardation is 
also confined to the boundary layer region. Thus, 
the boundary layer acts as a heat reservoir 
which supplies heat to the body and causes its 
temperature to rise. The reservoir temperature 
depends primarily upon the amount of kinetic 
energy that the boundary layer fluid has lost 
and the amount of heat lost to the atmosphere. 
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To bound the reservoir temperature, consider 
all the fluid brought to rest isentropically with 
no heat lost to the surroundings. Then the tem- 
perature of the reservoir is equal to the stagna- 
tion temperature of the fluid. If none of the 
fluid is retarded and no heat is lost to the sur- 
roundings then the temperature of the reservoir 
is equal to the ambient temperature of the fluid. 
In cases where the fluid is partially retarded and 
where some heat is lost to the surroundings, the 
temperature of the reservoir is between the 
stagnation temperature and the ambient tem- 
perature of the fluid. In the latter case, the 
reservoir temperature is called the recovery 
temperature. 


14-6.3 RECOVERY TEMPERATURE AND HEAT 
TRANSFER COEFFICIENT 


The local aerodynamic heat fiow from the 
reservoir, per unit time and per unit wetted 
area of the body surface, q, is proportional to 
the difference between the reservoir tem- 
perature and the body surface temperature. 
Mathematically the aerodynamic heat flow can 
be described in the following way: 


q, = h(T, — T,) (14-223) 

where 
h = heat transfer coefficient, __BTU__ 
sec./ft.2/°R 


T, = recovery temperature (reservoir tem- 
perature) (°R) 


T.. = surface temperature of body (°R) 


The recovery temperature is defined in the 
following way: 


ald eh ad 


where 





(14-224) 


T,. = free stream ambient temperature of 
the fluid (°R) 


vy = ratio of the specific heats of the fluid 
M,.= Mach no. of the free stream fluid 
r = recovery factor 


The recovery factor is a measure of the amount 
of heat that is recovered from the fluid within 
the boundary layer and is defined in the follow- 
ing way: 





r=\/P, (for laminar flow) (14-225) 
and 
T= \//P, (for turbulent flow) (14-226) 


where 


Pe= pC» = Prandtl number, a non-dimen- 
sional flow field similarity 





parameter 
» = viscosity of the fluid ( ey) 
ft./second 
C, = specific heat of fluid at constant 


pressure 
k = thermal conductivity of fluid 


The value of the recovery factor ranges from 
zero to one for real gases. In order to obtain a 
good yalue for the recovery temperature, for 
the case where the fluid is air, theory and exper- 
iment?® have shown that a value of P, = 0.72 
gives good results. 


The heat transfer coefficient defined in Equa- 

tion 14-223 can be thought of as a measure of 

the efficiency of the boundary layer to act as a 

heat source. Its value will depend on the follow- 
ing factors: 


(a) type of flow within the boundary layer 


(b) boundary layer fluid properties such as 
pressure, velocity, conductivity, heat capacity, 
density and temperature 


(c) fluid velocity in the free stream region 
(d) surface temperature of the body 
(e) boundary layer thickness 


The heat transfer coefficient is usually expressed 
by the Nusselt number, Nu, a non-dimensional 
flow field similarity parameter, as 


Ae 
k 


Nu = (14-227) 


where 


x = distance along body measured from 
the leading edge (feet) 


Theoretical and experimental studies of the flow 
within the boundary layer have shown that the 


Nusselt number can be expressed in the follow- 
ing way: 


hx 


Nu = S = B [Re]" [P,|* (14-228) 
where 
Re= pUx _ Reynolds number, a non-dimen- 


B sional flow field similarity 
parameter 


p = mass density of fluid (slugs/ft.*) 


U = flow velocity within the boundary 
layer (ft./second) 


This may be expanded as follows: 
Nea ae | pUx |" [es 
k pe k 


The values of £, n and m will depend on the body 
geometry and on the type of flow, laminar and/ 
or turbulent. The usual values that are used are 
as shown in Table 14-6.?7 





" (14-229) 


TABLE 14—6. VALUES FOR DETERMINATION 
OF NUSSELT NUMBER 


Laminar Flow 
Flat Plate, Wedges, Cylinders 
Bp . 


n » .500 


m = ,333 m = = ,333 
Turbulent Flow 
Flat Plate, Wedges, Cylinders 






















In theory then it would appear rather easy to 
evaluate the heat transfer coefficient if the 
Reynolds number and Prandtl number of the 
flow field within the boundary layer were known 
along with information relating to whether the 
flow was laminar or turbulent. Practically, how- 
ever, the problem is difficult because the follow- 
ing fluid properties are not explicitly known: 
the temperature at which the physical prop- 
erties of the fluid are evaluated, the temperature 
effects on the fluid properties, and the values of 
the flow field pressure and velocity which are to 
be used in evaluating the Reynolds number. 
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This data is difficult to determine. The lit- 
erature contains many excellent papers on this 
subject but most of them require laborious cal- 
culations and iterations which are not war- 
ranted in a preliminary design investigation. 
However, some simplifying practical design as- 
sumptions can be made that will enable the 
missile designer to judiciously compute a heat 
transfer coefficient that will suffice for pre- 
liminary design investigations. 

First, consider the problem of determining the 
temperatures at which the fluid properties are 
evaluated. The properties of the fluid vary with 
temperature. The temperature is a function of 
the position on or near the body at which it is 
measured. In supersonic flight the ambient tem- 
perature varies across the shock waves created 
by the body as well as varying through the 
boundary layer. The same is also true for the 
flow field velocity and pressure. It can then be 
seen that for any particular body location the 
heat transfer coefficient will depend on the local 
temperature, pressure, and velocity. In order to 
reduce the complexity of determining the cor- 
rect temperature to use in evaluating the heat 
transfer coefficient, the concept of the reference 
temperature is evolved. Basically this concept is 
as follows: there exists some reference tem- 
perature denoted by 7* such that if the fluid 
properties needed to compute the heat transfer 
coefficient are evaluated at this temperature, 
the resulting heat transfer coefficient will yield 
the correct heat inflow to the body.? The 
equation used for determining 7* is 


T* —T,, + 0.5 (To — To) + 0.22 (T, — To) 
(14-230) 


In terms of the Mach number, Equation 14-230 
becomes 


T* = 0.5(T. + T,) + 0.22r (x 2 





M227. 
(14-231) 


and is valid for all Mach numbers. The heat 
transfer coefficient obtained by using the ref- 
erence temperature is within 2 percent of the 
actual heat transfer coefficient.?° 

The use of the reference temperature, how- 
ever, simplifies the problem of computing the 
heat transfer coefficient only when the wall tem- 
perature is known. In cases where the wall tem- 
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perature is not known, the heat transfer 
coefficient can be computed by an iterative proc- 
ess using the reference temperature and the 
heat balance equations between the body and the 
flow field. This will be discussed in more detail 
later. If, however, it becomes necessary to arrive 
at a reasonable estimate of the heat transfer 
coefficient in the case where the wall tem- 
perature is not known, the following assumption 
can be made. Assume that the reference temper- 
ature is equal to the recovery temperature and 
compute the heat transfer coefficient based on 
fluid properties evaluated at the recovery tem- 
perature. This assumption is based on the fol- 
lowing facts. It is known that for body temper- 
atures that vary between stream temperature 
and recovery temperature the reference tem- 
perature is near the maximum temperature en- 
countered in the boundary layer. This maxi- 
mum temperature is the recovery temperature 
and so it is reasonable to assume, at a first 
guess, that the reference temperature is the 
recovery temperature. It must be noted, how- 
ever, that once this assumption is made, the 
equation defining the reference temperature is 
no longer valid. That is, it is not correct to let 
T* = T,, and then use the reference tempera- 
ture equation to calculate the wall temperature. 
The wall temperature will again have to be 
found from a consideration of the heat balance 
equations. 


Now consider the second piece of data that 
has to be obtained, i.e., the relationship between 
the fluid properties and temperature. In partic- 
ular, the viscosity, density, heat capacity and 
heat conductivity of the fluid must be known 
since these are the properties which are used to 
determine the Reynolds and Prandtl numbers. 
When the fluid under consideration is air, sev- 
eral equations are available for different tem- 
perature ranges, which describe the air prop- 
erties as a function of temperature. However, 
practical missile designers are not interested in 
the entire temperature range but only in that 
portion of the range that is determined by the 
maximum temperature that the missile structure 
can safely withstand. Within this temperature 
range three simplifying assumptions may be 
made regarding the relation between air prop- 
erties and temperatures: 


(a) The Prandtl number and heat capacity 





of the air can be assumed not to vary appreciably 
with temperature and so may be considered con- 
stant within this temperature range. 

(b) The temperature-viscosity relation 
may be assumed as?® 


(5) 


where 


(14-232) 


eae Ibs 
i Veo ( ft./second 


: ; lbs 
= ty at sea level | ———————_ 
Uo = viscosity at sea leve ( ft./second ) 
T* — reference temperature (°R) 
T., = sea level temperature 


W = constant depending on whether the 
flow is laminar or turbulent. For lam- 
inar flow, W varies from 1 at low tem- 
perature and increases asymptomat- 
ically to 0.5 as the temperature in- 
creases. A good value to use is 0.76. 
For turbulent flow, W is 10 to 20 per- 
cent larger than for laminar flow. 


(c) Air is assumed to be a perfect gas so 
that 
P 


Rr (14-233) 


p — 
where 
p = mass density of air (slugs/ft.*) 


R=air gas constant (ft.-pounds/°R- 
pounds-53.3) 


7* = reference temperature (°R) 


P = atmospheric pressure (lbs./ft.?) 


If these assumptions are applied to the Prandtl 
number, the heat conductivity-temperature rela- 
tion in this temperature range is obtained. 











pe oe (14-234) 
or 
ee PNY Pe ae ( r* )" (14-235) 
C, ke k\T, 
Therefore, 
*\w 
k — ke ( (14-236) 


where 


BTU 
sec./ft./°R 


Having obtained the fluid property-tempera- 
ture relations that are valid in the aforemen- 
tioned temperature range, the heat transfer 
coefficient can now be expressed as a function of 
reference temperature, pressure, velocity and 
position in the following way: 


k, = heat conductivity at sea level 


2 aad 


REY 


=e fe 





Py U 
RT* 





h = AT* (o—wn—n) (PU ]* x (14-238) 
where 
A = ——_BC” me (14-289) 


kK. (m—1) 7. (wo —nw) Fe* 


The last remaining piece of data that is 
necessary to express the heat transfer co- 
efficient in terms of known or easily computable 
quantities are the values of the flow field pres- 
sure and velocity. In general, missile component 
parts (body, wings, noses, etc.) may be placed 
into the following shape categories: flat plate, 
wedge, cone and cylinder. Since the flow field 
generated by these bodies is such that the pres- 
sure through the boundary layer is constant, 
the pressure at any point within the boundary 
layer is the same as the pressure just outside 
the boundary layer in the free stream. The 
temperature distribution, however, is not as 
stable. The temperature varies from the free 
stream temperature at the edge of the boundary 
layer to a maximum somewhere within the 
boundary layer to the wall temperature at the 
surface of the body. The velocity distribution 
varies from stream velocity at the edge of the 
boundary layer to zero at the body surface. 
From the solution of the boundary layer prob- 
lem, however, the following information can 
be found. The reference temperature occurs 
somewhere near the edge of the boundary layer 
and the velocity distribution can be assumed 
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to be nearly constant near the edge of the 
boundary layer. Putting this information to- 
gether with the information regarding the 
pressure distribution in the boundary layer, it 
seems reasonable to assume that the pressure 
and velocity to be used in determining the heat 
transfer coefficient are those that exist at the 
outer edge of the boundary layer, namely the 
free stream pressure and velocity. If the free 
stream velocity is denoted by U, and the free 
stream pressure by P, then the heat transfer 
coefficient expressed in terms of known quan- 
tities becomes 


h— AT* (w— wn —fn) (P. U.)* x (n=1) 
(14-240) 


Note, that in the case of supersonic flow, free 
stream values refer to the values behind the 
shock wave. 

Again it should be emphasized that using this 
formula, with its associated assumptions, for 
computing the heat transfer coefficient gives 
good results for a preliminary design investi- 
gation. When a more exact investigation is 
desired or a greater temperature range is 
needed the assumptions made herein have to 
be reconsidered and modified. 

The modifications consist primarily of re- 
defining the fluid property temperature rela- 
tions so that they are correct over a greater 
temperature range and a re-evaluation of the 
effect of variable wall temperature, pressure 
and specific heat on the heat transfer co- 
efficient. 

On the basis of the foregoing discussion the 
following procedure is recommended for cal- 
culating the heat transfer coefficient in a 
preliminary design investigation. 

The heat transfer coefficient is calculated 
from the following equation 


h — AT* (w—twn—n) (P. U.)" v (n=1) 

(14-241) 
where the terms are defined as before. In the 
case where the wall temperature is known 
based on strength limitations, the reference 
temperature, 7*, is calculated from the follow- 
ing equation: 

T* —T, + 0.5 (T, — T..) + 0.22 (T, — T.) 

(14-242) 
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or 
T* — 0.5 (Te +7.) + 0.22r (25+) M.? Te 


(14-243) 
where the terms are defined as before. 


In the case where the wall temperature is 
not known and an estimate of the heat transfer 
coefficient is desired, the reference temperature, 
T*, is calculated from the following equation: 


T*—T,=T, 2 +r (A) M.!] (14-244) 


where the terms are defined as before. 

This procedure will give results which agree 
to within 3 percent with the results of exact 
boundary layer solutions when the wall tem- 
perature is known and the free stream temper- 
ature is above 300°R.28 When the wall temper- 
ature is not known and the assumption that 
T* — T, is used the results obtained will be 
overestimates of the actual temperatures and 
they will be conservative. However, the order 
of magnitude of the two results will be the 
same. 


14-6.4 TRANSIENT TEMPERATURES 


In the previous paragraph, methods were 
outlined for the calculation of the heat transfer 
coefficient. Here, the coefficient thus calculated 
will be used to compute the temperature dis- 
tribution within the body due to aerodynamic 
heating. 

In general, the problem of heat transfer due 
to aerodynamic heating is complicated by the 
fact that it is three-dimensional by nature and, 
furthermore, that the heat flow into the body 
is a function of time. Based on experimental 
and theoretical evidence the problem can be 
reduced to heat flow in one direction, namely 
normal] to the surface of the body, by assuming 
that within the body temperature gradients 
in all directions are small compared to temper- 
ature gradients in a direction normal to the 
surface of the body. Thus, the problem is 
reduced to a one-dimensional heat flow where 
the heat input is a function of time. An ezact 
solution of this simplified problem will not be 
attempted. However, if the body under con- 
sideration is a missile, an approximation of 
the solution to this simplified problem may be 





arrived at by making some further design 
assumptions. 


For a SAM it is valid to assume that the 
thickness of the structural covering, or skin, 
is small compared to any characteristic dimen- 
sion of the missile. 


- With this as a basis, we can make the follow- 
ing assumption regarding the temperature dis- 
tribution within the skin of the missile. Assume 
that the skin can adjust instantaneously to any 
temperature impressed on its surface. That is, 
any temperature impressed upon the surface 
of the skin will be instantaneously distributed 
uniformly throughout the thickness of the skin. 
Thus, the skin is assumed to act as a uniform 
heat sink. Further, assume that the internal 
temperature of the missile is uniform and that 
all the heat developed in the boundary layer 
is transferred to the skin. 


In order to determine the skin temperature, 
it is necessary to make a heat balance between 
the heat stored in the skin, the heat supplied 
to the skin from the boundary layer and any 
other externa] heat sources, and the heat that 
is lost by radiation from the skin and by con- 
duction to the internal components of the 
missile. The difference between the heat sup- 
plied and the heat given off by the skin is the 
heat that is stored in the skin. To further 
simplify the problem it is assumed that the 
heat supplied to the body by external heat 
sources, namely the sun, is negligible compared 
to the heat supplied by the boundary layer. 
The heat supplied to the missile and the heat 
removed from the missile are defined in the 
following way: 

The heat stored, per unit time and area, 
within the skin, q,, is given by 


aT 





ds = pC, t ae (14-245) 
where 
o, =z density of the skin ( lbs. 
ft.? 
C,, = specific heat of the skin (or) 
Ibs./°R 


t, <= thickness of the skin (feet) 
T. = temperature of the skin (°R) 
t = time (seconds) 


The heat supplied, per unit time and area, 
from the boundary layer, q., is given by 


dw = h(T, = Tw) 


where 


(14-246) 


h =boundary layer heat transfer coefficient 
BTU 
sec./ft.2/°R 
T, = recovery temperature (°R) 


The heat lost per unit time and area by 
radiation from the skin, q,, is given by 
d-=eoT 4 (14-247) 
where 
¢ = skin emissivity coefficient 
o — radiation constant, — 0.174 x 10-° 
BTU/sec.-ft.?-°R4 


Finally, the heat lost, per unit time and area 
to the internal components of the missile, %, 
is given by 


ee =~ (T,, — T.) (14-248) 


where 


k» — coefficient of thermal conductivity of 
the skin 


T,= inner wall temperature which will be 
maintained constant by refrigeration 

Thus, the heat balance equation becomes 

We = Ww — Wr — % (14-249) 


and substituting in the q’s the differential 
equation for the skin temperature becomes 


aT, 1 
dt psCp,te 


[a (T, — Ty) —eoT! = (T. — T) | 


(14-250) 


This differential equation is conveniently 
solved by numerical integration using one of 
the many methods that are available. One such 
method, which is convenient for both hand and 
automatic computation, expresses the skin tem- 
perature in a Taylor Series, retaining only the 
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first two terms, which can be written in 
functional form as: 


y ig (fn41) — Te (t,) + 


| ap GT w (te) Set) 4 [cane oTet)) (14-261) 


where 


T. (fw4.1) == surface temperature at time 
Unis n= 0,1,2,3 ee 


T (€.) = surface temperature at time ¢, 
At = time interval (f.41 — tn) 
The second derivative is approximated by 


aT, (tn) _ aT, (€,_3) 
aT. (te) _—dt dt 
dt= At 
(14-252) 

where 

At = time interval (t, — tn—1) 

The equation for 7, is thus reduced to 
functions of the time increments At and At 
as calculated 


from Equation 14-250. The time interval should 
be chosen such that the term 


eo (At)? aoe a 


and the first derivatives 





is small compared with the terms to which it 
is being added. 

For surface-to-air missiles, the usual initial 
conditions that are used are the following: at 
time ¢, = 0, the surface temperature and 
recovery temperature are equal to the ambient 
temperature of the air at sea level and the loss 
of heat due to radiation is neglected. 


In order to obtain an upper bound on the 
wall temperature it is recommended that the 
following be used: 


T,—T,=T, Ja+r a mM. | (14-258) 





where the terms are defined in paragraph 
14-6.3. 


14-6.5 EQUILIBRIUM TEMPERATURE 
When the missile finally reaches some steady- 
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state flight conditions and remains in this state 
for a sufficiently long time, an equilibrium con- 
dition will be established between the heat sup- 
plied to the skin by the boundary layer and 
the heat lost by the skin to the free stream 
and to the internal components of the missile. 
This equilibrium condition is reached when 
aT, 

dt 
becomes 





kn (7, — T,) +0 Te! 
(14-254) 


As pointed out previously, since the heat 
transfer coefficient, h, is a function of the wall 
temperature, the solution of this equation 
requires an iterative approach. That is, one 
assumes a value of 7’, and computes the value 
of the heat transfer coefficient as described in 
paragraph 14-6.3. Using the heat transfer 
coefficient thus calculated, Equation 14-254 is 
solved for 7’, and the result is compared with 
the assumed value of 7',. This procedure is con- 
tinued until agreement is obtained between the 
assumed and calculated value of 7. 


If a quick estimate of the wall temperature 
is required then the heat transfer coefficient 
is obtained by using the recovery temperature 
as the reference temperature. With the heat 
transfer coefficient thus calculated Equation 
14-254 can be solved directly for T',y. 


h (T, — To) —_ 


14-6.6 TYPICAL AERODYNAMIC HEATING 
PROBLEM 


To illustrate the use of the material con- 
tained in 14-6.1 to 14-6.5, inclusive, a typical 
aerodynamic heating problem will be solved 
using the methods presented in these sections. 


In this sample problem the aerodynamic 
heating of a large aspect ratio, aluminum wing 
of double wedge cross section shown in Figure 
14-49 will be considered. The flow is assumed 
to be turbulent and the temperature will be 
computed at station 1. The wing has zero angle 
of attack and during the boost phase of its 
flight has a constant acceleration. During cruise 
it flies with a constant velocity at a fixed 
altitude. The flight path and Mach number of 
the wing as a function of time are shown in 
Figure 14-50. It is further assumed that the 





Figure 14-49. Large Aspect Ratio Wing of Double Wedge Cross Section 


internal structure of the wing is heated at the 
same rate as the skin. 

In the calculation, air is assumed to be 
perfect gas and y (the ratio of the specific 
heats) is taken as 7/5, and w = 0.76. The 
ARDC Standard Atmosphere is used. The 
values of the ambient temperature, and pres- 
sure in front of the shock can be taken to be 





T, (°R) — 619 — —122 
40,000 
0 =H = 40,000 
T, (°R) — 390 
40,000 = H < 100,000 
P, _— e7. 655 — 0.0000451 A 
0 =H = 100,00 
(14-255) 
where 


T, = ambient temperature in front of the 
shock 


P, = ambient pressure in front of the shock 
H, = altitude 


The sound speed in front of the shock, 4, is 
given by 


a, = 49.038 \/T, 


For Mach numbers greater than 1.2 and for 
small wedge angles the relationship between 
conditions in front of and behind the shock 
are given by 





Ps 14 404Be 

P, 

a? _ Tr 
2 

: “” “1 (44.956) 
—-=14C0604+D¢ 

T, 

M.? 

—~1_EFo4+F¢@ 
Me + 


where the subscript 2 refers to conditions 
behind the shock, and 


6 = one-half the wedge angle 
=< My [Mj — 1)-17 


Bi 


— M2 [83M,4 — 5 (M,2 — 1)] [M,2 —1]-? 


C ==; [My —1]-” 


M,2 
D= —“s [6M,* — 5 (M,? + 2) (Mi? — 1)] 











[M,? — 1]-? 
2 10 
E = |j— A 
c = a 
pa=[2aey A 2p 0B) 
49 49 M,? q 7 M,? 
(14-257) 
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For Mach numbers less than one, the condi- 
tions on the wing are given by 


M, — M, 
P, =P, (14-258) 
T > = T, 


For Mach numbers between 1 and 1.2, the 
shock wave is detached from the leading edge 
of the wing and the conditions on the wing 
are given by 





P,  ™M?—-1 
PP, ©@66 
iT, _ (1M? —1) (My? + 5) (14-259) 
T, 36M? 
M245 
M2 = ——_— 
7 IM? —1 


The computations were carried out on an 
automatic computer and the resultant temper- 
ature as a function of time is shown in Figure 
14-50. 
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Figure 14-50. Wing Flight Path and Mach Number as a Function of Time 
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CHAPTER 15 


PROPULSION 
15-1 PRINCIPAL NOTATIONS H= Ay 
Below are listed some of the standard propul- A; 
sion notations which are used in this chapter. / 
Additional notations are defined where they , 
e &p 
appear in the text. : 
m 
a acceleration, ft/sec? 
Qo speed of sound m 
A cross-sectional area m 
A. cross-sectional area of case ™m 
surrounding grain 
A, cross-sectional area of nozzle exit M 
Ag cross-sectional area of propellant n 
grain 
Ay cross-sectional area of missile ne 
(maximum) Deo 
A; port area (gas flow area formed by 
charge perforation) De 
Ap afterburner exit area Po 
A; nozzle throat area 
qd 
c* characteristic exit velocity of 
propellant Q 
Cp drag coefficient Qavait 
Cr thrust coefficient . 
Cr. net jet thrust coefficient 
Tw 
C; specific heat (Btu/lb) 
d diameter Tvol 
D drag 
f safety factor Si, 
F thrust So 
g gravitational acceleration : 
h specific enthalpy of combustion te 
(Btu/Ib) t 


Qa 


I cai aici, Pe, 46, Se, Se, Be, Ce ee | 





port-to-throat area ratio 
total impulse 
specific impulse 


mass flow rate (propellant 
consumption) 


mass 
molecular weight of gas 


average molecular weight of 
combustion gas 


Mach number 
burning rate exponent 
ambient atmospheric pressure 


gas pressure in combustion 
chamber 


gas pressure at nozzle exit 


atmospheric pressure at sea level 
(14.7 psia) 


dynamic pressure 
quantity of heat 
available heat 


linear burning rate for solid 
propellant 


oxidizer/fuel mixture ratio 
(by weight) 


oxidizer/fuel mixture ratio 
(by volume) 


Interior surface of rocket unit 
Exterior surface of rocket unit 
absolute static temperature 
combustion temperature 


gas temperature at nozzle exit 
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tm absolute temperature of 
gas mixture 


v specific volume 

Um volume of gas mixture 

Vp volume of propellant grain 

V velocity 

V, burnout velocity 

V~. velocity of combustion gases 
at nozzle entrance 

V. velocity of gases at nozzle exit 

Ww weight rate of propellant 
consumption 

Wer dry weight of propulsion system 

W, over-all weight of missile 

W, total weight of propellants 

Wr total weight of propellant tanks 

a nozzle divergence angle 

Y specific heat ratio (function of 
propellant) 

e—A,/A; area ratio 

n efficiency 

6 angle of attack — also climb angle 

A divergence coefficient for nozzle 

1 absolute viscosity 

p density 

0+ yield strength 

t time 

Ts burning time 


15-2 TRAJECTORY ANALYSIS 

The selection of a power plant depends upon 
the trajectory that a missile will fly. If the total 
flight profile is acceptable within the limits of 
the problem, the power plant has passed the first 
test for selection. The trajectory may frequently 
be subdivided into straight line paths with pull 
up and leveling out maneuvers occurring to join 
these straight lines. A change in lift is necessary 
to accomplish these maneuvers and a change in 
drag will accompany them. These curved por- 
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tions of the flight profile probably need not be 
considered for an early trajectory analysis when 
the vehicle configuration is somewhat vague. 
For the steady state condition, the vector dia- 
gram in Figure 15-1 may be used with a com- 
puter to plot the flight profile with respect to a 
flat earth. The figure and the following equa- 
tions show motion of the center of gravity in 
the x and y and R and h directions. 





WEIGHT 


Figure 15-1. Vector Diagram for Plotting of 
Total Flight Profile 


y direction : 











lift —W, cos 9 — — (15-1) 
g 
x direction: 
thrust — drag — W, sin 6 = W. ax 
g dt? (15-2) 


h direction: 


(lift) cos @+ (thrust-drag) sing — W,= 








W, dh 
S202 15-3 
9 dt (15-3) 
R direction: 
(thrust-drag) cos 6 — (lift) sin 6 = 
2 
A ee (15-4) 
g dt? 





where x and y are related to R and h by 
(15-4a) 
(15-4b) 


R=2zxcosé=—ysind 
h=ycos§6=— x sind 
and the various terms are: 


lift = force exerted on lifting surfaces, 
normal to the velocity vector (lbs) 


W, = total weight of the vehicle, (which 
may be a function of time) (Ibs) 


g = gravitational constant (32.2 ft/sec?) 


thrust = propulsive force acting on center of 
gravity of the body assumed to be 
in line with the velocity vector (Ibs) 


drag = retarding force on c.g. of vehicle 
acting along the velocity vector (lbs) 


6= climb angle of vehicle, (may be a 
function of time) (radians) 
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x = length of path traversed along the 
velocity vector (ft) 


y = length of path traversed normal to 
the velocity vector (ft) 


R = distance traversed measured along 
flat earth (ft) 


h = distance traversed normal to the 
flat earth, which is altitude above 
the flat earth (ft) 


These equations are modified aerodynamic force 
equations! which show the movement of the cen- 
ter of gravity of the vehicle in response to the 
forces acting on the vehicle. They should be used 
only to show the gross flight path of the vehicle. 
The portions of the general flight profile to be 
considered are shown in Figure 15-2. The por- 
tions of the trajectory during which the missile 
changes from level flight to climb flight and 




















200 250 


Figure 15-2. General Flight Profile 





climb flight to cruise are neglected since the time 
is short. 


For a rocket engine it is convenient to set up the 
equations in the following manner: 





W=W— [i w dt (15-5) 
F=Ipw (15-5a) 
t F 
“W=W.— f —at (15-5b) 
oO 8p 


where w = weight rate of flow of propellant 
(may vary with time) (lb/sec). For constant 
thrust and fuel consumption, Equation 15-5 re- 
duces to 


W=—W,—wt (15-6) 


with ¢ measured in seconds. 


For air-breathing engines the equations would 
more likely be used as 


W=W.— [wat (15-7) 
F= qArCr (15-7a) 
where 


q = dynamic pressure 


Ar = reference area which may be max- 
imum engine diameter (ft?) 


Cr, = net thrust coefficient derived for the 
engine 


and thus 


thrust-drag = qAr (Cr * = Cp) (15-8) 


and 
Cr * = net thrust coefficient with respect to the 
reference area for the drag coefficient, 


Cp. 
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In both rocket and air-breathing considerations, 
the lift may be expressed in the standard form 


lift = qAr CL — qArCon (15-9) 
drag = qArCp=QAr (Co, + Co?) 


(15-10) 
where 
a, — speed of sound 


Other simplifications that may be useful to re- 
duce the complexity of the problem are to con- 
sider an isothermal, exponential atmosphere :? 


(15-11) 


p = po e'—*/22,000) 


where 
po — density of air at sea level (slugs/ft*) 


h = altitude in feet above sea level 


and assuming that the speed of sound, a,, is con- 
stant irrespective of altitude: 


a, = 970 ft/sec 


—h/22,000) 


( 
q= fe |9.4 x 108} M2? (15-12) 


a po €(—/22,000) 42 (15-12a) 
15-3 ROCKET PROPULSION 

A rocket propulsion unit is a self-contained 
device whereby a combination of oxidizer and 
fuel or monopropellant is burned to create a 
high pressure in a combustion chamber. A 
nozzle exit for the high-pressure and high-tem- 
perature gas is provided through which the gas 
is expanded to the external surroundings, 
thus providing net jet thrust or force on the 
combustion chamber which may be’ used to pro- 
pel a missile. 


The force can be calculated by integrating the 
pressures on the walls of the combustion cham- 
ber. Since there is an exit to the combustion 
chamber, the pressure in this area is greatly re- 
duced. The combustion chamber is thus seen to 
have a net force exerted on it due to the un- 
balance of pressures. Figure 15-3 depicts the 
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Figure 15-3. Generation of Thrust by a Rocket 


pressures about the combustion chamber and 
shows some of the principal rocket notations. 


Some practical methods of evaluating rocket 
performance (both solid and liquid) are given 
in the following paragraphs. These methods can 
be applied as an aid to the selection of the 
rocket propulsion system. 


15-3.1 GENERALIZED ROCKET EQUATIONS 


15-3.1.1 Measure of Rocket Performance, 7 


The equations governing rocket performance 
are quite simple in the cases where the exit 
velocity of the propellant is constant. If AVpr 
is the change in the velocity of the rocket while 
consuming the mass of propellant, m,, then 
for an exit velocity, V., and a rocket mass after 
the propellant is consumed, mp, the relation 
between the quantities is 


eet Me gg ce (15-13) 
Mr Ve 
when the exhaust pressure is equal to the 
external pressure around the rocket casing. 
If these pressures are unequal, a small correc- 
tion to Equation 15-13 is required which is 
dependent on the rocket geometry. 

If y is defined as the ratio of the weight of 
the propellant to the weight of rocket structure, 
plus propellant, plus rocket components, the 
result is 

a 15-14 

n eee ( ) 


and Equation 15-13 yields 


AVr 
= @xrp 

1 — Y V. 

It can be seen from this equation that y is a 

measure of the performance of the rocket. 

Current designs of rockets use yn of about 0.9, 

and yn = 0.93 is considered a realistic design 
objective. 


15-3.1.2 Specific Impulse, I,, (Ib — sec/Ib) 


The exit velocity, V., is a measure of the effec- 
tiveness of the propellant. A good propellant 
must have a large value of V,. It is conven- 
tional to measure the exit velocity, V., in units 
of the acceleration of gravity, g. The combina- 
tion of terms V,/g, is called the specific im- 
pulse, J,,, for the propellant. For convenience 
of comparison between propellants, the specific 
impulse is frequently assigned a dimension of 
seconds. 


15-3.1.3 Total Impulse, I 


In the rocket formula it is clear that the 
propellant chemistry problems (i.e., making V, 
as large as possible) are divorced from the 
engineering design (i.e., a large n). However, 
there is an important interplay between the 
two in actual design of a missile. The two are 
connected through the density of the propellant. 
The lower the density of the propellant, the 
larger the tank must be to house a given mass 
of propellant. It is the product of the specific 





(15-15) 
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impulse of the propellant and the propellant 
weight which determines the total impulse 
available from the unit volume of the rocket 
tanks. In most cases it is this product which 
influences the propellant choice rather than the 
value of the specific impulse alone. Total 
impulse, then, is expressed as 


1 = Woe (15-16) 


15-3.1.4 Drag Coefficient, C, 


In the derivation of the rocket Equation 
15-15, air drag is not considered. Neglecting air 
drag is not important for rapid ascents to high 
altitudes since the drag force is quite small 
compared to the thrust force. For flights within 
the atmosphere, air drag is important but is 
usually considered under the summation of the 
aerodynamic forces acting on the body.? 


15-3.1.5 Gravity, g (fps’) 


The force of gravity is also neglected in the 
foregoing derivations; this must be accounted 
for in calculating vertical ascents. To take 
acount of gravity, again neglecting air drag, 
it is sufficient to realize that during its powered 
flight, a rocket is also falling freely in the 
earth’s gravitational field. If the angle of ascent 
of the rocket is 6, and the time of flight is ¢,, 
it follows from Figure 15-4 that 





Figure 15-4. Geometry of Ascent for 
Gravity Calculation 


Vx cos (6+ 5) = V, cos 6 (15-17) 
and 
V, sin (6+ d) — gt; = V;sin 6 (15-17a) 
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Eliminating (6 + 5) between these equations 
gives 


Vy ) (= Vy \ee gt; ( ve) 

—- sin @— { 1 — ——) = 0 

( Vr = Vr/ Vr Vp? 
(15-18) 

Equation 15-18 can be solved for V;. When 


& <<1 (so that V; ~ Vr), then Equation 
R 


15-18 can be approximated by 


V; = Vr — gt, sin 6 (15-18a) 


15-3.1.6 Thrust, F, (ibs.) 

The thrust required for a given missile is 
fixed by the total weight of the missile (includ- 
ing propellant), the desired velocity* of the 
missile, and the trajectory which the missile 
is to follow. 

Thrust is produced primarily by the change 
in momentum‘ of the exhaust gas. This change 
in momentum is a product of the mass flow 
rate of the propellant (w/g) and the exhaust 
velocity (V.). 

The momentum thrust may be increased or 
decreased by the pressure forces at the exhaust 
nozzle exit. If p, is the atmospheric pressure, 
p. is the exit pressure, and A, is the exit area 
(in?), the pressure thrust can be expressed as 
(De— Da) Ae. 


Thus, the overall thrust is given by 


po —p,) Ae (15-19) 





The term A in this equation is a correction 
factor for the exit angle of the exhaust nozzle. 
This can be expressed mathematically as 
14(1 + cos a). Figure 15-5 can be used to 
estimate the value of 4 for exit angles between 
0 and 90 degrees. 


Equation 15-19 appears to state that thrust 
can be increased by making p, > p,. However, 
increases in p, restrict gas expansion and cause 
a decrease in exit velocity V.. Thrust, then, is 
maximized for p, = pa. This relationship is 
used to fix the nozzle exit area for a given A. 





*This means only that thrust imparts a velocity to the 
missile; for rocket propulsion, velocity is dependent on 
thrust but the converse is not true. 





Figure 15-5. Divergence Coefficient 1 Versus Divergence Angle a 


From: C. W. Besserer, Missile Engineering Handbook, Copyright 1958, D. Van Nostrand Co., Inc., Princeton, New Jersey 


15-3.1.7 Thrust Coefficient, Cr 


It is frequently practical to express thrust in 
terms of combustion chamber pressure, ?., and 
throat area, A;, rather than in terms of mass 
flow rate and exit velocity. A; and p, may be 
considered independent variables on which 
thrust depends. It can be shown that thrust, 
F, follows a relationship of the form 


F = Crp.A: (15-20) 


where C, is an experimental thrust coefficient 
readily determined by measuring the remain- 
ing quantities in Equation 15-20. The measured 
value of Cy may then be applied to determine 
the throat area of a rocket having any desired 
thrust, provided that the variables on which Cr 
depends (A./A:, D-/De, 4) are held constant. 
(See paragraph 15-5.) 


15-3.1.8 Required Thrust 


The required thrust is that which imparts a 
given velocity to the missile over a given 
trajectory. Both velocity and trajectory can be 
established only after a thorough and complex 
evaluation of the tactical environment, the 
target characteristics, and the pre-design limi- 
tations imposed on the missile. Such an evalu- 
ation generally must be accomplished by com- 
puter techniques. For purposes of preliminary 
missile synthesis, some first approximations of 
thrust are in order. 


An examination of current SAM design dis- 
closes a similarity of thrust conditions. First, 
the thrust is that which imparts a velocity of 
approximately 1.2 times the velocity of the 
fastest target to be encountered. Second, the 
ratio of sustain thrust-to-missile total weight 
(F/W,) is at least 1:5. Third, if a boost-sustain 
thrust program (as opposed to constant thrust) 
is employed, the boost-to-sustain ratio is of the 
order of 7-10:1. 


15-3.2 ROCKET CONTROL 


If a rocket is designed to operate in the 
atmosphere, adequate missile control can be 
achieved through simple aerodynamic lift sur- 
faces. If, on the other hand, the rocket is to 
take advantage of its independence of altitude, 
there will be no atmosphere for a lift surface 
to push against. In this case, the rocket-powered 
missile must be provided with some atmos- 
phere-insensitive control device. 

The rocket lends itself quite readily as a 
convenient device for applying pitch, yaw and 
roll moments to a missile. The direction of 
thrust can be controlled by a hinged or gim- 
balled thrust chamber, or by aerodynamic lift 
surfaces (jet vanes) in the gas jet. Separate 
thrust chambers can also be added for con- 
trolling the thrust vector. 

When a hinge is used, the thrust vector is 
permitted to rotate about one axis. A gimbal 
performs the same function about two axes, 
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similar to a universal joint. Jet vanes or addi- 
tional thrust chambers permit orientation in 
three planes to control the thrust vector about 


the pitch, yaw and roll axes. Table 15-1 sum- 
marizes the primary control devices used with 
solid and liquid rockets. 


TABLE 15-1. ROCKET DEVICES FOR MISSILE FLIGHT CONTROL 


Hinged 


thrust chamber Negligible 


Gimballed thrust chamber | Negligible 


Jet vanes 


Bleed hot gas from thrust 
chamber through 
separate hinged 
nozzles 


Use exhaust gas from Less tha. 
turbine through 2% 
separate hinged 
nozzles (liquid 
rocket) flow) 


Small auxiliary thrust Yes 
chambers, hinged 
or gimballed 


15-3.3 THEORY OF MULTI-STAGING 


It may be seen from Equation 15-20 that a 
single-stage vehicle is limited in the final 
velocity attainable, by the term y. The reason 
for this limitation is that the energy from the 
propellant must be expended throughout the 
burning phase in lifting the total rocket struc- 
ture as well as the payload. If staging is used, 
the rocket structures are dropped as their 
propellant is expended. Thereby, the energy of 
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No (Single Chamber) ] Very efficient 
Yes (more than 
One Chamber) 


No (Single Chamber) 
Yes (more than 
One Chamber) 


Very efficient 


Yes Limited life if vanes 
not cooled 


Yes Hot plumbing 
problems 


Hot plumbing 
problems 


(But maximum moment is 
limited by low gas generator 


Relatively complex, 
with somewhat 
higher thrust loss. 





the remaining fuel is conserved for the accel- 
eration of only the payload and useful rocket 
structures. 


Two types of staging are useful for this 
purpose. Series staging implies firing each 
sequentially as the fuel for the preceding stage 
is exhausted. At each sequence of firing, small 
charges are used to discard the rocket which 
has exhausted its fuel. Thus each stage adds 
a change in rocket velocity which is a function 








of the y for that stage (7). Equation 15-20 
then becomes, for an N stage rocket, 


Exes eer bid es ll Coe 


= exp (=) + (==) 














Ve, Ve, 
AVr i AVr 
ee Se) Gea ee ee 
_* ( V,, ( a 
(15-21) 


where 7, is the ratio of the propellant weight 
carried in the nth stage to the total weight of 
the rockets (N — n + 1) stages, including the 
payload. 

Parallel staging is another approach to the 
same problem, except in this case all stages 
are fired at launch, and the stages are dropped 
as the propellant is exhausted. 


The advantages of staging are realized by 
considering an infinite number of stages fired 
either in series or parallel. A portion of the 
structure is discarded which is proportional to 
the propellant flow rate. These rockets always 
have higher performance than a single stage 
device on a payload mass basis for fixed launch 
weight. Also, on an initial weight basis, the 
infinitely staged rocket is always lighter than 
a single staged rocket for a constant payload 
mass. 

Of course, for defensive missile applications, 
the complexity of multi-staging may detract 
from the reliability and the resultant overall 
kill probability. The state-of-the-art precludes 
the use of more than a relatively simple booster 
stage for near-future applications. As target 
speeds and operating altitudes increase, it will 
become more necessary to multi-stage the de- 
fensive missile.* 


15-4 SOLID ROCKET PROPULSION 
SYSTEM 


15-4.1 EVOLUTION OF GASES BY 
PROPELLANTS’ 


15-4.1.1 General 
The devices in which propellants are com- 





*The need for Haters Jah J SAM’s may be postponed by 
the progress in variable thrust techniques which allow 
more efficient use of the propellant. 


monly used, convert heat energy into mechanical 
energy, and thus are classified as heat engines. 
The propellant gas is then the working fluid 
that actuates heat engines. In solid propellant 
heat engines the working fluid is generated by 
burning the propellant within the engine. The 
general problem. in fitting a solid propellant 
to a heat engine is the generation of gas of 
specified properties at a specified rate (which 
is a function of time). The specifications of 
gas properties and rate of generation are not 
usually independent of each other. Thus a given 
problem may be solved by using gas with one 
set of properties at one rate schedule or, 
alternately, by using a different set of gas pro- 
perties on a correspondingly different rate 
schedule. The properties of the gas are deter- 
mined by the composition of the propellant. 
The derivation of the gas properties from the 
composition is known as thermochemistry of 
propellants. The rate of gas generation is deter- 
mined by the linear rate of burning and charge 
geometry. The linear burning rate as a function 
of pressure is a propellant property. System 
pressure and charge geometry are controlled 
at least in part by the end-item specification. 
The overall problem of selecting a propellant 
formulation and geometry to meet a given end- 
item performance specification is determined 
from interior ballistics considerations. 


15-4.1.2 Ballistic Parameters 


The interior ballistics of rockets depend on the 
thermochemical properties of propellant gases. 
As a measure of the ability of the combustion 
products of propellants to perform, rocket 
ballisticians use the term characteristic veloc- 
ity, c*, or specific impulse, I». 

FORCE 
Force is a measure of the ability of the propel- 


lant gas to perform work. It is defined by the 
equation 


RT. 


F=—— 15-22 
u (15-22) 
T, = Burning temperature at constant 
volume 
Measurement of Force 
Force can be defined as: 
F= = (V —oW) (15-23) 
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where a = space occupied by the gas when 
compressed to the limit. 

A direct experimental measure of F can be 
obtained from the pressure developed under 
adiabatic conditions by burning a weight, W, 
of propellant in a closed chamber of volume, V. 
Because truly adiabatic conditions can only be 
approached, a related concept, that of relative 
force, is used. If equal weights of two propel- 
lants with the same burning time are fired 
consecutively in the same closed vessel at the 
same initial temperature, W and (V — aW) 
are constant. Then 


F, = F, (P2/P;) 


F,, the force of the standard propellant is 
arbitrarily assigned the value 100 percent, and 
the relative force, RF’, of the propellant under 
examination becomes 


RF = P2/P, XK 100% (15-24) 


Relative force is used in quality control of 
propellants to assure that successive lots of 
the same formulation duplicate each other. In 
developing a new propellant to replace an exist- 
ing one, a measurement of relative force is 
useful as an indication that the relationship 
between calculated and delivered force is or is 
not similar to the relationship for the known 
standard propellant. 


CHARACTERISTIC VELOCITY 
Characteristic velocity, c*, is defined as P.A:g/ 
W where 


P, = chamber pressure 
A; = throat area 
W = fuel burning rate 


Mathematical analysis shows that it can be 
computed from the thermodynamic properties 
of the gas as 


ot = |/ ORF gRT, 


where 7, = burning temperature 





(15-25) 


ron D 





(tE*) x 


Measurement of Characteristic Velocity 


Delivered or actual characteristic velocity, c*, 
is defined as 
GAL f P, dt 
WwW 


(15-26) 
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It is determined experimentally by static firing 
of a weight, W, of propellant in a vented vessel 
of known throat area, A;, measuring the 
chamber pressure as a function of time, and 


integrating. Comparison of c* with c,* gives 
a measure of the operating efficiency of the 
vented vessel. In similar heat engines with 
similar propellants, c*/c,* should remain nearly 
constant. The difference between c,* and c* is 
due largely to heat losses to the motor walls. 


REDUCED CHARACTERISTIC VELOCITY 
Equation 15-25 may be rewritten 


ae, )* = = 


M 











(15-27) 


The quantity be called the 





sR, 


reduced characteristic velocity; it is dimen- 
sionless and is a function of the specific heat 
ratio. Table 15-2 contains values of reduced 
characteristic velocity for different values of 
y. The characteristic velocity is obtained by 
multiplying the reduced characteristic velocity 


by gee The comparatively small change of 


reduced characteristic velocity with changing y 
points out that the characteristic velocity is a 


stronger functi 





TABLE 15-2. REDUCED CHARACTERISTIC 
VELOCITY 














SPECIFIC IMPULSE 


Specific impulse, J,,, is defined as the impulse 
(force x time) delivered by burning a unit 
weight of propellant in a rocket chamber. From 
rocket ballistic theory Equation 15-28 can be 
derived. 








= Vl EI 


This parameter is a thermodynamic function 
of the propellant only when P./P. is specified. 
Currently P, is one atmosphere (14.7 psi) and 
P. is 1000 psi unless otherwise specified. This 
formula assumes zero half-angle of nozzle 
expansion. 


Measurement of Specific Impulse 
Delivered or actual specific impulse, /,,, is 
defined as 


1 
In = =, [ Fat 


This parameter is determined also by static 
firing a vented vessel, and measuring thrust. 
Unless the operating and discharge pressures 
are 1000 psi and 14.7‘ psi, respectively, the 
measured /,, must be corrected to these values. 
Corrections must be applied also for the diver- 
gence half-angle of the nozzle, since the amount 
of impulse delivered decreases as nozzle angle 
increases. The usual convention for half-angle 
is 15°. Part of the difference between /,,° and Isp 
is therefore due to the divergence loss. The 15° 
convention is unfortunately not always ob- 
served. Some measured /,, data reported in the 
literature have been corrected to zero half- 
angle. In using /,, data, one must identify 
which half-angle correction has been used. 


(15-29) 


Example calculation of I,, from measured 
I,, (del) at nonstandard conditions. The follow- 
ing data were taken from an actual rocket 
firing: 

Expansion ratio, EF = A,/A; = 2.779 

Mean chamber pressure, P, = 218 psia 

Nozzle half-angle, a = 20° 

Specific heat ratio, y = 1.17 

I,, (del) = 201.3 lb-sec/lb 

The correction of J,, (del) to standard con- 
ditions involves the parameter thrust coefficient, 
Cy, from interior ballistics. The thrust co- 
efficient, defined as 





FP _ ghey 
P At a c* 
measures the contribution of the nozzle to the 
rocket thrust. Since c* is independent of dis- 
charge conditions, for any given rocket firing 
I,,/Cy is a constant independent of nozzle and 
external conditions. 

The thrust coefficient has its maximum value 
when expansion in the nozzle is zero pressure 
(vacuum) and discharge is also zero pressure. 
For any other exit pressure the vacuum thrust 
coefficient must be corrected by a term 


Cr= (15-30) 





(=). If the ambient pressure differs from 


the exit pressure, another correction involving 
e(P,/P.) must be applied. 


Values of Cry and (=) are obtained from 


Thrust Coefficient and Expansion Ratio Tables® 
of which the tabulated Cy is for vacuum dis- 
charge and zero divergence angle. The diver- 
gence angle correction is made by the equation 


A= 0.5 + 0.5 cos a 
so that the overall correction becomes 


actual Cy =A g (table) — ¢ (| 


c 


+e ($t)-© ($5) 


For example, using the values: 











Firing Standard 
conditions conditions 
Cr 1.54358 1.75284 
€ - 0.21405 0.13856 
ry 0.9699 0.983 


Inserting numerical values, and noting that 
for standard conditions P, =P, 


Cr (firing)* = 0.9699 (1.54358 — 0.21405) _ 
0.21405 — 2.779 x 451 
= * “918 
— 1.316 


= 0.983 (1.75824 — 0.13856) 
= 1.587 


Cr (std) 


*Since this value is a theoretical value derived from ap- 


proximate measured parameters, it does not necessarily 
agree with a value of Cr calculated by Equation 15-30 
from measured I,, and c*. 
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The corrected value of J,, at standard con- 
dition is, therefore, 


201.3 X T= — 242.8 Ib-sec/Ib 


REDUCED SPECIFIC IMPULSE 
Equation 15-28 may be rewritten 


my ~2y_[,_ (Pe\=) | 
Es ie | a e a (15-31) 
gM 
where P, = P, 
The quantity 











af? is known as the 
RT, 

gM 

reduced specific impulse; it is dimensionless, 
and depends only on the pressure ratio, P./P., 
and the specific heat ratio, y. A plot of the 
reduced specific impulse as a function of pres- 
sure ratio for various y’s is shown in Figure 
15-6. 

Calculations have shown that the maximum 
I,,° of either the plastic monopropellants or the 
fuel-binder composites is about 250 pound 
seconds per pound, and that this specific im- 
pulse will be accompanied by burning temper- 
atures of at least 3000°K. These burning tem- 
peratures are too high for use in repetitively 
fired engines, and involve materials problems 
in the design of inert parts of rocket motors. 
Satellites have been placed in orbit using pro- 
pellants with J/,,° considerably less than 250 
pound seconds per second. In spite of this a 
demand exists for the development of propel- 
lants of high specific impulse to accelerate 
heavier payloads to higher velocities without 
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using correspondingly larger rockets and more 
stages. 


For a given mission, the mission require- 
ments stipulate the velocity and the payload 
weight. Rocket interior ballistics theory states 
that the gain in velocity imparted by a rocket 
motor is 


V—V,= Vary ln (15-32) 


1 — W,/W. 
where V,,;, the effective discharge velocity, is 
approximately proportional to the specific im- 


pulse, and the mass ratio, —— Ws . The loaded 


rocket comprises the propellant, the unburned 
part of the rocket motor, and the payload. In 
a multiple-stage rocket system the payload for 
any stage includes the weight of all subsequent 
stage rocket motors. The nature of the rela- 
tionship in Equation 15-32 is such that increas- 
ing the specific impulse will proportionately 
increase the velocity increment; increasing the 
mass function will increase the velocity incre- 
ment progressively as the mass fraction in- 
creases. In the region above W,/W, = 0.8, the 
mass fraction effect is particularly significant. 
The interaction of specific impulse and mass 
fraction is such that they both must be maxi- 
mized to attain maximum velocity. 


From the thermodynamic definition, Equa- 
tion 15-28, the calculated specific impulse /,,° 


1/2 
is proportional to = from which it may 


be inferred that, in general, burning tempera- 
ture, 7',, will continue to rise as specific impulse 
is increased. 
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15-4.2 BURNING OF PROPELLANTS 


Heat will be transferred by radiation, conduc- 
tion and/or convection to the surface of a cold 
solid propellant suspended in a hot atmosphere. 
If the solid is essentially a nonconductor of 
_ heat, the heated surface will pyrolize, giving 
rise to gaseous products and exposing new 
surface to the hot atmosphere. The gas in im- 
mediate contact with the burning surface will 
be the uncontaminated pyrolytic products of 
the surface, at the temperature of the pyrolysis. 
Moving out from the surface the gases are 
raised to the temperature of the hot atmosphere 
and undergo reactions among themselves and 
with the atmosphere. The hot atmosphere then 
continues to exist in a state of equilibrium 
among the several chemicals present. If the 
solid is a monopropellant and the hot atmos- 
phere consists of combustion products at burn- 
ing temperature, the primary pyrolytic pro- 
ducts are given off premixed and in proportions 
such that the final reaction between the prod- 
ucts will bring the gas to flame temperature 
and duplicate the hot atmosphere in tempera- 
ture and composition. 

Although the temperature rise and composi- 
tion changes are continuous from the unchanged 
propellant to the products at flame temperature, 
it is convenient for analysis to break the process 
down into several phases as represented by Fig- 
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ure 15-7. Region A represents the unheated in- 
terior portion of the solid. In region B a thin 
layer of the solid is being heated to pyrolysis 
temperature, 7;. In region C pyrolysis is taking 
place and gaseous products are being formed. 
The pyrolytic reactions may or may not involve 
the formation of liquid intermediates (foam 
zone). A layer of primary gaseous pyrolytic 
products at temperature 7; is region D. In 
region E (fizz zone) these gases are heated to 
ignition temperature. In this process they may 
undergo low temperature reactions of an exo- 
thermic character and produce some heat. The 
bulk of the heat is generated in the flame zone, 
region F, which yields higher burned gas at 
temperature 7 in region G. 

At higher operating pressures (x lbs. per sq. 
in.), the thickness of the regions B through F is 
small — on the order of 10~-? inches. By operat- 
ing at greatly reduced pressures, these regions 
will broaden. 

The linear rate of burning of the monopro- 
pellant depends on the rate at which the surface 
receives heat from the surrounding combustion 
products. All exposed surfaces that can “‘see”’ 
the hot combustion products should receive heat 
at the same rate and therefore burn at the same 
time. The burning surface should recede by 
parallel layers. This conclusion, known as 
Piobert’s Law has been verified for monopro- 


PRIMARY GASEOUS PYROLYTIC PRODUCTS 


A. COLD PROPELLANT 
B. HEATED PROPELLANT 
C. PYROLYSIS ZONE 

D. 

E. GAS HEATING ZONE 
F. GAS REACTION ZONE 
G. BURNED GAS 


Figure 15-7. Burning of Solid Monopropellant 
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pellants under both rocket conditions by exam- 
ination and measurement of partially burned 
grains. (It appears also to hold for composite 
propellants, although the explanation cannot be 
as simple.) 

The rate of regression of a burning propellant 
surface, measured normal to the surface, is 
known as the linear burning rate, 7. It is usually 
expressed in terms of inches per second. When r 
is multiplied by the area of the burning surface, 
S, and by the density, we have the weight — or 
mass burning rate, expressed as pounds per 
second 


W =1Sp (15-33) 


Several factors are recognized as affecting the 
burning rate. Among these are pressure at 
which burning is taking place, initial tem- 
perature of the propellant, gas velocity over the 
burning surface, and composition of the 
propellant. 


15-4.2.1 Effect of Pressure 

Increasing the burning pressure should in- 
crease the rate of heat transfer from the flame 
to the propellant by increasing the density of 
the gas phase and thereby decreasing the thick- 
ness of regions D and E through which the heat 
must be transferred. The influence of pressure 
has been studied in both closed bombs and 
vented vessels, and the following empirical 
equations have been developed: 

de Saint Robert equation r=bP" (15-34) 
r—a-+ bP 


(15-34a) 


Muraour equation 


; 1 a b 
Summerfield equation — _ — 1 — 1/3 
. Sp p 


(15-35) 

If log P — log r propellant relationship is 
plotted, the curves of Figure 15-8 result. Pro- 
pellants behaving according to Equation 15-34 





LOG 


PRESSURE 


Figure 15-8. Rate-Pressure Relationship of Propellants for which r= bP" 
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can be evaluated for b and n. The constant n is 
the slope of the log rate versus log pressure line. 
At rocket pressures below 2000 psi, for the 
same propellant is generally lower than at gun 
pressures. In this region will be found propel- 
lants giving the normal straight line log rate 
versus log pressure relationship, plus many 
propellants which deviate widely from it. 
Propellants showing a region of reduced n, 
as shown in Figure 15-9 are known as plateau 
propellants. This behavior is shown by certain 
nitrocellulose system propellants containing 
small amounts of lead compounds and by some 
fuel binder ammonium perchlorate composites. 
The lead compounds increase the burning rate 
in the plateau region and at lower pressures. 
The propellant without the lead would show a 


RATE 


LOG 


LOG 
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normal curve coinciding with the high pressure 
branch of the plateau propellant’s curve and 
continuing normally into the lower pressure 
region (dotted line, Figure 15-9). From Equa- 
tion 15-34 the pressure in a vented vessel is of 


the form 
bS 1 
l1—n 
A; 


from which it is apparent that a low value of 
is desirable in rocket propellants to decrease the 
sensitivity of the operating pressure to small 
changes in b (a function of propellant ambient 
temperature) ; S, the burning area; and A,, the 
throat area. A low value of 7 permits design of 
lighter weight rocket motor chambers by de- 
creasing the requirement for high safety factors. 








P = const Xx ( (15-36) 





PRESSURE 


Figure 15-9. Rate-Pressure Relationship of Plateau Propellants 





These factors would compensate for deviations 
of b, S, or A; from design values. 

As a low value of n is desirable, a negative 
value is even more desirable. Propellants exist 
which show negative values of n over short pres- 
sure ranges, as shown in Figure 15-10. They are 
known, from the shape of the curves, as mesa 
propellants. In the negative slope region, if the 
pressure increases due to sudden exposure of 
additional burning surface or partial throat con- 
striction, the rate would drop immediately to 
restore the balance..The close approach of the 
isotherms also contributes to a low temperature 
coefficient of performance for vented vessels de- 
signed to operate in this region. Crossing of 


RATE 


LOG 


isotherms indicates a region of negative tem- 
perature coefficient. 


15-4.2.2 Effect of Temperature. 

As can be seen from the isotherms of Figures 
15-8, 15-9, and 15-10, the initial temperature of 
the propellant. has a significant effect on the 
linear burning rate. If all of the heat transferred 
to the propellant surface from the combustion 
products were used to raise that surface to a 
temperature 7’, at which point vaporization or 
reaction becomes appreciable,-the temperature- 
rate relationship would assume the form 


r = 0/P*/(T’ — T,) (15-37) 
where D’ is a constant and 7; is any initial tem- 
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Figure 15-10. Rate-Pressure Relationship of Mesa Propellants 
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perature. By measuring the linear burning rates 
at the same pressure for the same propellant at 
two initial temperatures, 7’ can be calculated. 
Another frequently used relationship is 


r = b’Pe* (T, — T.) (15-38) 


where b” and u are constants and T, is a ref- 
erence initial temperature. The existence of 
regions of the negative temperature coefficient 
described above is not consistent with the above 
relationships, so the effect of propellant tem- 
perature on linear burning rate remains largely 
an empirical relationship. 


15-4.2.3 Effect of Gas Velocity 


When burning occurs on the interior surfaces 
of a rocket propellant, it is found that the linear 
burning rate at and near the exit of the tube 
exceeds the normal rate. The shape of the 
“eroded” region suggests a velocity effect, and 
the erosion law may be written 

V 

r= bP (1 ray ¢ a (15-39) 
where V is the local gas velocity in the tube and 
C is the velocity of sound in the combustion prod- 
ucts. For a single internal-burning rocket grain 
in a rocket motor, VA, = CA; where A, is the 
port area and A; is the nozzle throat area. Equa- 
tion 15-39 then becomes 





r= bP (1 4K, a (15-40) 


which is in a more convenient form for rocket 
design. The constant K;, is the erosivity constant 
and is a measure of the susceptibility of a pro- 
pellant to erosion. Typically: K, is between 0.5 
and 1.0. 


An erosive burning law 


a G-8e pre 


L°.2 


has been developed from consideration of heat 
transfer to the propellant walls from the hot gas 
passing through the perforation. In this equa- 
tion, a and 6 are constants characteristic to the 
propellants burned, G is the mass velocity of the 
gases in the port, and L is the distance down- 
stream from the stagnation point. 





r= bP» + (15-41) 
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15-4.2.4 Effect of Composition 


As temperature of combustion products 
governs the burning of propellants, hot propel- 
lants should have a higher linear burning rate 
than cool ones. In rocket design where, in gen- 
eral, single grains are used, it is necessary to be 
able to control burning temperatures and rates 
independently in order to meet simultaneously 
performance and envelope requirements. To 
this end rocket compositions quite commonly 
contain additives known as burning rate cata- 
lysts which generally increase or decrease the 
normal burning rate of the propellant. The 
choice of catalysts and their proportions in the 
composition are determined by experiment. 
Temperature coefficients and erosivity con- 
stants are also properties of the compositions. 


15-4.2.5 Burning Rate of Composite 
Propeliants 


A composite propellant is a solid propellant 
system comprising two or more solid phases in- 
timately mixed. In important cases, one of these 
phases is continuous and forms the matrix or 
binder in which the other phase or phases is 
dispersed. When a composite propellant burns, 
the burning surface comprises a web of binder 
filled with exposed surfaces of filler material. 
Each exposed material burns at its own linear 
rate at any given pressure and starting tem- 
perature and has its own pressure index and 
temperature coefficient. A perfect match between 
the burning rates of binder and filler would be a 
coincidence, and easily disturbed by a change in 
burning pressure. In general, the filler surface 
will recede faster or slower than the binder, giv- 
ing rise to an irregular and time-dependent 
boundary between regions C and D. Figure 15-11 
shows the filler burning more rapidly than 
binder. Area I shows a filler particle not yet ex- 
posed. Area II shows a filler particle partially 
burned, while Area III shows a pocket left by a 
filler particle completely consumed. The net 
effect of the faster-burning filler is to increase 
the instantaneous burning surface of the binder. 
The burning area is no longer measured; only its 
projection on a plane parallel to the original 
burning surface is measured. By increasing the 
actual burning area, a greater apparent linear 
rate is attained and is referred to the projected 
area. In spite of the lower apparent burning 








BINDER FILLER QQ 
Figure 15-11. Burning of Composite Propellant — Filler Rate Faster than Binder 
rate of the binder, the burning rate of the The case of filler burning slower than the 
composite propellant approaches the linear rate _ binder is shown in Figure 15-12. In Area I the 
) of the fast-burning filler. filler particle is not yet uncovered, in Area II a 
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’ Figure 15-12. Burning of Composite Propellant — Filler Rate Slower than Binder 
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filler particle is burning at a slower rate than the 
surrounding binder, and in Area III an in- 
completely burned filler particle is completing its 
combustion in the gas phase outside the piece of 
propellant. In this instance the linear burning 
rate of the composite should approximate that 
of pure binder. 


As the linear burning rate of the composite 
tends to follow the burning rate of the faster- 
burning phase, it is to be expected that the tem- 
perature coefficient and pressure index should 
also tend to follow the corresponding figures for 
the faster-burning phase. 


In a two-phase filler-binder composite, var- 
ious combinations of monopropellants, fuels, and 
oxidizers are possible. If both binder and filler 
are monopropellants, region D is all combustible 
mixture, although of a mixture of compositions. 
If the binder is a monopropellant and the filler 
is either oxidant or fuel, region D is a continuum 
of combustible mixture containing pockets of 
fuel gas or oxidizer gas, and diffusion as well as 
heating must occur in region E before the com- 
bustion reactions can be completed. If the binder 
is fuel or oxidant and the filler is monopropel- 
lant, region D becomes a continuum of fuel gas 
or oxidizer gas containing pockets of combus- 
tible mixture. If the binder is fuel and the filler 
oxidant or vice versa, region D contains no com- 
bustible mixture. 


A diffusion step is required to mix the fuel- 
rich gas with oxidizer-rich gas before the re- 
actions which produce the flame temperature can 
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be completed. With larger filler particle size, the 
distance either gas must move to accomplish dif- 
fusion is longer; therefore, the distance between 
region D and region F should be greater than 
with the smaller filler particle. This may explain 
qualitatively the observed slower burning rates 
of fuel binder composites with large filler par- 
ticle size. 

The requirement for a diffusion step before 
achieving a combustible continuum is no essen- 
tial handicap in a burning regime. Propellants 
with this requirement propagate detonation in 
the solid less readily than do monopropellants. 

The burning time of an engine is controlled 
by the design of the internal burning propellant 
configuration (web thickness) and the burning 
rate of the propellant. The burning rate for a 
given binder system can be changed by varying 
the oxidizer content, by varying the particle size 
distribution of the oxidizer, and by adding burn- 
ing rate catalysts or suppressants. In general, 
higher energy propellants tend to have higher 
burning rates; for applications that demand 
lower burning rates, lower energy propellants 
have been used. However, new binders have now 
been developed that improve the range of the 
burning rate-energy content relationship. 

The preceding discussion of the burning rela- 
tionships applies to steady state burning and 
assumes no pores, cracks, or fissures with com- 
ponents perpendicular to the burning surface. 
Figure 15-18 illustrates the effect of various 
binding systems upon the motor burning rate. 
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Figure 15-13. Burning Rate Versus Effects of Various Type Binders 


15-4.2.6 Problem of Unstable Burning 

Rockets on occasion have exhibited a tendency 
to develop irregular pressure peaks at some time 
during their burning cycles. In severe cases this 
has led to rupture of the motor chamber. With 
pressure-time instrumentation of sufficiently low 
time constants these pressure irregularities have 
exhibited frequencies identified with axial, 
radial, and/or tangential vibration modes of the 
burning cavity. In separate instances the 
phenomenon has been overcome by resonance 
rods placed inside the grain perforation, radial 
holes through the web, slots or baffles within the 
grain, and most recently by adding small 
quantities of finely-divided aluminum to the 
composition. 


15-4.2.7 Transition From Deflagration to 
Detonation 
It is possible that burning can create shock 
and that shock can cause detonation in the pro- 
pellant. The necessary conditions are that the 
shock intensity be sufficiently great and that the 
propellant be present in cross section greater 





than its critical diameter. It is improbable that a 
properly consolidated rocket grain can create 
shock. Theoretical data indicates that only when 
the pressure rises exponentially in a few micro- 
seconds to several thousand atmospheres can 
coalescence of pressure waves give rise to shock 
as a result of burning. However, with an im- 
properly consolidated propellant with regions of 
interconnected porosity, it is comparatively easy 
to attain shock which will result in detonation. 


15-4.3 PROPELLANT GRAIN 


A single piece of propellant is known as a 
grain. The exposed portion of the grain surface 
during burning is the burning surface. Any por- 
tion of the surface which is covered by adhered 
nonburning material is inhibited. The shortest 
distance (normal to a surface) that a grain 
burns to a point where it loses its structural in- 
tegrity is the burning distance. The thickness of 
the propellant wall consumed is the web. If a 
grain burns on one side only, as the case-bonded 
or other inhibited grains, the web is equal to the 
burning distance. If two parallel surfaces burn 
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toward each other, as in uninhibited single or 
multiple-perforated grains, the web is one half 
the burning distance. The relationship between 
web and burning distance is thus not single 
valued. 


A grain that maintains its burning surface 
constant, or approximately constant has neu- 
tral geometry. Simple neutral geometries in- 
clude sheets, squares, or disks with webs small 
compared with surface dimensions. A grain 
whose burning surface increases during the 


FRACTION OF SURFACE REMAINING 


burning has progressive geometry. An example 
of progressive geometry is a tube with the outer 
surface inhibited and burning only on the per- 
foration surface. A grain whose burning sur- 
face decreases as burning progresses has regres- 
sive geometry. Such geometries include spheres, 
cubes, cylinders, and cords of any cross section. 
The burning surface is plotted against fraction 
of web burned for several geometries in Figures 
15-14 through 15-20. The portions of the grain 
remaining at burn-through, shown shaded in 
Figures 15-16 and 15-19 are known as slivers. 
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Figure 15-14. Neutral Geometry 
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Figure 15-15. Rod and Shell Grain 
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Figure 15-16. Star-Perforated Grain 
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Figure 15-17. Slotted-Tube Grain 


The terms neutrality, progressivity, and re- 
gressivity are also applied to the mass burning 
rate, W. Since W is proportional to both linear 
rate and burning surface, factors affecting the 
rate can affect the progressivity. In this sense 
a dual-composition grain in which the first 
composition exposed burns slower than the sec- 
ond can be progressive in spite of a regressive 
geometry. Such grains are used for small arms 
charges. The slow-burning outer composition is 
created by coating or applying a plasticizer to 
the outside of the grain and causing it to pene- 
trate only part way through the web, leaving the 
interior of the web unchanged. Dual-composi- 
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tion grains are also used in rockets to create a 
boost-sustain situation. In this case the fast- 
burning composition is exposed before the slow- 
burning one. Erosive burning is sometimes used 
to speed up the early burning of a normally pro- 
gressive geometry to attain essentially neutral 
burning. Finally, pressure changes that affect 
the rate contribute to progressivity. All closed 
bomb burning is at least initially progressive, 
regardless of geometry, and burning of a pro- 
gressive or regressive geometry in a vented ves- 
sel is more progressive or regressive than is 
indicated by the geometry. 
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Figure 15-18. Progressive Geometry 
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Figure 15-19. Multiple Perforated Cylinder 
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FRACTION OF WEB BURNED 
Figure 15-20. Regressive Geometry 


15-4.3.1 Size and Weight of Propellant Grain 
(Estimated) 


The total weight of a solid propellant grain, 
denoted by W,, depends upon the total impulse 
required for satisfying the requirements of the 
mission. If F' denotes the thrust required (as- 
sumed to remain constant during the burning 
time t,) and J,, is the specific impulse of the 
propellant, then 


Fr, 
W,=— 
p Tip 


Equation 15-42 gives the minimum weight of 
solid propellant for the required total impulse. 
That weight should be increased by 1 to 3 per- 
cent, depending upon the uniformity of the 
product and the closeness with which it meets 
the design specifications, to allow for slivers of 
the propellant that are not consumed. 


If p, denotes the density of the propellant 


(15-42) 


(lb/ft®?), and V, the volume of the grain, then 
V,= W2/pp (15-43) 


15-4.4 SOLID PROPELLANTS 

Solid propellants can be divided into two 
major categories: homogeneous (double-base) 
and heterogeneous (composite). The double-base 
propellant is a chemical mixture whose mol- 
ecules contain both oxidizer and fuel. The com- 
posite propellant is a physical mixture consist- 
ing of discrete particles of oxidizer and fuel. 
The most experience to date has been with 
composite propellant ; however, double-base pro- 
pellants are showing promise of superiority for 
some applications. Solid propellant information 
is given in Tables 15-8, 15-4, and 15-5 to illus- 
trate the typical characteristics of manufac- 
tured propellants. The reader is also referred to 
manual M2, published by the Solid Propellant In- 
formation Agency, Applied Physics Laboratory, 
Johns Hopkins University, Silver Spring, Md. 
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TABLE 15-3. OXIDIZERS AND BINDERS FOR COMPOSITE PROPELLANTS 


Binder (Fuel) 
% Oxygen 
Name Formula Available 


polysulfides 
polyurethanes 
butadiene pyridine copolymers 































80.05 
117.49 
101.10 
138.55 
106.40 





Ammonium nitrate NH4NO 
Ammonium perchlorate] NH4ClO, 
Potassium nitrate KNO3 

Potassium perchlorate | KC1lO4 
Lithium perchlorate LiClO4 


butadiene-acrylic acid copolymers 
petrinacrylate 





m = avg. mol. wt. 


Melting Q Force 
Density point (ft /1bs/ 
(g/cc) (°C) : lb) 


Nitroguanidine™ 0. 0481 303000 
Nitroguanidine 321000 


RDX, cyclotrimethylene- 
trinitramine* 0. 0405 485000 


HMX, cyclotetramethylene 
tetranitramine* 0. 0405 455000 


PETN, pentaerythritol 
tetranitrate* 0. 0348 447000 


Ammonium nitratet 0. 0437 197000 
Ammonium perchlorate 0. 0362 186000 


*Hirschfelder-Sherman calculation v Exact calculation 


TABLE 15-5. SOME PERTINENT PROPERTIES OF SOLID PROPELLANT COMBINATIONS 


From: Rocket Propulsion Elements, Second Edition, John Wiley and Sons, New York, 1956 



























Propellant Burning Rate : Pp I. tsac) 
pe Pg s 
Coefficients Slugs /#t2 (Sba Level 


a 
Polybutadiene- Acrylic ARataanieek 
Acid Plus Perchicrats 0.0915 
Aluminum Powder - 


Cellulose Acetate Ammonium Nitrate 15-2000 0.0027 
Ammonium 
Polyurethane Perchlorate /15-2000 | 0.160 


Ammonium Perchlorate 
Polyurethane Plus Potassium 
Perchlorate 


200-1800 
Polyester styrene Potassium Perchlorate | 400-2000 | 0.00415 


Pc =1000 psi) 


0.000195 


0.000286 — 
0.000208 


oleae | 
[0.50 a 
Stoel 
0.00" Zs 
(0.85 | 2.3-3.3 | 
0.77 Peewee 








0.000278 


Nitrocellulose-Nitroglycerin * 
| (Extruded) 500-20)00} 0.46 0.000230 
Nitrocellulose-Nitroglycerin 

(Cast) | 300-4200 | 0.00665 0.000224 


Ballistite 1000-3000 
Vo Cordite dt 000-3000. 


ry "0.479 ips at 1000 psi | T Between 900 and 1200 psi t At 1300 psi 





**Between 800 and 1650 psi 
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15-4.5 PHYSICAL PROPERTIES REQUIREMENTS 


15-4.5.1 General 


Just as propellants have different ballistic re- 
quirements depending on the uses to which they 
are put, the physical properties requirements of 
propellants will be different depending on use. 


15-4.5.2 Density 


In a solid propellant heat engine, the propel- 
lant must have a density high enough so that the 
charge can be so contained. Two factors deter- 
mine if the charge will fit into the chamber: the 
density of the propellant and the volumetric 
efficiency of the charge geometry or the fraction 
of the propellant envelope occupied by 
propellant. 

The density of a propellant is calculated from 
the densities of its ingredients, assuming no 
volume change as a result of mixing. 

ret (15-44) 

p pi 

When a propellant undergoes chemical reaction 
during the mixing operation, the ingredients 
consist of the reaction products (e.g., polymers) 
and not the reagents actually charged (mono- 
mer). When a propellant is manufactured with 
a volatile solvent which is later substantially 
removed, that portion (residual solvent) of the 
solvent remaining in the finished propellant is 
considered an ingredient. 


Density can be measured with a mercury dis- 
placement volumeter or with a pycnometer or, 
more roughly, from the weight and dimensions 
of the grain. Comparison of the measured den- 
sity with the calculated value gives a measure 
of porosity, cracks, and fissures in the propel- 
lant. Microscopic individual pores, as around 
crystals in composite structures, have no appar- 
ent effect on the burning of the propellant, but 
cracks and fissures constitute an undesirable 
burning surface that causes excess pressure and 
interferes with the scheduled mass burning 
rate. Interconnected general porosity can lead 
to detonation. In monopropellants, measured 
density is usually very close to calculated 
density. In composites a difference of more 
than 2 percent indicates trouble. 


VOLUME (OR DENSITY) SPECIFIC IMPULSE | 
In rocketry, use is made of volume specific im- 


pulse, defined as the product of specific impulse 
and density. It is expressed in units of pound- 
seconds per cubic inch. If a proposed rocket 
motor has a fixed propellant envelope, it will 
generate impulse roughly in proportion to its 
volume specific impulse. Thus a propellant with 
lower specific impulse but higher density may 
sometimes outperform one with higher specific 
impulse and low density. If the proposed rocket 
motor requires a given total impulse but has 
no envelope requirement, the volume of the pro- 
pellant, and hence the size and weight of the 
(inert) chamber, will be lower the higher the 
volume specific impulse. 


15-4.5.3 Hygroscopicity 


Most propellants contain constituents that are 
hygroscopic and this property is passed along 
in some degree to the propellants. The mech- 
anism of sorption and desorption of hygroscopic 
moisture probably involves a rapid attainment 
of the equilibrium, dependent on:relative humid- 
ity, at the surface of the grain, followed by slow 
diffusion within the grain. The effect of hygro- 
scopic moisture is the same as if the formula 
contained the same fraction of water. 

Hygroscopicity of missile propellant charges 
has been controlled by hermetic sealing of the 
motor or its shipping and storage container, or 
by loading a desiccant either into the motor or 
the shipping container. Hygroscopicity of indi- 
vidual grains has been minimized by formulat- 
ing to a minimum content of hygroscopic 
material and in the case of coated grains by 
building a layer of material of low perme- 
ability into the surface of the grain. 


15-4.5.4 Coefficient of Thermal Expansion 

At the level of about 10-‘ per degree, the 
thermal expansion coefficient is significant to 
multiple-grain charges. For single-grain charges 
loaded into chambers, the clearance between 
grain and chamber wall in the upper tem- 
perature range of storage or firing must be 
maintained through the upper temperature 
ranges of storage to firing. If due to different 
expansion coefficients or propellant and cham- 
ber material, clearance becomes non-existent, 
the chamber wall would exert stress on the 
grain causing it to deform or fracture. If the 
grain is enclosed in a rigid inhibitor, the coefifi- 
cients of the grain and inhibitor should match as 
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closely as possible. If the grain is to be case- 
bonded to the chamber, it is not ordinarily feas- 
ible to match the expansion coefficients and the 
grain must be formulated to accept the stresses 
due to differential expansion. 


15-4.5.5 Thermal Conductivity 


Propellants are in general very poor conduc- 
tors of heat. This property is a useful one for 
ballistic design, as it can be safely assumed that 
the unburned portion of a grain will remain at 
its initial temperature throughout the combus- 
tion process. On the other hand, in a large grain 
the time required to bring the propellant to a 
uniform temperature following a change of en- 
vironment may be several hours or even days 
depending on temperature differential, air circ- 
ulation, and grain size. If the grain is fired 
with a temperature gradient, the rate of gas 
production will reflect the temperature grad- 
ient. Thermal shock from a rapid change of 
very cold to very warm or vice versa may 
lead to cracking of the grain. 


15-4.5.6 Mechanical Properties. 


The mechanical properties of propellants 
must enable them to withstand the loads imposed 
during shipping, handling, and firing. These 
requirements differ widely from one rocket 
motor to another. Methods for measuring phys- 
ical strength and deformation are reviewed by 
the JANAF Panel on Physical Properties of 
Solid Propellants and reported in the publica- 
tions of that panel. JANAF mechanical prop- 
erties test data are significant as they compare 
propellants under test conditions and imply that 
the comparison will be valid under operating 
conditions. 


ULTIMATE TENSILE STRENGTH 

Tensile strength is important for rocket grains 
supported at the head end during acceleration. 
For other applications it is perhaps useful only 
as a quality control measure to assure that 
successive lots of a given propellant resemble 
each other. Tensile strength ranges from about 
10,000 pounds per square inch for straight poly- 
mer monopropellants to below 50 pounds per 
square inch for some case-bound propellants. 


ELONGATION IN TENSION 
Case-bonded grains must deform to accommo- 
date changes in dimensions of their containing 
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cases with changes in temperature. Although 
requirements vary from rocket motor to rocket 
motor, a minimum of 15 percent elongation at 
rupture at the lowest storage or operating tem- 
perature is a typical requirement for a case- 
bonded propellant in a large rocket. Many such 
propellants actually have values of 50 to 100 
percent elongation at normal ambient tem- 
perature. 


MODULUS IN TENSION 

A low value of modulus is required of case- 
bonded grains to avoid distortion of the case or 
rupture of the adhesive bond when the motor 
is cooled. A typical value for modulus of a 
case-bonded propellant is 300 to 600 pounds per 
square inch per inch per inch, or dimensionally 
pounds per square inch. 


Ultimate tensile strength, elongation, and 
modulus are all determined in the same test. A 
typical test result is shown in Figure 15-21. 


STRESS RELAXATION 

It is advantageous in a case-bonded propellant 
for distortion stresses to be relaxed as the grain 
acclimates to its new environment. Thus, resid- 
ual stresses will not lead to cracking in areas of 
stress concentration. The property of relaxation 
under tension may be measured by measuring 
the tensile stress at fixed elongation as a func- 
tion of time. 


CREEP 

A lower limit of tensile modulus of case- 
bonded propellants is set by the requirement 
that under its own weight the propellant does 
not deform so as to decrease port areas or sub- 
stantially change shape and dimensions. This 
deformation, elastic due to too low modulus, or 
inelastic due to cold flow, is known as creep. 
Creep has been responsible also for departures 
from design ballistics of cartridge-loaded rocket 
grains. The best criterion for assessing the 
tendency to creep appears to be experience. 


COMPRESSIVE STRENGTH 


Cartridge-type rocket grains supported at the 
nozzle end are subjected to compressive stresses 
during firing. The magnitude of such stresses 
and, therefore, the compressive strength re- 
quired to withstand them can be computed from 
the designed acceleration of the rocket. Com- 
pressive strengths of propellants are usually of 
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Figure 15-21. Tensile Test Record Showing Derivation of Ultimate Strength, 
Elongation, and Modulus 


the same order of magnitude as ultimate tensile 
strength, and for design purposes the tensile 
strength of the propellant is frequently used 
with suitable safety factors. 


MODULUS IN COMPRESSION | 

For cartridge-loaded rocket grains the 
deformation due to compression during accelera- 
tion must not be great enough to cause signifi- 
cant departures from design geometry. This 
fixes a lower limit on the permissible value of 
compressive modulus. The value of this limit 
has not been precisely evaluated as high values 
of compressive modulus usually accompany the 
required compressive strength. 


SHEAR PROPERTIES 


Case-bonded grains are stressed in shear 
during acceleration. The weight of the propel- 
lant must be supported by the shear strength at 
the bond between the propellant and the case. 
Per unit of propellant length, neglecting the 
perforation, the weight of the propellant under 
acceleration and therefore the total shear 

nd? pa 
4 


force is where d is the grain 


diameter in inches, p the propellant density in 
pounds per cubic inch, and a is the acceleration 
in g’s. The total shear force is applied over an 
area of xd. The required minimum shear 
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strength, in pounds per square inch, is 


SO Sa (15-45) 
4nd 4 
Procedures for measuring shear have been 
reported. 


BRITTLE TEMPERATURE 

For many plastics the second-order transition 
temperature signals the onset of brittleness. 
This appears to be the case with case-bonded 
propellants. It has not been established that the 
same significance of the second-order transition 
temperature holds for cartridge-loaded propel- 
lants which perform well at temperatures con- 
siderably below that of asecond-order transition. 


The second-order transition temperature may 
be measured by noting a break in the curve of 
specific volume versus temperature or an abrupt 
decrease in mechanical properties such as im- 
pact. strength at that temperature. 


15-4.6 ROCKET MOTOR WEIGHT ESTIMATION 


A procedure for estimating the weight of 
the rocket motor is presented. The diagram of 
the assumed rocket motor is shown in Figure 
15-22. If this motor is analyzed as a uniformly 
loaded, simply supported beam (Figure 15-23) 
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Figure 15-22. Solid Rocket Motor 
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Figure 15-23. Simply Supported, Uniformly 
Loaded Beam 


15-32 





the maximum moment applied is: 
2 Wm ln 


Ms = = (15-46) 
where: 
Miyax = Maximum moment, at center of span, 
in Ibs. 
Wm = total motor weight, lbs. 
Ln = motor length, in. 
n = maximum design lift-to-weight ratio 


for missile, dimensionless 
The average thickness required for this moment 
is 
Minax 


_ nNWa ln 


t* — 
Six R,,? Op 


(15-47) 


where 
R,, = maximum radius of motor case, (in.) 
Op = design stress for material, (lbs./in.?) 
Noting that the propellant weight, W,, is: 


W, = Ry? ln pp Kr (15-48) 
and the case weight is: 

W, = 2x Rin ln be pe (15-49) 
where 


pp = propellant density, (lIbs/in®) 


K, = propellant loading factor, used volume/ 
available volume 


t, = case thickness, (in) 
pc = case density, (lbs/in®) 


The thickness required from the case may be 
written as: 


+ ——"™ [RK (# +) 2! 15-50 
8 = =. 7 Po a . ( ) 

The thickness to withstand the pressure is, 

tp = (eho t Pim Pe) Rm (15-51) 

2 Op 

and assuming P, >> P, >nP, 

tp = fihen (15-52) 

2 Op 





where 
P; = internal pressure, (lbs/in?) 
P, = external pressure, (lbs/in?) 


Further, since the solid grain will not conduct 
heat very rapidly, thermal stresses can be ig- 
nored for this first approximation. The case 
thickness, then, is expressed as 








t,=t*+t, (15-53) 
or, 
‘<= K pole Ed 
8 op ( oy, On/ po us 2 Op 
(15-54) 


Since the case weight (including a design safety 
factor, f, but neglecting the head end surface) 
is 





W.= (2x R,? Gr po be) S (15-55) 
it can be written that 
We = 2 nt oe 
On/po 
JA ( Ki +—t) + | s (15-56) 
8 p/ pe 


_ 


oo 


which may be simplified for computation as: 





W, = 28 Rn! bn 
Op/po 
Cm? Pea P, P, 
———|( K —|S 15-57 
| 8 ( L pp + we ak | ( ) 


The other inert parts of the motor can now 
be considered. The squib igniter is fixed at 
approximately one pound. The exhaust nozzle 
and head end of the casing may be estimated 
by considering the surface areas, S, of the 
nozzle and head end as shown in Figure 15-24. 


Based upon the plenum chamber, a con- 
vergent section, a divergent section and the 
motor head end section, the total surface area 
may be shown to be: 


A 1 
— A. | neers sin ar A; \ sin 6p 


_ ral sin Op amit 6. )| (15-58) 
A, \ sin 6p sin 0, 


— , 


6. a 


SECTION D D' SECTION A A’ 
x = 
x a i : i 
HEAD END PLENUM THROAT EXIT PLANE 


Figure 15-24. Head End Piece, Motor Casing and Nozzle Geometrical Layout 
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where 


A, = chamber area, cross section (in?) 
A; — throat area, (in?) 

A, = exhaust area, (in?) 

6. = converging cone angle 

6) = diverging cone angle 


The nozzle and casing header weight may be 
written as 


W, — St pn 


where 


(15-59) 


t = thickness of nozzle, (in) 
pn = density of nozzle material, (lb/in*) 


The thickness of the nozzle may be estimated 
by finding the thickness of wall required in the 
plenum chamber and assuming this thickness 
is used for both the nozzle and casing header. 


Thus the nozzle and casing header weight 
may be expressed as 


8 
aie Ze(s 4 +4(= 
On/pn sin 6, A. \ sin 6p 


)| (15-60) 





W,= 


_ As ( sin 6p + sin 6, 
sin 6» sin 6, 


A, 
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and the total motor weight, Wn, is 


Wm = W,+ W.+ W1-+ Wie 
where 


(15-61) 


Wig = weight of the igniter 


The curves of Figures 15-25 and 15-26 are 
plots of the preceding equations. The following 
values are assumed: 


S = 1.333 
Op/pe = 100,000 in. (for both case and nozzle) 
K, =08 


pp = 0.058 lb/in® 
nN —4 
PP; — 1000 psi 


A./A; = 10, as a typical value 

A./A; = 5, as a typical value 

6. = 60° 

Op = 30° 

The figures show the ratio of propellant 
weight, W,, to total motor weight, Wm, for 
constant radii, and the length-to-radius ratio 


as a function of motor weight for constant 
radii. 
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15-4.7 PHYSICAL DIMENSIONS 
By rearranging and substituting in the basic 


thrust equation 
F= m Va + (De = Da) A, (15-62) 
(where m= w/g as defined previously) 


it is possible to obtain some close approxima- 
tions’? of the motor dimensions required to 
deliver a given thrust. 


By definition, 
Mm = pe A, V, 
where 


(15-63) 


pe — flow density in the exit plane 


Then, by making use of the Mach number 
(M,.) in the form 


Ve 





M,= (15-64) 
V YDe/ Pe 
where 
yY = specific heat ratio 
Equation 15-62 can be rewritten as 
F=A, | p. (1+ yM2) — p.| (15-65) 


pemem penne that thrust is maximized for 
Pe = D.*, and designating the maximum thrust 
condition by the subscript m, Equation 15-65 
becomes 


F=yp.A,, M.,? (15-66) 


Equation 15-66 may be used to determine 
A, in terms of the throat area A,, since A. /A; 
may be related to M,,, by 


titra df tof tghaal 


(15-67) 


for one-dimensional isentropic flow relations. 


In Figure 15-27 the optimum expansion ratio 
(A./A;) is plotted against F'/p,A; for a range 
of values corresponding to exit Mach numbers 
of 1.0 through 5.0, and for a range of y. In 
the event that information is not available 
about the value of y (which is primarily a 
function of the propellant) a value of y = 1.25 
can be considered a reasonable estimate. 

Although the inputs to the problem would 
not in general include the throat area, it may 
be supposed that the chamber area, A., would 





y+1 


be so included, this being related to the diam- 
eter of the missile. Also, to prevent erosion of 
the propellant, there will probably be a restric- 
tion on the flow speed in the combustion 
chamber. Therefore, A./A; in Figure 15-28 is 
plotted against combustion chamber Mach num- 
ber (M.) for a range of typically small values 
of the latter. Using this chart, A; may be deter- 
mined, and thus (from Figures 15-27 and 15-28 
the exit area may be related to the chamber 
area, or rather the missile cross-sectional area. 


In actuality, the thrust requirements vary 
throughout the flight profile of the missile. The 
aforementioned charts may then be used to 
obtain a range of optimum exit areas. Purely 
from inviscid flow considerations, an exit area 
close to the midpoint of this range would be 
chosen, since charts of thrust versus exit area 
(see reference 8, for example) show that very 
little would be gained by a more elaborate 
optimization scheme, owing to the flatness of 
the curves near the optimum point. However, 
the over-expansion of the nozzle (ratio of 
actual-to-smallest optimum exit area) should 
not be too great, or shock waves will move into 
the nozzle and degrade performance. As a 
criterion for the avoidance of this phenomenon, 
the exit-to-ambient pressure ratio should be 
kept above that associated with a shock that 
would separate the boundary layer on the 
nozzle wall. This critical pressure ratio is 
closely associated with that yielding the maxi- 
mum momentum density ratio across the 
oblique shock, p.V,7/p,V,? where the subscripts 
1 and 2 refer to conditions fore and aft, respec- 
tively, of the shock. The latter pressure ratio 
is given by: 

= % 
p/p, = (= )( 1+ 15+ ms)= (145) 
y—1 2 y—1 





(15-68) 


Letting M, > M., and solving Equation 15-65 
for p./p-, the requirement that the ambient-to- 
exit pressure ratio be less than that given by 
Equation 15-68 may be translated into a re- 
striction on the exit-to-throat area ratio: 


—_F/ArDo 
AJA, ¢ ——G + 1M) (y=) 
2/y (1+ =Me)~ en 
(15-69) 
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Figure 15-27. Optimum Exit-to-Throat Area Ratio as a Function of Thrust Requirements 
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Figure 15-28. Combustion Chamber-to-Throat Area Ratio Required to Satisfy 


Combustion Chamber Mach Number Limitations 
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Since M, is a function of A,/A; (see Equation 
15-67) the critical value of the area ratio may 
be plotted against the non-dimensionalized 
thrust, as shown in Figure 15-29. In its use, 
this chart would be entered with the smallest 
value of 7T/A;p,, and the largest permissible 
value of A,/A; thereby determined. 

Once A, has been established (and hence 
A./A:), Figure 15-29 may be used to determine 
the chamber pressure (p,), which is related to 
the exit pressure and Mach number by: 


De/De = [14 tetas) (15-70) 


Using this relation and Equation 15-65, it 
is possible to solve for p.: 


aes | . | 
a Wed 
(15-71) 


2 
1+ 7M? 

The Mach number function in this equation 
(which is, of course, p,A./F — p,A-) is plotted 
against A,/A; in Figure 15-80. 

To proceed further, it is necessary to con- 
sider the type of propellant being used. Table 
15-5 lists some pertinent properties (specifi- 
cally, the mass flow in terms of chamber pres- 
sure and throat area and the coefficients of 
the empirically determined linear burning rate 
equation) : 








Tr=ap," (15-72) 


In this equation, p, is to be expressed in psi, 
and “r’’ is obtained in ips for the values of 
“a” and “n” listed in Table 15-5. 


With the information previously obtained 
from Figures 15-27 through 15-80 the choice 
of a propellant makes it possible to estimate 
the required length and weight of the propel- 
lant grain. Since p, and A; are already known, 
Table 15-5 can be used to obtain the required 
mass flow rate, m. Then, choosing an effective 
diameter, D, of the propellant burning surface 
(defined as 1/x times the circumference of the 
burning area), the length of the grain is found 
from the following relation: 


De At 


L,= (—"-) (= (15-73) 
. De At X Dey 7 pp 
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where r is determined from Equation 15-72 
and Table 15-5. The ratio of the density of 
the combustion gases to the density of the 
propellant is ignored, and the latter density is 
designated by py. 


Considering a boost-sustain propulsion sys- 
tem, it is readily apparent that two different 
lengths would be obtained. However, it is prac- 
tical to compute the length on the basis of the 
sustaining thrust requirements. Then, using 
this length, the effective diameter of the boost- 
ing grain may be computed from Equation 
15-73. This will assist the grain designer in 
establishing the configuration of the grain. 
(These remarks are predicated on the assump- 
tion that it is desired to make the boost and 
sustain grains coaxial.) 


The length of the nozzle may be estimated 
by approximating the nozzle configuration by 
two cones as shown in Figure 15-81. The ex- 
pansion angle of the converging portion of the 
nozzle is assumed to be about 50 to 70 degrees 
and that of the diverging portion to be about 
30 degrees. Using these numbers, and estimat- 
ing a chamber-to-throat area ratio of about 
25, the following relation is obtained: 


L,/R;e=2+8 (42) °- +] 


15-74 
A, ( ) 





where one chamber radius is allowed for the 
length of the combustion chamber plenum, as 
shown in the sketch. 


15-4.7.1 Sample Problem 


Suppose a preliminary analysis yields the fol- 
lowing estimates for the thrust requirements 
of a 6 inch diameter missile: 


F’, = 4000 lb 
Tt = 2sec 
F, = 500 lb 
Tt =8 sec 


where the phase of operation is indicated by 
the subscripts 6 for boost and s for sustain. 
Estimating a 14-inch thickness of skin and 
rocket casing, D, = 5.5 inches and A, = 23.8 in?. 
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Figure] 5-29. Maximum Exit-to-Throat Area Ratio without Boundary Layer Separation Due to Over-Expansion 
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Figure 15-31. Nozzle Configuration (Calculated Assumption) 


Supposing M, = 0.02 and assuming y = 1.25, 
Figure 15-28 yields A./A; = 29.4, so that A: 
= 0.0805 in?. For the boost phase, consider pa. 
to be 14 psi; thus 
F, 
Pa A: 
Then, from Figure 15-27, 


= 356 





(A, /At)» = 18.7 
Letting p, be 10 psi for the sustain phase, 


_F is _ 604 
Pa A; 


so that 
(A, /At), = 5.6 

Taking a simple average of these values, select 
A,./A; = 12.2 


so that A, = 9.82 in?. Checking with Figure 
15-29, it is seen that this is acceptable. Then, 
from Figure 15-30, 


F + Da Ag 
De Ag 


= 0.141 


Substituting the appropriate values, the cham- 
ber pressure during boost is found to be 


pete 4000 + 137 
"0" 0.141 x 9.82 


while for that during sustain: 


500 + 98.2 
0.141 « 9.82 


From Table 15-5 the highest-performance 
propellant combination capable of a 2980-psi 
chamber pressure is cast nitrocellulose-nitro- 
glycerin. As for the sustainer phase, an obvious 
choice is the polybuthadiene-acrylic acid-alu- 
minum powder-perchlorate combination. How- 
ever, the burning rate of this propellant is 
0.383 ips at 431 psi. This amounts to a 6-inch 
diameter reduction in the sustainer diameter 
in the 8-second burning time, clearly too great 
a reduction. Similarly, the polyurethane-per- 
chlorate propellant burns at 0.216 ips, which 
is also too large. The cellulose acetate-aluminum 
nitrate combination yields (with the help of 
Table 15-5 and Equation 15-72): 


r = 0.0027 (431)°5 = 0.0561 ips 


which is considerably more satisfactory, even 
though this propellant has a lower specific 
impulse. Note, however, that the use of a higher- 
powered propellant would necessitate an in- 
crease in missile size, and hence in thrust 
requirements, so that on an overall perform- 
ance basis this propellant is probably near 
optimum. To further prove this point, suppose 


= 2980 psi 


Pc, = = 431 psi 
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it is decided to use the sustainer in the form 
of a cigarette burner. 


Then 


m = ———, Do Ar = pp ? Ay (15-75) 


DAs 
so that even for the highest performance 
propellant: 
ees 0.000195 « 431 « 0.805 

°"" —- 34/1728 x 0.383 
which represents a four-fold increase in missile 
diameter, and hence in thrust requirements. 

The length of the propellant required, as 
based on the sustainer, may now be found to be 


_ 0.000286 x 431 x« 0.805 
~~ 3.0/1728 x x xX 5.5 X 0.0561 
where use has been made of Equation 15-73. 


Since the burning rate of the boost propellant 
is (from Table 15-5 and Equation 15-72) : 


r = 0.00665 (2980)°* — 0.871 ips 


the effective diameter of the boost propellant 
may be computed from Equation 15-73 as 


0.000224 « 2980 x« 0.805 
3.1/1728 * 59 x 0.871 


In this case the effective diameter is quite 
a bit less than the missile diameter, though 
this is not necessary, since it merely gives an 
index to the shape of the grain. The important 
thing is whether the boost grain can fit inside 
the sustainer. The volume available to the 
former is: 


= 89.8 in? 


Det, = 1/x — 1.85 in 


Vy avail — 
n/4 x 59 x [(5.5 — 2) x 8 x 0.0561]? 
= 981 in? 
while the volume consumed is: 


vy, 0.000224 x 2980 x 0.805 x 2 
cons ~~ 3.1/1728 


which is sufficiently below the volume available 
to make the configuration a practical one. 


As to the mass of propellant required 


Mp = My ty + Ms Te (15-76) 
= 0.000224 x 2980 x 0.805 x 2 
+ 0.000286 x 431 x 0.805 x 8 
= 1.077 + 0.795 
= 1.872 slugs 


= 600 in? 
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For the length of nozzle required, Equation 
15.74 yields 


Ly = 7? {2+8 ( 22-1 )| = 26.1 in 


so that the total length of the rocket is 26.1 
+ 59.0 = 85.1 inches. 


15-5 LIQUID PROPELLANT ROCKET 
SYSTEMS 
15-5.1 BASIC COMPONENTS’ 


In a liquid propellant rocket engine there 
are five fundamental subsystems: 


(a) the feed system for transporting the 
liquids from the tanks to the thrust chamber 


(b) propellant tanks (usually 
with the airframe) 


integral 


(c) the thrust chamber, where the propel- 
lants are mixed, burned and expelled 


(d) the control system to start, stop and 
regulate the operation of the engine 


(e) various supplementary and auxiliary 
devices such as gimbals, or auxiliary power 
drives. 


15-5.1.1 Feed System 


GAS PRESSURE SYSTEMS 


One of the simplest and most common means 
of pressurizing the propellants is to force them 
from their respective tanks by displacement 
with high pressure gas. The latter is fed into 
the propellant discharge. A feed system is 
shown schematically in Figure 15-32. 


TURBOPUMP SYSTEM 


The turbopump rocket system pressurizes the 
propellant by means of pumps, which, in turn, 
are driven by turbines. The turbines derive 
their power from the expansion of hot gases. 
A separate gas generator ordinarily produces 
these gases in the required quantities and at 
the desired inlet temperature by means of a 
chemical reaction similar to the reaction in 
the combustion chamber. A turbopump feed 
system is shown schematically in Figure 15-33. 

























Helium Helium 
dump pressure Helium Helium 
valve switch Pressure start pressure 
Xk 
i] Check 
valves 
; Burst 
SN diaphragm 
NS 
= SSS 
U7 WLLL SSNS 
Bfaan USN 
| Y) xygen ee 
t vent valve Ui. 
- 
: 4 
| 
; Y 
| Y 
1 ¥ Check 
U g valve 
1 WO Ff 
1 YG —, Fil 
7 y fr and 
; 1 0 Co go drain 
1 
1 iG Orifice , 
. g sa grin joint Ss NI Burst diaphragm 
\/ 
1 diaphragm he pone start valve 
1 <i ssh Trigger pressure 
: G "as Alcohol 
YY 
1 Check valve 
y Injector 
J 
i y/ ; ‘ 
y 4 Check ON wan 
1 £ GZ it} vave 6” & To tail 
2 a Y 
1 £g@ Se $ 
1 kB ER Rf Thirst 
of) BZ QB chamber ficial 


Helium \ Helium i Vent control disconnect 


dump Pita Vent disconnect 


Figure 15-32. Pressurized Liquid Propellant Feed System 
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PUMPS 


Of the numerous types of pumps available, 
the centrifugal pump is generally considered the 
most suitable for pumping propellant in large 
rocket units. For the large flows and high 
pressure involved, it is efficient as well as 
economical in terms of weight and space 
requirements. 


GAS GENERATORS 


The power necessary to drive the turbine is 
usually obtained from the gas generator, which 
generates gases by a chemical reaction of 
propellants similar to those in thrust chambers. 
There are many possible methods for generat- 
ing gases. The following are the more common 
types: 


(a) gas-pressurized generator, having its 
own propellant supply 


(b) feed system pressurized generator, 
using the same propellants as the rocket 
engine from the same feed system, but with 
separate combustion chamber 


(c) gas bleeding directly from main com- 
bustion chamber 


Fuel inlet 
Combustion flange 
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(d) solid propellant charges burning at a 
slow rate and giving off gases 


(e) high pressure stored gas. 
15-5.1.2 Tanks for Propellants 


A liquid propellant rocket engine system often 
requires not only large tanks for the storage 
of propellants, but also smaller tanks for 
hydraulic fluids, lubricating oils, or starting 
devices. The optimum shape for the smaller 
tanks is spherical, to provide the least weight 
and the least stress concentration. Propellant 
tanks are often made integral with the vehicle 
fuselage or wing and are usually irregular in 
shape. 


15-5.1.3 Thrust Chambers 


A thrust chamber is essentially a special 
combustion device where liquid propellants are 
metered, injected, atomized, mixed, and burned 
at a high combustion pressure to form gaseous 
reaction products which in turn are accelerated 
and ejected at high velocities. A desirable 
rocket thrust chamber combines lightweight 
construction with high performance, simplicity, 
and reliability. 


A typical rocket engine thrust chamber 
assembly (Figure 15-34) consists of a nozzle, 
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Figure 15-34. Cutaway of Rocket Thrust Chamber 
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combustion chamber, injector, mounting pro- 
vision, and an ignition system. 


UNCOOLED CHAMBERS 


Uncooled liquid propellant rocket thrust 
chambers can be fired for durations up to about 
50 seconds. The wall acts as a “heat sponge” 
and absorbs heat energy. 


COOLED CHAMBERS 


Cooled liquid propellant thrust chambers have 
provisions for cooling some or all metal parts 
coming into contact with hot gases. In regen- 
erative cooling the thrust chamber walls are 
cooled by a built-in jacket or cooling coil in 
which the oxidizer or the fuel is used as the 
coolant fluid. The majority of liquid propellant, 
cooled, rocket thrust chambers have used this 
principle. 


Film cooling is a method whereby a thin fluid 
film covers and protects exposed wall surfaces 
from excessive heat transfer. The film is intro- 
duced by injecting small quantities of fuel, 
oxidizer, or an inert fluid at very low velocities 
in a large number of places along the exposed 
surfaces in such a manner that a protective 
film will be formed. 


MATERIALS FOR FABRICATION 


Generally speaking, ordinary materials such 
as aluminum, steel, stainless steels, copper or 
nickel] are used for the fabrication of chambers 
and nozzles. Sometimes special techniques for 
manufacture, such as novel welding schemes, 
forming, and joining methods, must be devised. 


VIBRATION 


Oscillations in various rocket thrust c..am- 
bers may become so violent as to cause rapid 
structural failures of components and attached 
equipment. Three types have been observed. The 
first is believed to be a chamber pressure and 
feed system oscillation with relatively low 
frequencies of 15 to 0.1 cycles per second. The 
second type of vibration is that caused by the 
excitation of the natural frequency of metal 
parts such as chamber, pipelines, and structural 
parts. The third type is a high pitch, high 
energy vibration, and is associated with the 
combustion and the chamber geometry. 
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INJECTORS 


Many injector types have been tested (Figure 
15-35). The functions of the injector are 
similar to those of a carburetor in an internal 
combustion engine. It must introduce and 
meter the flow to the combustion chamber, and 
atomize and mix the propellants in such a 
manner that a correctly proportioned homo- 
geneous fuel-oxidizer mixture will result; one 
that can be readily vaporized and burned. 


15-5.1.4 Controls 


All liquid propellant rockets embody controls 
to accomplish some or all of the following 
tasks: 


(a) start rocket 
(b) shutdown rocket 
(c) restart 


(d) maintain programmed operation (pre- 
determined constant or varied thrust, preset 
propellant mixture ratio or flow) by calibration 
of feed system, or by automatic controls 


(e) make emergency shutdown when 
safety device senses a malfunction or a critical 
condition in the vehicle 


(f) fill with propellants 

(g) drain excess propellant after opera- 
tion 

(h) check out proper functioning of criti- 
cal components without actual operation. 


The complexity of the control elements in a 
liquid propellant rocket engine, and the com- 
plexity of the systems, depend largely on the 
mission of the rocket. Because of the nature 
of the liquid propellants, most of the control 
functions are achieved by valves, regulators, 
and flow controls. Two methods are available 
for precise control of thrust and mixture ratio. 
One method uses an automatic system to con- 
trol the deviations, and the other relies on 
static calibration of the engine system. The 
latter approach is the simpler of the two and 
is usually preferred. Calibration of a liquid 
propellant rocket engine system to a high 
degree of accuracy requires individual calibra- 
tion of hydraulic and pneumatic components, 
calibration of components which operate in ex- 
tremes of temperature, and matching of pro- 
pellant flows and pressure drops. 
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15-5.1.5 Auxiliary Use of Propellants 

In a typical liquid rocket propulsion system, 
the propellant supply from the missile tanks 
is often used for a variety of purposes such 
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Figure 15-35. Injector Types 


as driving the turbopumps or the electric gen- 
erator, pressurization of the main propellant 
tanks, utilization for thrust vector control, and 
in the vernier rocket thrust chambers. 
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15-5.2 OPTIMIZATION OF PARAMETERS AND 
ENGINE CHARACTERISTICS 


Propellants are selected on the basis of tech- 
nical superiority, desirable operational char- 
acteristics, and economy. Chamber pressure is 
usually determined after a study of a series of 
characteristics. The best nozzle area ratio 
depends on the altitude-time characteristics of 
the desired trajectory. 


The net positive suction head (NPSH) char- 
acteristics of the pump are selected as a com- 
promise between the following factors. If 
NPSH is increased then: 


(a) the pumps usually become smaller and 
lighter since they can operate at a higher 
shaft speed 

(b) the missile tank pressure must be 
higher requiring heavier tank pressurization 
system. 


The mixture ratio is usually selected to give 
the best performance, with some consideration 
of cooling characteristics and missile balance 
(center of gravity) problems. 


15-5.3 DYNAMIC EQUATIONS 


A basic power control system!® for a variable 
thrust, bipropellant, pump fed rocket engine 
is shown in Figure 15-36. Thrust chamber 
pressure is sensed and compared with refer- 
ence pressure which is proportional to the 
desired thrust level. The resultant error signal 
is supplied to a suitable controller which posi- 
tions a contro] valve in the turbine gas supply 
duct in order to achieve correspondence be- 
tween the actual and reference thrust levels. 


The fundamental rocket engine dynamic 
equations!! are tabulated in Table 15-6. These 
equations provide a representation of rocket 
engine performance over a large thrust range 
which is quite valid for a control system and 
transient performance study. The major as- 
sumptions implicit in these equations are: 


(a) constant pump suction pressure, P, 


(b) constant characteristic velocity for 
the turbine and thrust chamber gases, cr* 
and c* 

(c) turbine gas spouting velocity, Vr, not 
a critical function of shock or underexpansion 

(d) combustion lag time t independent of 
chamber pressure??.18 

(e) propellant lines sufficiently short for 
lumped parameter representation! 

(f) constant turbine wheel blading co- 
efficient 


(g) constant specific heat ratio for gases. 


The interrelations between the various com- 
ponents and their defining equations are illus- 
trated by the block diagram of Figure 15-37. 


15-5.4 ROCKET ENGINE SYNTHESIS* 


Three sets of quantities that must be known 
accurately in order to design a liquid rocket 
engine are 


(a) the chamber and nozzle dimensions 


(b) the heat transfer and cooling system 
specifications 


(c) the hydraulic and geometrical para- 
meters of the injector 





Figure 15-36. Variable Thrust, Pump Fed, Bipropellant, Liquid Rocket Engine System 


From: Jet Propulsion, January 1957 
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TABLE 15-6. GENERAL ROCKET ENGINE DYNAMIC EQUATIONS 


Elements 
Propellant pump 
(n) Flow equation He Pd — Pa 
f 


Equation 
= K,6 = K,Q! 


fr = K; Q 


(b) Power equation 
i 26? + K, é 


Turbine 


(a) Torque balance ld = ur —- up 


(bh) Turbine efficiency = K, mat ee U ) 
T Vr 


ur QU 


Ww 
- oe (KirVr — Kr) 


AxPng 
Cr* 


P 
Vr = K,Cr° [ Ki = Ku P| 


(c) Torque developed 


(d) Weight flow of gas 
into turbine 


(e) Turbine gas spouting 
velocity 


Control valve 
(a) Weight flow of tur- 
bine gas 
(b) Controller 


Wr= 


Wr = Ki3PgA vb 
Ay = Gc(Pcaer — Pc) 


Propellant lines Pa — Pe = RQ? + KiseQ 


Thrust chamber 


For the purpose of preliminary synthesis, 
knowledge of the basic engine dimensions and 
the propellant behavior is all that is needed. 

The quantities that usually must be specified 
initially are thrust F (lb); combustion pres- 
sure p, (psi) ; external pressure p, (psi); and 
propellant chemicals. The c* and L* data for 
specific propellants must be collected empiri- 
cally in advance. 

From the given conditions it is necessary to 
find values of throat area A; (in?); exit area 
A, (in?); chamber volume V, (in*); and pro- 
pellant weight flow rate in m (lb/sec). The 
following procedure may be used: 


(a) Select a value of thrust F’, combustion 
pressure p,, and external pressure 7,; deter- 


(01s + etQor] (t — 1) = Sil Pe + 





Symbols 


head rise 

pump discharge pressure 
pump suction pressure 
propellant weight density 
turbopump speed 
propellant volumetric flow 
pump torque required 
constant 


turbine torque developed 
turbine-pump assembly inertia 
weight flow of gas into turbine 
turbine gas spouting velocity 
turbine efficiency 

turbine wheel radius 

turbine wheel peripheral speed = r 
turbine nozsle area 

turbine noszsle pressure 

turbine gas characteristic velocity 
turbine exhaust pressure 


source gas pressure 

throttle valve area 
compressible flow coefficient 
(Pw/Pg) 

thrust chamber pressure 
controller transfer function 


total line flow resistance 


thrust chamber characteristic length 
thrust chamber throat area 
thrust chamber characteristic velocity 


L 

L*°AcKis ; A 
(os 7 G8 
r combustion lag time 


mine the propellant combination and, if a bi- 
propellant, the mixture ratio r. 


(b) Using empirical data collected from 
static rocket motor tests with the propellant 
at the values of p, and r just chosen, in con- 
junction with thermo-chemical calculations, 
determine the ratio of specific heats y, charac- 
teristic length L*, and characteristic velocity 
c*, The value of y is usually between 1.2 and 
1.3, and L* often lies between 40 and 100 
inches. 


(c) Use the ratio of specific heats y and 
the pressure ratio p,/p, to calculate the nozzle 
coefficient Cy» and the ideal nozzle expansion 
ratio «. Graphs of Cr and « (withthe appropri- — 
ate equations) are shown in Figures 15-38 and 
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Figure 15-38. Cy Versus & for Lossless Nozzle in Vacuum, with y as a Parameter 
From: Space Technology, John Wiley and Sons, New York, 1959 


15-89. Before detailed design begins, the theo- 
retical values of Cr must be corrected slightly 
for friction and divergence of the nozzle, 
Crx =A It Cr. 

(d) Use the basic relation F = Cr pA; 
to compute the exit area A.. 

(e) Use the definition of characteristic 
velocity c* to calculate the total mass flow rate 
m; thus m = p,A,/c*. 

(f) Determine the combustion volume V, 


from the relation V. = L*A, using the empiri- 
cally measured characteristic length L*. 


(g) The ratio of combustion chamber 
cross-sectional area, A,, to throat area, A:, is 
determined from a knowledge of heat transfer 
and structural strength factors. Heat transfer 
is increased if A, is small; stress is increased 
if A, is large. A typical range of A./A; is: 2 
to 6. When this ratio is fixed, the chamtker 
length L, is also determined. 
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Figure 15-39. Pressure Ratio p,/p. Versus Area Ratio A,/A; For Various Values of Parameter 


From: Space Technology, John Wiley and Sons, New York, 1959 
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Using as an example a 1500-lb. thrust acid- 
aniline engine, the described process leads to 
a set of specifications (Table 15-7) listed in 
the order in which they must logically be 
calculated. 


TABLE 15-7. TYPICAL ROCKET ENGINE 
SPECIFICATIONS 


Initial specifications: 
Thrust at sea level, F 
Combustion pressure, p, 
Average external pressure, pg 
Propellant 
Mixture ratio, r 
Empirical data: 
Ratio of specific heats, 2 as 1,25 
Characteristic velocity, ." 4600 ft/sec 
Characteristic length, L* 73.4 in 
Calculated data: 
Corrected thrust coefficient, C 


1500 Ib 

300 psia 
8.5 paia 
acid-aniline 
2.75 


1.35 

5.0 

3.7 in? 
18,5 in? 
7.8 lb/sec 
5.72 Ib/sec 


Expansion ratio, € FA 


Throat area, At 

Exit area, A 

Total weight Tow rate, mg 
Oxidizer flow rate, rh of 
Fuel flow rate, rheg 2. 08 lb/sec 
Combustion volume, V,, 272 ind 
Chamber area ratio, A. ol At 5. 85 
Chamber diameter, Do° §. 25 in, 
Chamber length, L, 11,0 in. 





15-5.5 LIQUID PROPELLANTS 


Liquid propellants for rockets can be divided 
into four major categories: 

(a) Oxygen-kerosene propellants. These 
are used widely in many different ways and 
are relatively well understood. 

(b) High-energy propellants. These give 
about 15 percent more specific impulse and 
permit a 10 to 20 percent reduction in size or 
weight. This performance gain is significant, 
and represents the major area of current effort 
to advance the rocket state-of-the-art. The 
active nature of chemicals such as fluorine 
(F.), hydrogen (H.), and hydrazine (N.H,), 
brings about additional engineering problems 
and complications in engine design, testing, 
operation, and use. 

(c) Storable propellants. These include 
nitric acid, hydrogen peroxide, or some other 
non-cryogenic liquid (not a liquified gas) as 
the oxidizer, together with a fuel that does not 
require special insulation or other special 
design provisions for storage in the vehicle. 


(d) Monopropellants. These can afford a 
very simple system design and may be useful 


for thrust vector control, main propellant 
pressurization, and pump operation. 

Liquid oxygen with kerosene (or sometimes 
alcohol), nitric acid with unsymmetrical dim- 
ethyl hydrazine, and concentrated hydrogen 
peroxide with some hydrocarbon fuels have all 
proved to be workable, practical propellant 
combinations. Others are now being developed. 
The performance of various propellant com- 
binations can be accurately predicted from 
thermochemical analyses accomplished by the 
manufacturer. 


15-5.5.1 Selection of Propellant Combination 


Numerous combinations of oxidizer and fuel 
have possible application to the propulsion of 
tactical missiles. Some of the more extensively 
tested combinations are rated by major prop- 
erties in Table 15-8. Again it is stressed that 
the best propellant from the technical stand- 
point is not necessarily the best after opera- 
tional, logistics, and economic factors have 
been considered. These practical factors are 
subject to constant change as knowledge and 
experience increase. Up-to-date information 
can be obtained when needed from the Liquid 
Propellant Information Agency, Applied Phy- 
sics Laboratory, Johns Hopkins University; 
Silver Spring, Md. Some of the more tangible 
physical properties'® of liquid propellants are 
discussed in the following paragraphs. Tabula- 
tions of physical properties for some common 
fuels and oxidizers are provided in Tables 15-9 
through 15-15 at the end of this section. 


ENTHALPY OF COMBUSTION 

It is desirable that the calorific value per unit 
weight of a bipropellant system be as large as 
possible (see Figure 15-40). 


CHEMICAL REACTIVITY 

The bipropellants should react rapidly so that 
the required residence time for complete com- 
bustion is short. Otherwise, large values of the 
characteristic length L* will be necessary. 

If the propellants are hypergolic the engine 
design is simplified by not requiring an ignition 
system. 

High chemical reactivity is desirable in that 
there is less danger of explosions from un- 
burned propellants accumulating in the com- 
bustion chamber. Furthermore, there is evi- 
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dence that combustion pressure oscillations are 
related to chemical reactivity and the sus- 
ceptibility to them decreases with increased 
reactivity.?¢ 


CHEMICAL STRUCTURE 


The chemical structures of the propellants are 
important since they determine the composition 
of the products of their reaction (combustion). 
Reference to Table 15-8 shows that for the 
liquid propellant systems being: considered here, 
values of J,, as large as 400 seconds are possible 
in the ideal case. Liquid propellants for high 
performance rocket engines must be selected 
from those liquid chemicals whose molecules 
contain one or more of the following elements: 
C, H, O, N, F, B, and Cl. 


AVERAGE DENSITY OF PROPELLANT SYSTEM 


The average density of the propellant (fuel 
plus oxidizer), denoted by p, should be high 
so that the dimensions and weights of the 
propellant tanks, the propellant pressurizing 
system, and the associated plumbing are mini- 
mized. In general, liquid fuels have smaller 
densities than liquid oxidizers so those propel- 
lants giving satisfactory values of specific im- 
pulse with large values of mixture ratio r 
(where r — W,/W, yield large values of aver- 
age propellant density pp. 


The density of a liquid propellant is a function 
of its temperature. In the case of a petroleum 
fuel, such as JP-4 or JP-5, the density also 
varies with its chemical composition. Ordi- 
narily, it is desirable to maintain a constant 
mixture ratio r for the propellants burned 
during the powered flight of the missile, so 
that both fuel and oxidizer tanks will be 
emptied practically simultaneously. To achieve 
that objective some form of automatic propel- 
lant utilization system must be provided to 
maintain r at the requisite value. 

In the case of a long range ballistic missile 
the variations in propellant density due to aero- 
dynamic heating are generally quite small 
because the missile is beyond dense atmosphere 
surrounding the earth in less than one minute 
of the powered flight.” 


BOILING POINT AND VAPOR PRESSURE 


A high boiling point, preferably above 160°F, 
is desirable so the propellant can be stored in 
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lightweight tanks and without excessive loss by 
evaporation. Preferably the vapor pressure 
should be small at temperatures up to approxi- 
mately 160°F. Otherwise, the evaporation of 
the propellant in storage will be excessive and 
vacuum-jacketed tanks may be required. 

The boiling point and vapor pressure char- 
acteristics of a propellant exert a major influ- 
ence upon the design and operating character- 
istics of the pressurizing system, particularly 
in the case of a turbopump system. Because 
of their low weight, high speed centrifugal 
pumps are employed exclusively in the turbo- 
pumps of large liquid propellant missiles. 
Propellants having low boiling points and high 
vapor pressures tend to induce cavitation 
phenomena in the pumps and supply lines. To 
prevent the occurrence of cavitation and vapor 
lock problems the propellant tanks have to be 
pressurized with an inert gas, usually nitrogen 
or helium, so that pressures at all points in 
the feed system are above that inducing cavita- 
tion.!® Propellants having large vapor pressures 
increase the required gas pressures and may 
necessitate increasing the thickness, and con- 
sequently the weights, of the propellant tanks. 


FREEZING POINT 


It is desirable that the propellant remain 
liquid at the lowest temperature to be encoun- 
tered in storage on the ground and in flight. 
For most SAM applications, liquid chemicals 
cannot be considered for use as rocket propel- 
lants if their freezing points are above —65°F. 


VISCOSITY 


It is desirable that the viscosity of a liquid 
propellant be low at all operating tempera- 
tures; preferably less than 10 centipoise at 
—65°F. Otherwise, the pressure drop required 
for transferring the propellant from the supply 
tank and injecting it into the rocket engine 
becomes excessive. 


SPECIFIC HEAT 


If the propellant is utilized for cooling the 
rocket engine. by forced convection, as in a 
regeneratively cooled rocket engine, a high 
specific heat is advantageous. The total heat a 
regenerative coolant can absorb is equal to the 
product of its flow rate, specific heat, and tem- 
perature rise between its inlet and saturation 
temperatures. From a cooling standpoint a high 


TABLE 15-9. PHYSICAL PROPERTIES OF 
DIFFERENT CONCENTRATIONS OF HYDROGEN 
PEROXIDE IN WATER 


Concentration, percent 100s 90 80 
Specific heat, Btu/Ilb°F at 

64.4°F 0.57 0.61 0.65 
Freesing point, deg F 30.4 12.6 -—10.8 
Boiling point, deg F 312 238 269 


Specific gravity (at 64.4°F) 1.450 1.394 1.341 
Viscosity, centipoise (at 

64.4°F) 1.307 1.301 1.297 
Heat of vaporization, Btu/lb 540 588 634 
Vapor pressure, pai (at 100°F) 0.007 0.012 0.016 





TABLE 15-10. PHYSICAL PROPERTIES OF SOME LIQUID ORGANIC AND 
NITROGEN HYDRIDE FUELS 


Heat of 
Av. Specific Formation Specific Heat 
Molecular Gravity Melting _ Boiling Q C> 
Weight ? Point Point (kcal/mol) (Btu /ib°F) 
m (@ temp. °C) °C °C (@ temp. °C) (@ temp. °C) 





Freese Flash 
Hydrocarbon Distillate Gravity Point Point 
Fuel Range, °F deg, API °F, max °F, min 


JP-1 400-570 110 


JP-3 150-500 NR! 
JP-4 
JP-5 
JP-6 
RJ-1 
RP-1 
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TABLE 15-13. PHYSICAL PROPERTIES OF LIQUID OXIDIZERS 


Av. 


Molecular Density 


Weight 


A. OXIDIZERS CONTAINING FLUORINE 


38 

92.5 
175 
137 
222 
260 

71 


p 
(g/cc) 


1.55-'8 
1.7732 
2.47% 
2.84° 
3.5 

2.8 
1.54719 


Melting 


Point 
°C 


—217.9 
—82.6 
—61 

8.8 
—8 
§.5 
—209 


B. OXIDIZERS CONTAINING OXYGEN 


SBESESSe Be 


1.147183 
1.717) 


1.44%¢ 
1.51% 
1.45% 
1.23-8 
1.27—161 
1.65" 
1.56% 
1.53714 


1.45-'87 
1.43% 


—218.4 
—251.4 


—0.9 
—41.6 
—-11.3 


— 102.4 


— 163.6 
13 
—54 

— 223.8 


—218 
—145 


Boiling Vaporization 
Q. 
kcal/mol 


Point 
°C 


— 188 


—111.5 


150.5 
86 
21.0 

—88.5 
— 151.8 

125.7 

60 
— 144.8 


— 186 
—56 


Heat of 
Formation Specific Heat 


Q C, # 
(@ pei °C) (@temp.°C) (@ temp. °C) 
kcal/mol cal/C/mol centipoise 


Heat of Viscosity 


SB 
: 


e eee 


& 


- 8&8 


Notes :—Superscript denotes temperature of measurement in deg C. 
* MON—mixed oxides of nitrogen (equilibrium mixture of NO; and N;0,). 
** SFNA—stabilized fuming nitric acid (83.5% HNOs, 14% NO:, 2% H:0, 0.5% HF). 
RFNA—red fuming nitric acid (84% HNOs, 14% NO;:, 2% H:;0). 





TABLE 15-14. PHYSICAL PROPERTIES OF OXIDIZING COMPOUNDS 
CONTAINING FLUORINE AND OXYGEN 
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p 


Melting 
Point 
°C 


Boiling 
Point 


C, 
(kcal/mol) 
(@ temp. °C) 


Q, 
(kcal/mol) 
(@ temp. °C) 


Qrep 
(kcal/mol) 


—] 4-188 


11.3738 


ee ee 


TABLE 15-15. PROPERTIES OF NITROGEN OXIDES 


Av. 
Molecular 
gh 


g/cc 


Density 
(@ temp. °C) 
rs 


* N;O; sublimes and decomposes rapidly above room temperature. 
** Solid NO; was trapped at — 185°C but began decomposing rapidly at — 143°C. 
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Btu/ x 10° SOURCE: OLIN MATHIESON CHEMICAL CORP 


Figure 15-40. Enthalpy of Combustion in BTU/LB 
of Several Fuels with Oxygen 


saturation temperature is also desirable. The 
saturation temperature should be at least 300°F 
but should not exceed approximately 700°F if 
the wall temperatures are to be kept from 
becoming dangerously high.!® 


CHEMICAL STABILITY 


The propellant should be stable chemically 
when stored within the desired temperature 
range for reasonable times. It must also be 
stable at the temperatures it will encounter in 
the operation of the rocket engine. In that 
connection liquid chemicals which decompose 





and deposit salts when utilized as a regenerative 
coolant may not be usable for certain applica- 
tions.?° 


It is preferable that the liquid propellant 
shall not decompose violently when heated, nor 
should it be sensitive to shock. 


CORROSIVITY 


It is desirable that the propellant have a low 
chemical activity with the materials used 
for storage containers, valves, piping, rocket 
motors, bearings, pumps, gaskets, etc. Other- 
wise, problems arise concerned with the storage 
and handling of the propellant, and the design 
of engine components. 

Ordinarily, the fuel component of a bipro- 
pellant combination introduces fewer material 
selection problems than the oxidizer. Never- 
theless, the compatibility of the fuel with avail- 
able construction materials should be con- 
sidered, since several of the possible fuels do 
attack the more common metals and plastics. 

The selection of the most appropriate mate- 
rials for all of the components of a liquid 
propellant rocket engine is one of the major 
problems entering into the design and construc- 
tion of a satisfactory engine. 


TOXICITY 


It is desirable that the toxicity of the liquid 
propellant be low so that it can be handled 
with conventional equipment and procedures.?! 
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AVAILABILITY 


Rocket propellants which would be used in 
large quantities during an emergency, must 
either be readily available or their production 
potential must be ample to meet the anticipated 
demand. 


COST 


In evaluating the cost of propellants, the total 
amount of propellants supplied to the missile 
from the time it is placed in service readiness 
to the completion of its firing must be taken 
into account. It is the total impulse of the 
missile divided by the cost of all of the propel- 
lant consumed that determines the impulse per 
unit of cost. Of course, a large value of impulse 
per unit of cost is desirable. 


15-6 AIR BREATHING ENGINES* 2° 

The air-breathing engine, since it depends 
upon the oxygen from the atmosphere, has some 
limitations. Consider first the high altitude 
limitation. The density of the air above 60,000 
feet is less than 10 percent of the sea level air 
density. As a result, an air-breathing engine 
must move through the atmosphere more 
rapidly to capture a sufficient amount of air 
per unit time to produce a given thrust. More- 
over, the lift force on wings at these altitudes 
is quite small so the velocity of movement must 
be high. Thus, this limitation, for aerodynamic 
vehicles, appears when the engine can no longer 
supply a thrust equal to the drag. 


If the flight velocity of a missile is high, the 
stagnation temperature of the air is corre- 
spondingly high. This means that the surface 
temperature of the aerodynamic vehicle will be 
much greater than the ambient temperature 
of the atmosphere. The high stagnation temper- 
ature of the air also creates a problem. In an 
air-breathing engine the addition of fuel 
further increases the stagnation temperature 
of the air. For structural reasons there is an 
upper limit to the allowable temperature of 
the fuel-air mixture. If the air is brought 
almost to the limiting stagnation temperature 
before entering the combustion chamber, less 
fuel can be added to the stream of air. Con- 
sequently, there is a speed beyond which steady 
flight is not possible. The materials which are 
used for the combustion chamber (s) of the air- 
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breathing engines influence the maximum speed 
which is permissible. 


Another limitation to air-breathing engines 
is a result of ram air pressure at any altitude. 
The free stream air on entering the combustion 
chamber(s) of air-breathing engines is slowed 
so that the actual pressure in the combustion 
chamber is also at or near the stagnation point. 
Thus, for a given wall strength of the com- 
bustion chamber, there exists an upper limit 
to the combustion chamber pressure. 


The result of these limitations is reflected 
in performance curves (net thrust coefficient 
versus flight speed) which are used to evaluate 
air-breathing engines. An example is shown 
in Figure 15-41. 


15-6.1 OPERATION OF AIR-BREATHING 
ENGINES 


To describe the theoretical performance of 
air-breathing engines it is convenient to follow 
a given mass of air through a turbojet. The 
turbojet consists of an inlet or diffuser, a com- 
pressor, a combustion chamber, a turbine, an 
after-burner and a nozzle. A typical turbojet 
engine is shown in Figure 15-42. For pre- 
liminary design estimates of what can be 
achieved from a turbojet engine, the pressure 
drops due to friction in the combustion cham- 
bers, after-burner and nozzle will be neglected, 
since they are relatively small. The major com- 
ponent efficiencies which will be included are: 
diffuser efficiency, compressor efficiency, burner 
pressure loss, turbine efficiency, and after- 
burner pressure loss. Since the emphasis is on 
flight at supersonic speeds, only supersonic 
diffusers will be considered. 


A supersonic diffuser is employed to slow 
the air from its free stream velocity to a low 
enough velocity to permit the compressor 
blades to operate efficiently. (Supersonic flow 
over the blades results in shock waves on the 
blades.) If no diffuser is provided at super- 
sonic speeds, the penalty is a reduction in the 
stagnation pressure appropriate to the change 
in stagnation pressure across a normal shock 
at the flight speed.2* The seriousness of this 
condition may be seen from Figure 15-43a. A 
converging-diverging diffuser is the simplest 
type of diffuser which may be employed. It is 
designed to swallow the shock ahead of the 
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Figure 15-41. Thrust Coefficient Versus Flight Speed for an Air Breathing Engine (Turbojet) 


15-63 





0 | 2 34 5 6 7 8 9 


NACELLE REMOTE 


ACCESSORIES 






NOZZLE 
FAIRING 


AFTER 
| || fem “: NOZZLE 


EXHAUST 





COMPRESSOR 
COMBUSTION 
CHAMBER 
TURBINE 


Figure 15-42. Typical Turbojet Engine 


15-64 


—— 06 F- FEEEEEEEEE EEE EEE EEE 
rH FEEEEEEEEENM EE EEE FEE 
id sm \ aaa a e060 MB NSt~—~—~—OCi Se 


(a)PRESSURE LOSS ACROSS NORMAL SHOCK Y = 1.4 
EMRE EET HTT ELE ET EET Pe SESdSSSS 
HUTLECTTTINGT STE TEE EEE EE 
PATE LETENUEIEETITTE pyp <P HEE EEEE 
HA HHT HEHE 


LETTE ih REL 
POEUN tie] [FREE Steam EEE 
0.6 Yt ————s«é 

















i) Baas a +} ay a BReEs@ f ee eee ee 2 
ECHL EH EEEHEEE-HEEEEENEELTEEH sock RONT {HHH 
ARaT - | 





BEGGARS ARR ARAOCR., CHAAR TRERTKAHTHERRAT WH PKA ERRETHPKKORPENSBHGwE 
te ed Bl be i — SRR DESH OU RA ESET TART CATENHASSAHRAGB Ne MAES 





peed be My tt ety tig t tty td tb td a ett ft dt 
= 


Saeeue SESSSSSSNS SEGRE SSSEE ER, SESESS SESE SSSEes Geass sees eeeee 


2.0 30 
MACH NUMBER 
(b.AIA RAM RECOVERY 


= 
~Se 
SERBS BERR SHEER. “CRE RERSRSRERE ORR SE ERS SE BREESE ROR BREE SERRE REE EERReeR ee 


saane ans RORGEES, WE ESRRPGRARG OBER Be Hee anaona BOGE SSECRSSCRS RESESEeeee eee 
TTrTTII Iti tt tit titm LL It IITTLi IL Litti LLL Li LLL Lie LLL ELE LE LLL LL 
saan & TTT LIE PLL LIE LI LEELLEOEOLEOLEEL LE LLEUL LEE ELEC LELLELLEELCLLELELLLLL 
aa 1 SUBLHLeAs 2 HOGEESARDASHETSSH ERK Heeaee “ SESE GREER SESE E Sees eee 
ae Tih] ni ShER ERROR Gp \GRS 008 SERGE REESE Reeee ees TTTTT EL LELLELL LLL LELLLL 
cone rT sane & woone ceuccee Pet ' 
0.8 SREB AORAT RADE SRBPAABEHa “GRRE BERRRORARRB ERE 
Saeneuens aan suena Tmt x p 1.5 
x a acces 5 SES 0G8ne08. Caane M— | 
S005 R0ee0 SeeeenenE SSSGRS0R0. CORSSEaenGEeeeeREn t2 
Seah swe w A 2 SG0 CERES BROS E ERs, CERES eee | 
Teri CELE LiL Cee LEPCcLe Lele Lm err) Lie ct ee 1 
S0aee80e00 5058 SSRG08 SEGRE EGREE DR. ‘GUES0008 SEGRaRR p Le) 
awe Sennanns Eich acua. aes tO 
CRCSSERRRA ToS GS S0000 RGGReRREEE TW LLL LLL LLL 
PaRathaeee a aes A SRRGSASTASSERe SEG) \GG000 SEGRE REGERSREESSEEES SEES TOOT Ih 
0.6 BPH RAR BASE B RRB REE SS ES ASRS BE SAR SBS NSB SRSD ERASE SSSESRRRRHERERASPERARS SCENE BESS 
san AS ERSSHT NIRS UBERE AEH Se RRS Se mee. SEBSRSENRSPERSRORSRERAREKETASRESAHSH Ae 
au 7 AE508 MSSETK LOM z TT et OLE LE LL ELLE LL LLL EEL LILLE LEE_E_ELE&EUIL LLL 
am 8 TTCEEPLELLGT LIEL LEP LEE LT CLE TITITITILILILLLIL TELE LEE EEL EEL 
RUB Ha s BES6 CUES 6 BERGE BEERS CRESS SSS ‘SSUES SEEES BEES CSE eee eee 
TLE Tite elL Che Err rreil ri eee LeELirLeiMerl iii irri itereceitrtLeLLtLeriliaia tia eo 
TLE eric pare arr a TITLED LL Cert LECL LEE LiL Le ereiia Pili een ef) 
H an TTT & HAR Soa SERS CSRGR EERE, VERE SESES REESE Cees BRS ee eee 
ao TTITTTLLICLIILILLLELI LLL eeLieeiLirecereireeiriel 
a a He wu a@anGRS sean 22S 52 CH RESTOR WiiiiitiiitilllliitLiit Li Ei tTELLL 
in TTT Oe L$ xLELLLLLLILLALLLLLLELILLLLLEELLL EEL LE LLL ELLIE LL 


0. 4 : HH ae Bo HHA sone saeaanee seasee EGA. REPRE ABARAT peseeeeree BoeaR 
BURMA RoaRS wee ne ptt tds fo cae SS RRRR. CRORE REERS CREASE SAREE REeeE eRe 

a 8 H Sa -| OGG RSRRARRB RAS H BSEGEA \SSER SESSA + BURRANE SB 

: 4 ae HORS R Sem : eeeeeaee SS RSRSR) VEER SAREE REREE RRR Eee eee 

& FRERAARTERSASSSHARHAA SACRA ES. SSP SPRAISMEHGRTERRAH RRO RE RN ASH 


SUTTER SETHE EEE 
Ob deddanel eee a tedeoees 20 geaaset eee eget eet ttt Hae TPE HEE 
LO 2.0 3.0 4.0 §.0 
MACH NUMBER 


Figure 15-43. Air Inlet — Diffuser Characteristics 
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inlet. Swallowing entails the movement of the 
shock wave into the diffuser, establishing super- 
sonic flow in the converging section. The crite- 
rion for swallowing is that the area ratio 
between diffuser inlet and diffuser throat be 
such that with a normal shock at the inlet, 
the flow at the throat will be sonic. The operat- 
ing condition for the diffuser is with the shock 
wave at the diffuser minimum area. This will 
result in the least loss in stagnation pressure 
since the Mach number of the flow is least at 
this point and the shock loss is correspondingly 
small. In practice, dependent on the noise level 
of the compressor, the shock is positioned 
slightly downstream of the minimum area so 
that the shock will not be forced out of the 
diffuser by the compressor fluctuations, For 
this type of diffuser the shock wave will not 
be swallowed until the design Mach number 
is reached. At Mach numbers higher than the 
design Mach number, the diffuser will operate, 
but with lowered efficiency. Once the shock is 
swallowed, however, it will not move forward 
of the diffuser throat if the speed falls below 
the design Mach number but will remain at 
the minimum section. 


More complicated diffusers with higher effi- 
ciencies can be built which slow the flow 
through a series of oblique shocks rather than 
through a normal shock. This is of course 
always more efficient. Thus, spiked diffusers 
and modifications thereof are common on the 
inlets of supersonic aircraft or missiles.** These 
again have an optimum design point but will 
operate over a limited range. For design pur- 
poses, if a more complicated diffuser is desired, 
its performance may be estimated by using 
the AIA Ram recovery curve which is given 
in Figure 15-43b. The following equation may 
be used to take the flow from station 0 to 
station 2 at the compressor entrance. 


2 
T,, =(1+—) To=T, =T1, 





(15-77) 
2 \ 3.5 
Pt, = Do ( 1+ =) 
(15-77a) 
for Y= 1.4 
na = diffuser efficiency = 2 (15-77b) 


to 
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The subscripts, ¢, following the temperature 
and pressure refer to the stagnation conditions. 
The number subscripts refer to the engine 
stations. 


The next stage in the engine is the com- 
pressor. Present day axial flow compressors, 
properly designed, can achieve 85 percent 
efficiency. The compressor efficiency is all that 
is required to take the flow from station 2 to 
station 3, given the shaft power. The shaft 
power can be determined from turbine calcula- 


tions which follow: 
(ey 
Pte 


(15-78) 


>. = compressor efficiency = 





Tt, 
P, = shaft power = P, T;, cats | 
Ti 


(15-78a) 


(where P, = compression power) 


Yr, == compressor ratio = “ (15-78b) 
to 

The stagnation temperature at 3 must not ap- 
proach the stagnation temperature at the en- 
trance into the turbine stage; this limits the 
compression ratio across the turbine. Studies of 
engine cycles with 100 percent component effi- 
ciencies show that the optimum value for T;, 
(giving maximum thrust with afterburning) is 


ve Tu, + T:, 


t,.=—> 


(15-79) 


where 


Ty, = turbine blade limiting temperature 


Between stations 3 and 4 of the turbojet en- 
gine is the combustion chamber. In this cham- 
ber, fuel is added to the flow and burned, thus 
changing the stagnation temperature of the 
flow. To calculate the pressure drop associated 
with combustion, the manner in which the heat 
is added must be defined. Present engine char- 
acteristics are adequately described using con- 
stant area heat addition.25 Although the losses 
are greater than other processes for adding 


heat, the net result is usually a smaller combus- 
tion chamber and consequently a smaller engine. 
With constant area (neglecting friction losses 
due to both skin friction on the walls and the 
flame holders) the pressure loss may be calcu- 
lated since the conditions both before and after 
combustion must lies on a Rayleigh line. To lo- 
cate the particular Rayleigh line the initial con- 
ditions before heat was added must be known. 
These initial conditions are generally deter- 
mined by the properties of the fuel (flame 
speed)? and the characteristics of the flame 
holder.?7 Once the initial conditions are ascer- 
tained, the conditions at the end of combustion 
are determined. However, the flow approaches 
Mach 1 due to heat addition, and since mass flow 
per unit area is a maximum at Mach 1, heat 
cannot be added without changing the condi- 
tions upstream of the combustor. This phenom- 
enon is known as thermal choking. An upper 
limit for the stagnation temperature of the fuel 
air mixture is determined by the structural 
characteristics of the material which is used in 
the turbine blades. The final temperature of the 
fuel air mixture is also limited by the energy 
content of the fuel.2® 28 The most severe of these 
limitations is the stagnation temperature limita- 
tion of the air leaving the combustion chamber 
which is imposed by the turbine blades. The 
stagnation temperature of the fuel air mixture 
cannot exceed a value which would reduce the 
strength of the turbine blades so that they would 
fail. A reasonable upper limit for turbine blade 
temperature is about 2260°R (1800°F). The fol- 
lowing equations may be used to take the flow 
from stations 3 to 4 in a constant area combus- 
tion chamber. 


Ty FF (My) _ Puy _ F (1.0) 
Tr, F (Ms) Ti F (Ms) 


where 





(15-80) 


we (4 pa) 
ate 


Rayleigh line Mach number function 
for stagnation temperature ratio (Fig- 


F (M) = 


ure 15-44) 
Puy _ G (M4) (15-80a) 
Dts G (Ms) 


where 
[a+ toto 


1+ y M? 


Rayleigh line Mach number function 
stagnation pressure ratio (Figure 


G (M) = 


15-45) 
A pressure loss coefficient, ne, may be defined as 
sie (15-80b) 

Pts 


Between stations 4 and 5 is the turbine of the 
turbojet engine. This turbine has two purposes 
in the engine. It is used to drive the compressor 
which compresses the incoming air and also to 
supply prime power to accessory power units. 
The turbine efficiency, usually about 85-88 per- 
cent, is all that is necessary to take the flow from 
station 4 to station 5. The following equations 
are used for that purpose: 


—_ (F4) 1/8.5 
T, 


were (15-81) 
(2 
ee pe 
Pt, 
fory — 1.4 
T 
turbine power = p, 7, ( 1— 7) (15-81a) 
% 


Since friction losses are neglected, the flow at 
station 5 and station 6 has the same stagnation 
pressure and stagnation temperature. 


T't5 — T's (15-82) 
Pt, = Pty (15-82a) 
M, = alow Mach number, approximately 0.2 


Heat may be added again to the flow in the 
afterburner thus increasing the specific energy 
of the element of flow which is being pursued.”* 


In the afterburner there is no material limita- 
tion imposed by the blades of rotating machin- 
ery. With current techniques of using cermets 
(the bonding of ceramics to metal surfaces), 
afterburner liners can be built which will stand 
temperatures up to 3800°R. Again, the pressure 
loss due to combustion is calculated making use 
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Figure 15-45. Rayleigh Line Mach Number Function for Total Pressure 


0.2 


of the Rayleigh line and the conditions at the 
entrance to the exhaust nozzle. Thus, to take the 
flow from station 6 to station 7 the following 
equations are required: 











T 

ty _ F (M1) _ TM? _ F (1.0) (15-83) 
Tr, F (Me) Ti, F (Me) 
Diz __ G (Mz) pressure loss coefficient 
Dig ~ G (Mg) — in the afterburner 


(15-83a) 


where F' (M) and G (M) are defined as before, 
and 1, — afterburner efficiency. 


Assuming further that the exhaust nozzle is 
designed to expand the air isentropically to at- 
mospheric pressure, the thrust per unit mass 
flow of air flow through the engine may be cal- 
culated. A nozzle of this description is called a 
variable geometry nozzle. That is, it would 
change shape appropriate to the flight speed and 
altitude and result in complete expansion to at- 
mospheric pressure. Thus, to take the flow from 
station 7 to station 9 through the ideal nozzle 
the following equations apply. 





Dig = Pty (15-84) 

9 =p, (atmospheric pressure) (15-84a) 
thus 

Ra(R)G) asa 


A chart for p,/p;, versus Mach number is 
shown in Figure 15-46 and the pressure ratio 





D:,/P, may be calculated: 
Pt, Pts Pts 
a ( ) rag ( ) 
Pt, = (Na) = De, Yo & Na 


(15-85) 


The resulting pressure ratio p»/p:, may be 
used with Figure 15-44 to find Mg. 

A convenient term for determination of the 
velocity at 9 is U/a; = K (M), the velocity of the 
stream divided by the stagnation sound speed. 
This quantity (only a function of M) is plotted 
versus Mach number in Figure 15-47. 


15-6.2 TURBOJET EQUATIONS 


The previous section discussed a method for 
taking the flow from station 0 to station 9 for a 
turbojet engine with afterburner. The thrust 
from the engine, assuming atmospheric pressure 
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at both the entrance and exit planes and the cowl 
of the engine, may be written as 


net jet thrust = p, U, A, (Us, — U,) 
where 


(15-86) 


po = atmospheric air density (slugs/ft*) 


U, = free stream velocity relative to engine 
(ft/sec) 


A, = “— area captured by diffuser 


U, = velocity of exhaust gases (ft/sec) 
A net jet thrust coefficient may be defined as 
thrust (F') 
q (Ar) 


and with respect to Ag, the afterburner cross- 
sectional area, as 


2p,U, A 


Cr,, = (15-87) 


Cr,; = x U cae (U, — U,) (15-88) 
=2(4)(-1) oem 


and with the following substitutions, previously 
described, 


Us _}/ 2% [K Mo) 
U, T;, |K (M,) 
an 


=|] H (M.) 
Ag LelTs, H (Me) 


The net jet thrust coefficient is expressed as 


co. ao) 2iefP| [A e) 
"1S T16/T:, | |H (Me) 
Te: Gat 
7; Garay 


This expression was used with the following 
parameters: 


(15-89) 


(15-89a) 











—1 (15-90) 


T, = 400°R 
Ty, = 2260°R 
Ty, = 3800°R 
M,. = 0.2 


Ne = (from AIA Ram recovery chart) 
No w= 0.86 
Yr = 0.85 


to compute the curves shown in Figure 15-48. 
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Figure 15-48. Comparison of Ramjet and Turbojet Thrust Coefficients for Same Conditions 
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ratio of 4.5 to 1.0 and the conditions expressed 
earlier. This curve shows what can be achieved 
with this compression ratio and the particular 
values for the parameters presented. 

A third plot on this curve is a ramjet net jet 
thrust coefficient for the same cycle parameter 
as for the turbojet. The derivation of this curve 
is presented in the following section. In addi- 
tion, a drag coefficient for the external drag of 
a well designed nacelle for air-breathing engines 
is included in Figure 15-49 based on the same 
reference area as the turbojet, namely the com- 

The missile designer when considering a spe- 
cific type of turbojet engine must have perform- 


bustion chamber. 
operational flight performance. For an engine. 


compression ratio turbojet, for a compression 
ance charts for that engine to estimate missile 


15-6.3 TURBOJET PERFORMANCE 
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Figure 15-49. Typical Drag Coefficient for Pod Mounted Turbojet Referred to Combustion Chamber Area 
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with a fixed-area jet nozzle, an exhaust nozzle 
having an invariant exit area, its performance 
characteristics at any flight speed and altitude 
are determined by the rotational speed of the 
engine, flight speed, and altitude. Since changes 
in the engine operating conditions affect the 
component efficiencies: these effects must be in- 
cluded in the performance charts. 

The design point performance of a turbojet 
engine depends upon variables such as those 
listed below. 


Diffusion efficiency Na 
Compressor pressure ratio 0 
Cycle temperature ratio a 
Flight speed Vi 
Compressor isentropic efficiency 1, 
Turbine isentropic efficiency N 
Combustion efficiency Np 
Weight rate of air flow G. 


In judging the suitability of a turbojet engine 
for a specific propulsion problem the following 
are to be considered: 


(a) the thrust developed per unit of frontal 
area (F'/A,) 

(b) thrust per pound of engine (F'/W,) 

(c) thrust specific fuel consumption 


(TsFC — 3600 <) 


The parameter F'/A, is a measure of thrust 
available for overcoming the combined drag of 
the airframe and engine. To achieve high flight 
speeds, this parameter must have a large value, 
and as flight speed increases this factor becomes 
increasingly important due to the drag charac- 
teristics of air flow. The parameter F'/W, is a 
measure of the structural weight, the fuel 
weight, and the useful payload weight that a 
missile can carry at a given flight speed. En- 
gines having a large value of thrust to weight 
ratio make possible a larger payload or a larger 
quantity of fuel. The specific fuel consumption 
(TSFC) and thrust to missile weight ratio 
(F/W.) are useful parameters in determining 
the range of a vehicle since for a given fuel load 
greater ranges may be had with low TSFC and 
high F'/W,. 





15-6.3.1 Static Sea Level Performance 


The basic comparison of turbojet engines is 
based on sea level performance of the engines. 
Figure 15-50 exemplifies sea level thrust relative 
to turbine inlet temperatures as a function of 
compressor pressure ratio. Many general char- 
acteristics may be observed from Figure 15-50 
that apply to all operating conditions. It is seen 
that higher specific thrust is available with 
higher turbine inlet temperatures and that in- 
creasing the turbine inlet temperatures results 
in the more desirable “flat” thryst character- 
istics. 
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Figure 15-50. Turbojet General Characteristics 


It should be noted, however, that for pressure 
ratios less than 4 to 1 a slight reduction in com- 
pressor pressure ratio results in a large decrease 
in specific thrust. Equally important from the 
design standpoint is the fact that for higher 
turbine inlet temperatures the peak value of spe- 
cific thrust occurs at higher pressure ratios. 

Figure 15-51 presents the thrust specific fuel 
consumption (TSFC) as a function of the com- 
pressor pressure ratio. 

Since the TSFC is inversely proportional to 
the thermal efficiency of the engine in the case 
of static operation, it would be desirable to select 
the operating pressure ratio for a given turbine 
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Figure 15-51. Sea Level Static TSFC 


inlet temperature so that the specific thrust is 
a maximum and the TSFC is a minimum. Refer- 
ence to Figures 15-50 and 15-51 shows that such 
a selection is not possible. For any value of the 
turbine inlet temperature 7,, the compressor 
pressure ratio which gives the maximum value 
for TSFC is significantly larger than the com- 
pressor pressure ratio corresponding to the 
maximum value of the specific thrust. Conse- 
quently, in selecting the design value for the 
compressor pressure ratio a compromise is nec- 
essary between the desire for maximum specific 
thrust and minimum TSFC. Hence, the selection 
of engine operation is a compromise between the 
requirements of thrust and fuel economy. 


15-6.4 RAMJET EQUATIONS 

The net jet thrust for the ramjet may be ex- 
pressed in the same manner as for the turbojet. 
One difficulty is evident in the nomenclature 
since the ramjet engine has fewer stations than 
the turbojet. Consequently, a different station 
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numbering is usually used. A typical ramjet en- 
gine is shown in Figure 15-52. By noting the 
station numbering for a ramjet and turbojet 
and referring to Paragraph 15-6.2, the thrust 
may be written in ramjet station nomenclature 
as 


Fay = po Ao U, (U, — U,) 
where 


(15-91) 


po = atmospheric air density (slug/ft*) 


U, = free stream velocity relative to engine 
(ft/sec) 


A,= ae area captured by diffuser 
t? 
U., = velocity of exhaust gas (ft/sec) 


and the net jet thrust coefficient Cr,, written 
directly in ramjet station nomenclature as 


4 * LK K (Me) | K (M.) _ 


(15-92) 





by noting that station 3 for a ramjet is just fol- 
lowing the diffuser, which is functionally identi- 
cal with station 6 of the turbojet. Thus it fol- 
lows that 


Pts/Dt, “Pg 








JTJT., our = Ne (15-93) 
ts/ + t, to 
since 

Pts — Pts 


T:, = T:,=T;, (approximately in the real 
case, exactly in the theoretical case) 


Consider the same set of conditions selected for 
the turbojet engine, 


Ty, = 3800°R, maximum temperature of com- 
bustion chamber liner 


T, = 400°R 
M; = 0.2 
and take yn, from the AIA Ram recovery curve. 


The variable geometry ramjet engine using 
these conditions was analyzed and the resulting 
thrust coefficient plotted as a function of Mach 
number in Figure 15-48. Using this data and 
the drag curves for a pod mounted ramjet with 
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Figure 15-52. Typical High Mach Ramjet Configuration for External Mounting 


a fairly well designed nacelle, the resulting net 
thrust coefficient, Cr,, is plotted in Figure 
15-53. The drag coefficients for this nacelle are 
plotted in Figure 15-54. The external drag 
coefficient is plotted along with a cold flow drag 
coefficient for use if such information is needed 
for design purposes. Cold flow drag is the drag 
attributed to an engine with no fire in the 
combustion chamber. This drag occurs when 
an engine is boosted by rockets to the ignition 
velocity or ramjet takeover speed. It is also 


apparent in the case of a flame-out of the 
engine during operation. 


15-7 COMPARISON OF PROPULSION 
SYSTEMS 

Table 15-16 presents a general comparison of 
propulsion system characteristics. Table 15-17 
is a comparison of selected characteristics of 
liquid and solid propulsion systems. Figures 
15-55 and 15-56 present comparisons of general 
factors to be considered in the selection of a 
propulsion system for a specific mission. 
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Figure 15-54. Typical Drag Coefficients for Pod Mounted Ramjet Referred to 
Combustion Chamber Area 
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TABLE 15-16. REACTION MOTOR CHARACTERISTICS 


carries own oxygen 


liquid (aniline) 
(alcohol) 


solid (asphalt oil) 
(ballistite) 
(nitrocellulose) 


M = 20 
unlimited 
speed of light 


unlimited 


.05 sec to several min. 


unlimited with 
several stages 


guided missile, 
jato, rocket 


atmosphere 


Jp-3,4 


reed valves 


20, 000 ft 


limited by fuel 


150 miles 


target drone 


atmosphere 


gasoline 
JP-3,4 


yes 


M = 3 
M = 4.0 
unknown 


80, 000 ft 


limited by fuel 


5, 000 miles 


guided missile, 
target drone 





atmosphere 


JP-3,4 


M + 
M 
M + 


w/afterburner 


compressor 
and turbine 


60, 000 ft 
limited by fuel 


5, 000 miles 


aircraft, 
guided missile 


TABLE 15-17. COMPARISON OF LIQUID AND SOLID PROPULSION SYSTEMS 


Chamber Pressure 


Heat Transfer 


Propellant Outage 


Burniog Time & Thrust 


Scaling 


Programming 


Cost® 


Impulse Control 


Performance 


Liquid 


Propellant contained in low pressure 
high efficiency chamber 


Regenerative cooling of chamber 
possible . 


Errors in propellant mixture rate 
can affect performance 


Burning time easily altered; nominal 
thrust altered by lowering pressure 
or shortening uncooled nozzle 


Difficult to scale (complex computer 
scaling analysis has been performed) 


Pressure and thrust may be throttled- 
advantageous for conducting unpredictable 
in-flight corrections 


Conventional propellants low- complete 
system (metal parts, etc. ) high 


Impulse and velocity may be controlled by 
cutting off flow with a valve 


Characteristic velocities 8-20% better 
than solids 


stems 


Propellant always contained at full chamber 
pressure 


Insulation of nozzles 
Mixture ratio frozen at manufacture 


Alteration of burning time limited to charge 
geometry and burning rate; thrust altered by 


modifying engine length 
Readily scaled - leads to reduced develop- 
ment time and costs 


Special charge geometry and programmed 
thrust applicable for predictable thrust 
program 


Loaded high performance propellants high- 
complete system low (engine simplicity) 


Reliable or accurate control difficult 
Improved densities (40-70% better than 


liquids) offset much of the characteristic 
velocity advantage of liquids. 


*In ultimate comparison, the relative costs will frequently be determined by the extent that each influences the 


complexity of their more costly guidance systems. 


Thrust H. P. 
per sq. ft. 
of frontal 
area 


2000 


1000 








In some instances this leads to the desirability of liquids. 
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Figure 15-55. Comparative Thrust Horsepower 
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Figure 15-56. Comparative Fuel Consumption 
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SYMBOLS 


32 Theoretical maximum specific impulse, |,, Ib-sec/Ib. frozen 
3 = equilibrium* 
Theoretical maximum density impulse, |.d, (sec) (g/cc), frozen 
equilibrium * 
Theoretical maximum specific impulse, |,, Ib-sec/Ib, shifting 
equilibrium** 
Theoretical maximum density impulse, I.d, (sec) (g/cc), shifting 
equilibrium ** 
Swt weight mixture ratio, wt. oxidizer/wt. fuel 
fvol volume mixture ratio, vol. oxidizer/vol. fuel 
d bulk density, rot + 1 , g/ce*** 
1 


Pwr 
Gaatttarr Pent 


Te Chamber temperature, F 
C* Characteristic velocity, ft./sec. 
Mc Average molecular weight of combustion products at T.. 
9 
Ce i. te 
Frozen equilibrium: Condition of fixed chemical composition of 
the gaseous products throughout expansion in the nozzle 
Shifting equilibrium: Condition of changing chemical composi- 
tion of the gaseous products throughout expansion in the nozzle 


*** The density at the boiling point was used for those oxidizers or 
fuels which boil below 68° F at one atmosphere pressure 


CONDITIONS 











Combustion chamber pressure = 1000 psia 
Nozzle exit pressure = 14.7 psia 


Opti nozzi nsion ratio ext red. 
ptimum nozzle expansi 7 eT ge 


chamber area 


Contraction ratio 
throat area 


) , assumed to be infinite 


Adiabatic combustion 
isentropic expansion of ideal gas 
Compositions expressed in weight percent 


TO APPROXIMATE |, AND I.d AT OTHER CHAMBER PRESSURES 


PRESSURE MULTIPLY BY 
1000 1.00 
900 0.99 
800 0.98 
700 0.97 
600 0.95 
500 0.93 
400 0.91 
300 0.88 
15-57/15-58 

















nT 
3 6105 126 755 557 


te. 


DEPOSIT 





